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PREFACE 


At  its  Fall  1980  meeting  in  Aix  en  Provence,  France,  the  AGARD  Structures  and 
Materials  Panel  (SMP)  held  a  Specialists'  Meeting  on  “Boundary  Layer  Effects  in  Unsteady 
Airloads”. 

The  meeting  was  conceived,  organized  and  chaired  by  Dr  Gabriel  Coupry  of  France.  It 
was  a  fitting  finale  to  his  term  as  Chairman  of  the  Subcommittee  on  Aeroelasticity  as  he 
moved  to  his  new  post  of  Chairman  of  the  entire  SMP. 

Mr  Walter  J.Mykytow  of  the  United  States  also  played  a  prominent  role  in  the  meeting. 
He  compiled  and  edited  the  comments  of  the  Recorders,  added  his  own  comments  from 
many  years  as  an  outstanding  aeroelastician,  and  prepared  the  Summary  paper. 

I  am  sure  that  all  the  Members  of  the  Subcommittee  on  Aeroelasticity  join  me  in 
dedicating  this  report  to  Dr  Coupry  and  Mr  Mykytow  in  appreciation  for  their  many  years 
of  leadership  in  aeroelasticity. 

JAMES  J.OLSEN 
Chairman,  Subcommittee 
on  Aeroelasticity 
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INTRODUCTORY  REMARKS  ON  BOUNDARY  LAYER 
EFFECTS  ON  UNSTEADY  AIRLOADS 
by 

Helmut  Zimmermann 

Vereinigte  Flugtechnische  Werke  GmbH,  D-2800  Bremen, 
'  Germany 


For  a  long  time  flutter  calculations  for  aircraft  were  performed  satisfactorily  by 
using  unsteady  airloads  which  were  derived  from  thin-wing  theory.  For  flutter  cases  in¬ 
volving  control  surface  motion,  and  for  even  more  complicated  control-surface-tab  systems, 
however,  it  turned  out  that  the  theoretical  values  for  the  coefficients  of  hinge  moment 
nc,  lift  kc,  and  moment  mc  due  to  control  surface  motion  had  to  be  corrected  with  the 
aid  of  more  or  less  suitable  experimental  values.  The  theoretical  value  for  the  hinge 
moment  nc,  as  well  as  the  force  kc,  were  too  large  in  comparison  with  their  corresponding 
measured  values  (Fig.  1).  This  discrepancy  was  ascribed  to  the  fact  that  the  theory  neq- 
lected  airfoil  thickness  and  boundary  layer  effects. 

With  the  emergence  of  the  "advanced  wing”  designed  to  produce  its  optimum  performance 
in  the  transonic  speed  range,  the  "thin-airfoil  forces"  are,  strictly  speaking,  no  longer 
appropriate  fur  flutter  calculations  in  this  speed  range.  The  "transonic  dip"  in  the 
flutter  speed  which  occurs  1  ere  is  not  predicted  by  linear  theory.  The  reason  that  they 
continue  to  be  applied  to  flutter  investigations  is  not  only  that  linear  theory  has  been 
developed  to  the  point  of  being  able  to  handle  a  large  number  of  aircraft  configurations, 
but  also  because  of  the  difficulties  in  theoretically  predicting  steady  and  unsteady  air 
forces  for  the  transonic  range  with  sufficient  accuracy  and  industrially  suitable  methods. 

Whereas  in  linear  wing  theory  the  unsteady  pressure  distribution  may  be  treated  in¬ 
dependently  of  the  steady  pressure  distribution  -  which  properly  reflects  the  physical 
situation  in  the  subsonic  range  -  there  exists  a  strong  interaction  between  steady  and 
unsteady  pressure  ir  the  transonic  range,  i.  e.  the  unsteady  pressure  distribution,  apart 
from  its  Mach  dependence,  depends  on  the  profile,  its  mean  incidence,  and  its  mean  flap 
angle.  During  the  last  few  years  a  number  of  unsteady  pressure  distributions  have  been 
measured  in  wind  tunnels  on  conventional  and  advanced  airfoil  profiles  for  the  transonic 
speed  range.  Furthermore  numerical  methods,  mostly  of  the  Finite  Difference  kind,  were 
developed  to  solve  the  partial  differential  equations  governing  inviscid  transonic  flow, 
the  equations  being  the  Euler  equations,  the  full-potential  equation,  or  the  small  per¬ 
turbation  equation,  depending  on  the  degree  of  simplification.  These  methods  take  into 
account  profile  thickness  as  well  as  shock  wave  effects.  If  no  provisions  are  made  in 
these  calculations  for  boundary  layer  effects,  then  the  following  discrepancies  between 
calculated  and  measured  pressure  distributions  are  likely  to  arise. 

The  inclusion  of  profile  thickness  effects  already  in  the  subsonic  range  leads  to  an 
overestimate  of  the  unsteady  wing  derivatives  ka,  kb,  ma,  mb ,  kc  and  mc ,  whose  values 
(Fig.  1 ,  Fig.  2)  deviate  further  from  measured  ones  than  those  obtained  by  thin-wing 
theoiy.  Only  the  hinge  moment  coefficient  is  improved  by  thickness  effects.  For  the 
transonic  speed  range  the  numerical  methods  mentioned  above  are  capable  of  predicting 
shocks  in  the  pressure  distributions,  at  least  qualitatively,  whereas  the  thin-airfoil 
theory  makes  no  provision  at  all  for  the  existence  of  imbedded  shocks. 

Because  of  this  the  numerical  methods  for  solving  the  transonic  equations  are  basi¬ 
cally  superior  to  the  methods  of  thin-wing  theory.  The  size  and  the  location  of  the  shock, 
however,  are  not  predicted  correctly  by  inviscid  theory,  and  wing  derivatives  are  even 
more  overestimated  than  those  for  the  subsonic  range,  (Fig.  3).  The  main  reason  for  the 
discrepancy  between  measured  and  calculated  pressure  is  evidently  due  to  the  omission  of 
boundary  layer  effects,  bringing  us  to  the  topic  of  our  meeting. 

Most  comparisons  between  experimental  and  calculated  values  have  shown  that  the  in¬ 
fluence  of  viscosity  on  steady  and  unsteady  pressure  is  not  negligible  for  transonic  flow, 
and  for  rear  loaded  profiles.  This  is  not  surprising  since  there  wou.d  be  no  lift  on  an 
airfoil  in  a  frictionless  flow.  The  fact  that  most  theories  for  frictionless  flows  are  so 
successful  in  predicting  lift  depends  on  the  Kutta  condition  which  effectively  replaces 
the  physical  influence  of  friction  in  inviscid  flow.  One  cannot,  of  course,  expect  that  a 
single  condition  like  that  is  capable  of  modelling  all  viscous  effects  in  a  flor.  that  is 
as  complex  as  the  transonic  one. 

If  one  starts  with  a  comparison  of  calculated  and  measured  steady  transonic  pressure 
distributions  for  an  airfoil,  it  turns  out  the  calculated  shock  is  larger  and  is  located 
farther  downstream  than  the  measured  one,  if  the  FD  equations  were  set  up  in  conservation 
form,  meaning  that  the  requirement  of  conservation  of  mass  was  satisfied  across  the  shock. 
If  conservation  of  mass  is  neglected  the  shock  moves  upstream  and  becomes  smaller  and  thus 
shows  a  better  agreement  with  measured  values,  (Fig.  4).  One  physical  explanation  would  be 
as  follows:  if  the  numerical  procedure  does  not  automatically  satisfy  the  continuity 
equation  across  the  shock,  mass  is  in  general  produced  behind  the  shock,  This  can  he 
interpreted  as  a  thickening  of  the  profile  behind  the  shock,  thus  producing  a  forward 
shift  and  a  decrease  of  the  shock  in  the  same  way  as  a  thickening  >f  the  boundary  1 ayer 
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behind  the  shock.  A  similar  result  can  be  produced,  as  Yoshihara  and  Magnus  have  shown  by 
a  "viscous  ramp"  behind  the  shock,  whose  Inclination  and  height  can  be  deduced  from  measured 
shock  values  such  that  calculated  shock  values  match  the  measured  ones. 

In  these  considerations  the  boundary  layer  is  assumed  to  be  adequately  represented 
by  its  displacement  thickness  on  the  airfoil.  Is  this  approach  to  the  problem  correct? 

What  really  happens  in  the  flow  in  the  vicinity  of  an  airfoil?  Because  of  the  no-slip 
condition  at  the  airfoil  boundary  and  because  of  viscosity  vortices  are  generated  which 
are  transported  by  convection  and  diffusion  into  the  flow  region  around  the  airfoil  and 
into  its  wake.  For  unseperated  flows  with  large  Reynolds  numbers  -  which  are  going  to  be 
looked  at  here  -  vortices  are  distributed  by  diffusion  only  a  snort  distance  from  the 
airfoil  wall,  before  they  are  swept  away  by  the  flow.  Outside  of  this  distance,  and  out¬ 
side  of  the  wake  there  are  no  vortices,  i.  e.  the  flow  there  becomes  potential  flow.  The 
region  around  the  airfoil  in  which  vortices  occur  are  the  boundary  layer,  and  a  relatively 
thin  wake.  With  the  exception  of  the  wake  which  is  treated  somewhat  differently,  the 
following  iterative  method  for  calculating  pressure  distributions  is  in  principle  possible: 

(1)  Calculation  of  pressure  distribution  over  the  original  or  thickened  profile 

(2)  Calculation  of  the  boundary  layer  thickness  produced  by  the  previously  calculated 
pressure  distrit  tion 

(3)  Addition  of  the  boundary  layer  thickness  to  the  profile 

This  approach  of  changing  the  profile  by  adding  the  boundary  layer  thickness  presupposes 
that  the  pressure  across  the  boundary  layer  does  not  vary  appreciable.  This  condition, 
however,  is  not  satisfied  for  transonic  flows  in  the  vicinity  of  the  shock  and  the  wake, 
and  is  especially  pronounced  for  supercritical  profiles.  For  this  case  the  boundary  layer 
equations  must  be  extended  to  include  the  pressure  gradient  normal  to  the  boundary  layer. 

This  implies  furthermore  that  the  pressure  distribution  calculated  for  the  thickened 
profile  by  potential  theory  cannot  be  applied  to  the  real  profile  without  some  recal¬ 
culation. 

For  the  purpose  of  the  applications  considered  here  the  boundary  layer  may  always 
be  assumed  to  be  turbulent  except  for  the  nose  region  and  the  very  thin  laminar  sublayer. 

A  deterministic  description  of  the  processes  within  the  boundary  layer  is  not  possible. 

It  consists  of  eddies  which  have  a  micro-  and  a  macrostructure.  The  physical  relations 
in  viscous  flow  are  described  by  a  balance  of  vortex  production,  their  diffusion,  convection, 
and  dissipation. 

The  mean  values  of  the  flow  quantities  satisfy  the  Reynolds-averaged  Navier-Stokes 
equations,  if  the  velocity  fluctuations  are  represented  by  shear  stresses  similar  to 
those  in  laminar  flow.  The  resulting  viscosity  depends  on  time  and  spatial  coordinates, 
and  is  much  larger  than  the  one  defined  for  laminar  flow.  To  determine  these  shear  stresses 
the  turbulence  is  represented  by  various  models.  With  the  aid  of  these  turbulence  models 
the  mean  square  values  and  the  cross-correlation  factors  of  the  velocity  fluctuations  are 
related  to  the  mean  flow  values.  Since  the  Navier-Stokes  equations  contain  only  the  mean 
values  of  the  velocities  and  shear  stresses,  the  relations  between  shear  stress  and 
velocity  furnished  by  the  turbulence  models  close  the  system  of  Navier-Stokes  equations. 

The  turbulence  is  described  by  "eddy  viscosity"  models  of  different  levels  of 
sophistication,  such  as 

(1)  algebraic  relations  derived  from  the  mixing-length  hypothesis 

(2)  the  so-called  k- £  model  which  employs  two  additional  differential  equations 
describing  the  turbulence  energy  k  and  the  dissipation  £  . 

Since,  as  mentioned  above,  viscous  flow  is  confined  to  a  thin  boundary  layer  and  wake 
for  high  Reynolds  numbers,  the  Navier-Stokes  equations  supplemented  by  the  equations 
derived  from  the  turbulence  models  can  be  simplified  to  the  boundary  layer  equations. 

In  these  equations  the  change  in  pressure  across  the  boundary  layer  is  usually  neglected. 

If  the  turbulence  is  described  by  an  algebraic  equation  the  boundary  layer  equations 
can  be  solved  by  integral  procedures.  For  more  complicated  turbulence  models  finite- 
difference  methods  are  used  for  the  solution. 

For  the  purpose  of  modeling  and  solving  boundary  layer  problems,  which  may  also  be 
applied  to  the  wake,  a  number  of  methods  are  available  in  the  literature.  There  also 
exist  a  number  of  solutions  of  the  closed  Reynolds-averaged  Navier-Stokes  equations 
for  the  entire  space. 

Some  of  the  publications  are  associated  with  persons  who  present  papers  at  this 
meeting,  making  it  superfluous  to  enter  into  details  or  to  quote  publications. 
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FIG  2  AERODYNAMIC  TRANSFER  FUNCTION  FOR  TRANSONIC  FLOW 
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AN  ASSESSMENT  OF  THEORETICAL  MODELS 
FOR  VISCOUS  AND  TRANSONIC  FLOW 

Earl  H.  Dowell 
Professor 

Marc  H.  Williams 
Research  Staff 

Princeton  University 
Princeton,  N.  J.  08S44 
USA 

M.  Ray  Chi 

General  Electric  Company 
Evendale,  Ohio  45215 
USA 


SUMMARY 

Some  current  and  proposed  methods  of  treating  viscous  and  transonic  effects  in  theoretical  aerodynamic 
models  suitable  for  aeroelastic  applications  are  reviewed  critically.  Where  possible,  theoretical  results 
of  such  models  are  compared  with  experiment.  Topics  discussed  include  shear  flow  models  (Princeton],  sin- 
plified  models  for  treating  separation  (Sisto,  Princeton,  Chi),  classical  linear  theory,  a  local  lineari¬ 
zation  theory,  a  transonic  linear  theory  (Eckhaus-Wi 11 iams) ,  a  transonic  nonlinear  (small  disturbance) 
theory  (LTRAN2),  the  experiment  of  Davis,  and  the  experiment  of  Tijdeman.  It  is  concluded  that  (1)  shear 
flow  models,  which  have  proven  very  accurate  in  taking  into  account  boundary  layer  effects  for  panel 
flutter,  are  likely  to  be  less  so  for  lifting  surface  flutter;  (2)  an  extremely  simple  model  of  separation 
shows  promise,  (3)  for  many  applications  in  transonic  flow,  transonic  linear  theory  will  be  adequate;  (4) 
as  the  reduced  frequency,  k,  increases  nonlinear  effects  decrease;  (5)  the  concept  of  an  aerodynamic  trans¬ 
fer  function  remains  useful  even  in  the  transonic  regime;  (6)  for  the  transonic  regime  a  composite  aero¬ 
dynamic  representation  in  k  using  various  aerodynamic  models  may  be  extremely  useful. 

LIST  OF  SYMBOLS 

a  one  half  of  peak-to-peak  displacement  of  wavy  wall;  also  plate  length 

b  plate  width 

CL>  CM  lift,  moment  coefficients 

CL  ,  C„  lift,  moment  curve  slope 

a  a 

C„  flap  hinge  moment 

MF 

Cp,  Cp  pressure  coefficients 

c  airfoil  chord 

Cp  flap  chord 

d  stagger  distance 

h  plate  thickness;  also  vertical  distance  between  two  neighboring  blades 

K  (Y+l)  Mft/83) 

k  wc/U^;  reduced  frequency 

M  Mach  number 

N  exponent  in  power  law  for  boundary  layer  velocity  profile 

p  perturbation  pressure 

2  2 

s  blade  pitch  (leading  edge  distance)  for  cascade;  also  (B^tll^/c) /M^ 

t  time 

U,  W  flow  velocity  components 

x,  z  spatial  coordinates 

xpcH  pitching  axis  location 

•The  work  described  here  was  supported  by  the  NASA  Ames,  Langley,  and  Lewis  Research  Centers  and  also 
the  Pratt  and  Whitney  Corporation. 
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INTRODUCTION 


wavenumber;  ;  2 n  divided  by  wavelength 
TT/2  -  Y 

mean  incidence  angle 

mean  angle  of  attack;  dynamic  angle  of  attack 

o  -  NT)1/2 

boundary  layer  thickness 
denotes  change  in  quantity 
ratios  of  specific  heats 
staffer  angle  (NASA  convention) 

a  non-dimensionless  dynamic  pressure  above  which  flutter  occurs;  see  Ref.  1-4 
air/plate  mass  ratio;  see  Ref.  1-4 
k  M 1/tS2 
phase  angle 

inter-blade  phase  angle 

pitch  to  chord  ratio  for  cascade,  s/c;  also  thickness  ratio  of  airfoil 
frequency 

freestream 
local;  also  lift 
moment 
maximum 
potential 
upper,  lower 
mean,  dynamic 
trailing  edge 

where  shock  first  forms 

where  shock  reaches  the  trailing  edge 


The  paper  rather  naturally  divides  into  three  parts.  Part  I  considers  shear  flow  models  as  a  possible 
inviscid  representation  of  the  effects  of  the  boundary  layer  on  unsteady  airfoil  aerodynamics.  Part  II  con¬ 
siders  a  highly  simplified,  again  inviscid,  model  of  separation  and  its  effects  on  unsteady  aerodynamics, 
and  Part  III  considers  the  inviscid,  transonic  problem. 

Some  recommendations  for  further  work  are  made,  combining  the  various  models  discussed  in  Parts  I,  II 
and  III. 


Because  of  the  range  of  topics  treated,  the  paper  is  of  necessity  concise.  The  authors  will  be  con¬ 
tent  if  the  reader  retains  the  essence  of  the  conclusions  and  is  encouraged  to  consult  the  principal  orig¬ 
inal  sources. 


PART  I  -  SHEAR  FLOW  MODELS  FOR  BOUNDARY  LAYERS 

In  Ref.  1-1  a  general  theory  of  planar  disturbances  in  inviscid  parallel  shear  flows,  analogous  to 
thin-wing  theory  in  potential  flows,  has  been  developed.  Integral  relations  between  surface  pressure  and 
deformation  are  obtained  that  are  similar  to,  and  can  be  solved  by  the  same  numerical  methods  as,  those  of 
linear  potential  flow  theory.  Computed  results  are  shown  that  illustrate  the  effects  of  a  model  turbulent 
boundary  layer  on  various  lifting  and  nonlifting  surfaces,  including  an  elastic  panel  in  low  supersonic 
flow  and  an  airfoil  control  surface  in  subsonic  flow. 

The  physical  model  employed  is  that  of  a  small  (linearized)  perturbation  about  a  mean  flow  which  is 
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strongly  non-uniform  normal  to  the  aerodynamic  surface  and  weakly  nonuniform  parallel  to  the  surface. 
Hence  the  mean  flow  is  typically  that  of  a  turbulent  boundary  layer  and  is  taken  from  measurement  (or, 
in  principal,  from  a  solution  to  the  Navier-Stokes  equations).  In  the  equations  for  the  perturbation 
per  :.e,  however,  the  direct  effects  of  viscosity  are  ignored.  That  is  .  ^  it  simply,  the  Reynolds 
number  is  finite  in  the  mean  flow  equations  but  infinite  in  tb  g  lurbat ion  equations.  There  is  a 
Reynolds  number  effect  (though  weak)  in  the  J ,  .,^*ever,  by  virtue  of  the  appearance  of  (known)  coef¬ 
ficients  which  are  properties  of  the  n.cau  tlow.  Typically  an  N  power  law  velocity  profile  is  used  to 
descj  ibe  the  mean  fl  1 


For  the  full  theory  the  reader  is  referred  to  Refs.  1-1  and  1 1-2.  Here  we  focus  on  results  from  the 
model  and  assess  their  meaning.  Of  course,  a  strong  motivation  behind  using  such  a  model  is  its  relative 
simplicity.  Indeed,  with  the  fundamental  theory  which  has  been  developed,  numerical  calculations  to 
obtain  solutions  are  no  more  difficult  than  those  for  classical  linear,  potential  flow  theory. 

Results  will  be  discussed  for  three  physical  situations,  for  all  of  which  corresponding  experimental 
data  are  available. 

•  steady  flow  over  a  wavy  wall  at  transonic  Mach  numbers 

•  flutter  of  a  plate  at  low  supersonic  Mach  numbers 

•  hinge  moment  on  a  NACA64A006  airfoil  at  high  subsonic  Mach  numbers. 

In  Fig.  I- l  the  perturbation  pressure,  p,  on  a  wavy  wall  is  shown  for  several  subsonic  freestream  Mach 
numbers,  M  s,  as  a  function  of  boundary  layer  thickness  6.  2Tt/ot  is  the  wall  wavelength,  2a  the  peak-to- 
peak  wall  displacement  and  p  the  corresponding  wall  pressure  as  determined  by  classical,  linear,  poten¬ 
tial  flow  theory.  In  Fig.  I*-*,  resul ts  of  this  type  are  compared  to  the  experimental  data  of  Ref.  1-3. 

The  agreement  is  excellent.  In  Figs.  1-3  and  1-4,  a  similar  comparison  is  made  for  =  1.1.  For  M0  >1, 
there  is  a  spatial  phase  shift  between  wall  pressure  and  wall  di splacemcnt  as  shown  in  Fig.  1-4.  For 
Mv  <  1  there  is  no  such  shift.  Again  the  agreement  between  theory  and  experiment  is  excellent.  Perhaps 
this  is  not  surprising  since  the  ratio,  a6/2^,  boundary  layer  thickness  to  wall  wavelength,  is  smaller 
than  one  and  hence  a  (nearly)  parallel  shear  flow  model  would  appear  appropriate,  liven  so  the  closeness 
of  the  agreement  for  a<S  as  large  as  four  is  most  encouraging. 

Consider  now  a  similar,  but  more  complex,  flow,  i.e.,  the  unsteady  flow  over  an  oscillating  plate. 
Here  the  comparison  is  less  direct  (for  the  aerodynaraici st) .  Flutter  boundaries  are  considered  wherein 
the  shear  flow  model  has  been  used  in  the  theoretical  calculations*"**.  In  Fig.  1-5,  the  dynamic  pressure 
at  which  flutter  occurs,  \£,  is  shown  vs.  Mach  number  for  two  values  of  boundary  layer  thickness  to  length 
of  the  elastic  plate,  5/a. 

The  experimental  results  for  6/a  =  0  are  obtained  by  extrapolation  of  data.  Considering  the  complex¬ 
ity  of  the  physical  situation,  which  includes  the  dynamics  of  the  elastic  plate  as  well  as  those  of  the 
fluid,  the  agreement  between  Theory  and  experiment  is  remarkably  satisfying. 

Now  we  shall  turn  to  a  lifting  problem,  namely  the  flow  over  a  control  surface.  Although  the  model 
may  be  used  for  overall  pitching  of  an  airfoil,  for  example,  the  control  surface  problem  is  more  appropri¬ 
ate  physically  because  it  more  nearly  meets  the  criterion  fundamental  to  the  validity  of  the  shear  flow 
model  * “1  of  a  slowly  varying  boundary  layer  thickness  over  the  length  of  the  control  surface.  Indeed  the 
shorter  the  control  surface  chord  to  total  airfoil  chord  the  better  one  may  expect  the  shear  flow  model  to 
be,  at  least  as  long  as  the  control  surface  chord  remains  much  larger  than  the  laminar  sublayer  thickness 
of  the  boundary  layer. 

In  Fig.  I-b  static  hinge  moment  for  a  NACA64A006  airfoil  with  a  twenty-five  percent  trailing  edge 
chord  is  shown.  The  experimental  results  are  from  Ref.  1-5.  Theoretical  results  are  shown  for  various 
boundary  layer  to  airfoil  chord  ratios,  6/c.  The  exact  6/c  is  not  known,  but  is  probably  near  .05.  The 
agreement  is  not  quantitative;  all  one  can  say  is  that  the  shear  layer  model  provides  a  correction  of  the 
correct  sign  and  magnitude.  Clearly,  above  the  airfoil  critical  Mach  number,  transonic  thickness  effects 
dominate  which  are  not  presently  taken  into  account  by  the  shear  flow  model. 

The  conclusions  to  be  drawn  are  more  or  less  clear. 

•  Where  aerodynamic  surface  profile  thickness  effects  are  small  and  the  boundary 
layer  thickness  is  small  compared  to  the  characteristic  wavelength  dimension  of 
the  aerodynamic  surface,  the  shear  flow  model  works  very  well. 

•  Where  aerodynamic  profile  thickness  effects  are  important,  the  shear  flow  model 
does  less  well  as  expected. 

•  A  useful  line  of  research  would  be  to  combine  shear  flow  and  profile  thickness 
effects  into  a  single  aerodynamic  model.  This  is  possible  within  the  framework 
of  transonic  1  inear  theory  using  the  method  of  matched  asymptotic  expansions  on 
the  aerodynamic  Creen’s  function.  There  is  an  analogy  to  the  procedure  already 
used  to  obtain  a  composite  aerodynamic  kernel  function  for  unsteady,  shear  flows 
by  combining  the  kernel  function  for  a  steady,  shear  flow  with  that  for  an 
unsteady,  potential  flow*-*. 


PART  l!  -  A  5  IMP  LI  FIFO  MODEL  FOR  SEPARATED  FLOWS 


^  ,  A  two-dimensional  small  perturbation  theory  has  been  developed  by  Sisto  ’  ~ ,  Powell  ,  Williams 

Chi**-1  and  others  to  take  into  account  the  effects  of  airfoil  self- induced  flow  separation  and  fluid 
compressibility  on  unsteady  aerodynamic  forces  due  tc  the  blade  vibration  of  (an  isolated  airfoil  or)  a 
rectilinear  stalled  cascade.  Here  we  closely  follow  Chi’s  discussion**-'*.  The  steady  mean  Flow  is  assumed 
to  hi  subsonic  and  separates  at  an  identical  and  fixed  point  along  the  airfoil  chords.  A  kernel  (Croon's) 
function  approach  is  employed  to  solve  the  problem  for  a  given  cavitation  distribution  in  the  separated 
flow  region.  Calculated  results  for  lift  and  moment  coefficients  show  reasonably  good  correlation  with 
other  theory  and  experimental  results.  Also  application  of  the  aerodynamic  model  to  flutter  prediction 
of  a  representative  fan  stage  shows  qualitative  agreement  with  measurements,  whereas  the  classical  attached 
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flow  aerodynamic  model  fails  to  predict  any  flutter  at  all. 

The  basic  flow  model  is  shown  in  Fig.  1 1  - 1 .  The  distinction  between  this  model  and  the  classical 
attached  flow  model  is  that  in  the  separated  flow  region  on  the  airfoil  the  pressure  is  given  (for 
example,  the  local  pressure  is  assumed  equal  to  the  freestreara  pressure)  and  the  downwash  on  the  airfoil 
in  the  separated  flow  region  is  an  unknown  to  be  determined.  Elsewhere  on  the  airfoil,  as  in  classical 
attached  flow,  the  downwash  is  known  and  the  pressure  is  to  be  determined.  As  a  result  of  the  relatively 
simple  flow  model,  a  kernel  (Green's)  function  approach  similar  to,  but  more  general  than,  its  classical 
nonstalled  (non-separated)  counterpart  is  developed.  Because  of  its  elliptic  nature,  the  complex  mixed 
boundary  value  problem  is  transformed  into  two  Fredholm  integral  equations.  A  standard  collocation 
method  is  used  to  solve  the  two  resultant  integral  equations.  The  solution  of  one  integral  equation 
yields  the  upwash  distribution  in  the  separated  flow  region.  With  the  complete  upwash  information  now 
known,  the  other  integral  equation  is  solved  for  the  pressure  differential  across  the  airfoil1  *  . 

Fig.  1 1 - 2  shows  the  aerodynamic  damping  in  pitch  versus  the  reduced  frequency  based  on  the  airfoil 
full-chord  and  upstream  flow  velocity  at  zero  Mach  number.  Relevant  cascade  parameters  are  stagger  angle 
of  45°,  solidity  of  1,  and  inter-blade  phase  angle  of  180°.  All  blades  are  at  a  mean  angle  of  attack  of 
15°  and  the  mean  flow  separates  at  the  leading  edge.  Airfoil  thickness  ratio  is  4%.  The  top  surface  of 
each  blade  was  a  circular  arc  and  the  lower  surface  a  flat  plate.  These  parameters  were  chosen  to  match 
Yashima  and  Tanaka's  experiment in  which  an  11-blade  linear  cascade  was  forced  to  pitch  about  the 
quarter  chord  in  a  water  tunnel  at  a  Reynolds  number  of  approximately  .5  x  10s.  Flow  visualization  con¬ 
firmed  leading-edge  flow  separation  occurred  at  a  mean  angle  of  15°.  Yashima  and  Tanaka's  theoretical 
results,  based  upon  a  free-streamline  theory  in  incompressible  flow  with  leading  edge  separation,  showed 
torsional  instabilities  in  the  relatively  low  frequency  range.  The  present  theory  agrees  reasonably  well 
with  their  experimental  data.  It  is  noted  that  classical  attached  flow  theory  does  not  predict  torsional 
instability  for  these  parameters. 

Results  have  also  been  obtained  for  compressible  flow  over  cascades  and  for  flutter  prediction  of  the 
F100  engine^"1*.  The  latter  is  encouraging  in  that  the  separated  flow  model  appears  to  describe  the 
essence  of  the  flutter  mechanism  where,  by  contrast,  the  attached  flow  model  failed  to  predict  any  flutter 
whatsoever. 

PART  III  -  NONLINEAR  EFFECTS  IN  UNSTEADY  TRANSONIC  AERODYNAMICS 

The  aeroelastician  uses  linear  dynamic  system  theory  for  most  aeroelastic  analysis.  The  motivation 
for  doing  so  is  clear.  Extensive  experience,  understanding,  and  effective  computational/experimental 
procedures  have  been  developed  for  linear  systems.  By  contrast,  although  nonlinear  methods  of  analysis 
and  experimentation  are  available,  the  results  are  far  more  expensive  to  obtain  and  also  more  difficult 
to  interpret.  Hence  linear  models,  where  applicable,  are  very  powerful,  relati/ely  simple,  and  extremely 
valuable.  Thus  it  is  highly  important  to  determine  the  domain  of  validity  of  any  linear  model.  For 
example,  in  panel  flutter  or  control  surface  flutter,  it  is  known  that  structural  nonlinearities  may  be 
important.  Here  our  concern  is  with  possible  aerodynamic  nonlinearities  in  transonic  flow.  Of  course, 
aerodynamic  nonlinearities  may  arise  in  other  flow  regimes,  however  it  is  transonic  flow  where  they  tend 
to  be  most  important.  Indeed  it  is  sometimes  said  that  the  transonic  flow  regime  is  inherently  nonlinear. 
Unqualified,  this  statement  is  incorrect.  At  any  Mach  number  for  any  airfoil,  if  the  angle  of  attack  is 
sufficiently  small,  the  aerodynamic  forces  and  shook  motion  will  be  linear  in  the  angle  of  attack.  More¬ 
over  as  the  frequency  of  the  angle  of  attack  motion  increases,  the  range  over  which  linear  behavior  per¬ 
sists  increases.  It  is  our  purpose  here  to  study  when  linear  or  nonlinear  behavior  occurs  using  as  our 
principal  analytical  method  the  low  frequency,  transonic  small  disturbance  (LTRAN2)  procedure  of  Ballhaus 
and  GoorjianIII"l>HI"2.  Any  other  present  or  future  nonlinear  aerodynamic  method  could  (and  should)  be 
used  for  similar  purposes. 

In  this  respect  it  is  of  interest  to  display  the  results  of  Figs.  1 1 1 - 1 a  and  Ill-lb,  which  show  lift 
and  pitching  moment  divided  by  angle  of  attack  for  a  NACA  64A010  airfoil  at  =  .8  for  various  reduced 
frequencies.  The  mean  steady  angle  of  attack  is  aQ  =  0°,  and  the  dynamic  angle  of  attack  is  Oj  *  1.0°. 

Results  from  several  theories  and  one  experiment*11  ^  are  shown.  Except  for  flow  separation,  not  accounted 
for  by  current  inviscid  transonic  aerodynamic  methods,  DavisIH-^  observed  no  significant  nonlinearities 
in  Oj  in  his  experiment.  The  various  theoretical  methods  whose  results  are  shown  are 

•  classical  theory  (i.e.,  the  airfoil  thickness  is  set  to  zero  and  the 
mean  flow  is  uniform  everywhere) 

•  Williams'  theory***  4,111-5  ^jjnear  an  a  .  theoretical  or  experimental 
data  are  used  to  locate  the  steady  state  shock  and  its  strength  which 
are  determined  by  (aQ  and)  the  airfoil  profile;  the  flow  ahead  and 
behind  the  shock  is  taken  as  uniform  in  the  current  version  of  the 
method,  but  the  shock  moves  as  varies 

•  LTRAN2***  *’***  ^  (nonlinear  in  (both  cqj  and)  cij;  transonic  small 
disturbance  theory;  low  frequency).  See  Yangl^"^  for  these  specific 
results 

•  TRACI  (nominally  the  same  as  LTRAN2,  but  linear  in  »]  with  a  less  sat¬ 
isfactory  treatment  of  the  shock).  See  YanglU'^  for  these  specific 
results. 

•  Magnus*** (solution  of  the  complete,  nonlinear,  inviscid  Euler 
equations;  non-potentials). 

1 1 1  -  8 

Also  shown  is  a  steady  flow  result  provided  by  Bland  using  the  well  known  steady  flow  method 

of  Bauer,  Garabedian  and  Kom^^’®.  These  results,  though  only  for  one  Mach  number  and  one  airfoil, 
remind  one  that  what  const itutcs  a  best  theory  depends  upon  the  particular  flow  conditions,  common  defi¬ 
ciencies  of  all  available  theories,  e.g.,  omission  of  viscosity,  and  the  eye  of  the  beholder.  See 
Williams^ 1 1*5  for  other  comparisons  of  his  method  and  LTRAN2  with  Tijdeman's  experiments! 1 1- 10.  It 


should  be  noted  that  comparisons  of  theory  with  experiment  for  chordwise  pressure  distributions  show 
the  clear  superiority  of  Williams'  theory  and  LTRAN2  over  classical  theory.  See  Williams  1 1 1  -  5 . 
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The  point  of  view  taken  here  is  that  of  the  aeroelastician  or  dynamicist  and  the  questions  pursued 
are  correspondingly  posed.  Before  beginning  it  will  be  helpful  to  make  certain  basic  distinctions  from 
the  dynamicist's  perspective  and  to  discuss  in  particular  the  shock  and  its  motion  which  is  sometimes  a 
source  of  confusion.  It  is  a  consequence  of  any  consistent  linearisation  of  unsteady  transonic  small  dis¬ 
turbance  aerodynamic  theory  in  the  dynamic  angle  of  attack  that  a  concentrated  force  (sometimes  called  a 
shock  doublet)  will  appear  at  the  location  of  the  steady  state  shock  I U  *  *  **  "•'* .  The  strength  of  this 
force  is  equal  to  the  steady  state  shock  pressure  jump  and  its  width  is  proportional  to  the  dynamic  angle 
of  attack.  By  contrast  elsewhere  on  the  airfoil  chord  (away  from  the  shock  doublet  whose  center  is  at 
the  steady  state  shock  location)  the  pressure  magnitudes  (in  a  transonic  linear  theory)  are  proport i onal 
to  the  dynamic  angle  of  attack  and  become  smaller  in  proportion  as  the  dynamic  angle  of  attack  is  smaller. 
Of  course  this  latter  behavior  is  also  true  in  classical  theory  as  well.  The  most  important  (though  not 
the  only)  distinction  between  classical,  linear  theory  and  transonic,  linear  theory  is  the  presence  of 
the  shock  and  its  motion. 

The  behavior  described  above  is  also  seen  in  a  nonlinear  dynamic  theory  as  well,  when  the  dynamic 
angle  of  attack  becomes  small.  Consider  Fig.  1 1 1 -2  which  was  obtained  using  LTRAN2.  It  shows  the  chord- 
wise  differential  (lower  surface  minus  upper)  pressure  distribution  for  a  NACA64A000  airfoil  at 

=  .86  for  several  angles  of  attack.  Here,  for  simplicity,  the  reduced  frequency  is  set  to  zero  so 
there  is  no  distinction  (numerically)  between  steady  and  dynamic  angle  of  attack.  As  may  be  seen  for 
small  angles  of  attack,  say  a  =  .125°,  .25°,  the  pressure  distribution  has  a  shock  doublet  centered  at 
the  mean  (angle  of  attack)  shock  location,  xs/c  =  .584.  The  width  of  the  shock  doublet  is  indicated  by 
the  vertical  lines,  the  forward  one  is  at  the  lower  surface  shock  location  and  the  rearward  one  at  the 
upper  surface  shock  location.  The  shock  doublet  width  is  proportional  to  i  for  the  smaller  i;  however 
as  a  increases  to  1°  the  lower  surface  shock  disappears  while  the  upper  surface  shock  moves  to  the  'railing 
edge  and  remains  there.  Also  for  the  smaller  a  the  shock  doublet  magnitude  is  essentially  equal  ;  the 
pressure  jump  through  the  shock  at  a  =  0°,  i.e.,  .45.  Away  from  the  shock  doublet,  the  pressures  e 
proportional  to  a  for  small  n.  Finally  note  a  matter  of  practical  importance.  For  small  a  as  t’  <  ock 
doublet  width  narrows,  any  finite  difference  scheme  nonlinear  in  a  will  have  a  resolution  problc 
a  ■+  o.  By  contrast  a  method  a  priori  linearized  in  a  avoids  this  difficulty  as  it  computes  the  s,.  ck 
motion  explicity,  e.g.,  see  Wi  1 1  iams^ ,  1 

We  now  turn  to  the  five  major  issues  which  are  listed  below.  These  issues  are  first  addressed  for 
one  airfoil,  NACA64A006,  at  one  Mach  number,  .86,  which  is  pitching  about  its  leading  edge.  Subsequently 
other  Mach  numbers  are  considered.  For  a  more  complete  account  of  the  present  work,  including  a  study  of 
the  MRB-A3  supercritical  airfoil,  see  Ref.  111-11.  The  present  calculations  were  carried  out  using  a  grid 
mesh  of  113  x  97. 

NACA64A006  AIRFOIL  AT  M  =  .  86  PITCHING 

CO 

ABOUT  ITS  LEADING  EDGE 

The  following  principal  issues  were  studied111"11. 

•  EFFECT  OF  DYNAMIC  ANGLE  OF  ATTACK  9  VARIOUS  REDUCED  FREQUENCIES 
ON  DYNAMIC  FORCES  AND  SHOCK  MOTION 

•  BOUNDARY  FOR  LINEAR/NONLINEAR  BEHAVIOR 

•  EFFECT  OF  REDUCED  FREQUENCY  AND  DYNAMIC  AMPLITUDE  ON  AERODYNAMIC 
TRANSFER  FUNCTIONS 

•  EFFECT  OF  DYNAMIC  ANGLE  OF  ATTACK  ON  STEADY  STATE  FORCES  AND 
SHOCK  DISPLACEMENT 

•  EFFECT  OF  STEADY  STATE  ANGLE  OF  ATTACK  ON  DYNAMIC  FORCES  AND 
SHOCK  MOTION 

•  EFFECT  OF  DYNAMIC  ANGLE  OF  ATTACK  AT  VARIOUS  REDUCED  FREQUENCIES  ON  DYNAMIC  FORCES 
AND  SHOCK  MOTION 

It  is  desired  to  assess  at  what  dynamic  amplitude  nonlinear  effects  become  important  and  to  determine 
the  relative  linear  vs.  nonlinear  behavior  of  lift,  pitching  moment  and  shock  motion.  Note  that  the 
total  lift  (moment,  shock  motion)  is  characterized  by  C^  =  C^  +  C^  where  C^  is  defined  to  be  the  lift 

o  1  o 

due  to  aQ  and  C^  that  due  to  for  a  given  «o.  In  classical  linear  theory  (but  not  transonic  linear 
theory)  C^  is  independent  of  aQ. 

In  Figs.  III-3  and  1 1 1-4  lift,  pitching  moment  and  shock  displacement  amplitudes  are  shown  as  a 
function  of  dynamic  amplitude,  dj,  for  reduced  frequencies  of  k  =  0,  and  .2.  Lift  and  moment  coeffi¬ 
cient  have  their  usual  definitions  and  the  moment  is  about  the  mid-chord.  The  shock  displacement  is 
normalized  by  the  airfoil  chord.  For  k  i  0  phases  are  also  presented  for  lift  and  pitching  moment.  The 
shock  motion  phase  was  also  computed,  however  it  tended  to  be  less  accurately  determined! 1 1  - 1 1 .  Since 
it  is  not  needed  for  our  present  purposes,  it  is  not  shown. 

It  is  seen  that  lift  tends  to  remain  linear  to  higher  dynamic  amplitudes  than  moment  which  in  turn 
tends  to  remain  linear  to  higher  amplitudes  than  shock  motion.  Moreover  the  larger  the  reduced  frequency 
the  greater  the  range  of  linear  behavior.  Phase  information  generally,  though  not  universally,  is  a  more 
sensitive  indicator  of  departure  from  linearity  than  lift,  moment  or  shock  amplitude  information. 


1 
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•  BOUNDARY  FOR  LINEAR/NONLINEAR  BEHAVIOR 

It  is  highly  desirable  to  provide  a  criterion  by  which  the  aeroelastician  may  assess  when  a  linear 
dynamical  theory  may  be  used. 

Fig.  1 1 1 -5  has  been  constructed  from  Figs.  1 1 1  -  3  and  other  similar  results*""^'  by  identifying  the 
k,ai  combinations  for  which  the  pitching  moment  deviates  by  5%  in  amplitude  or  phase  from  linearity.  As 
expected  at  higher  k,  the  pitching  moment  remains  linear  to  larger  cij . 

Although  Fig.  1 1 1 -5  provides  very  useful  information,  it  requires  a  nonlinear  dynamical  theory  to 
construct  it.  The  question  arises,  is  there  a  similar,  but  perhaps  more  conservative,  criterion  which 
may  be  used  with  a  linear  dynamical  theory.  The  answer  is  provided  by  the  shock  motion.  In  Fig.  Ill -6 
a  similar  boundary  to  that  shown  in  Fig.  1 1 1 -5  is  constructed  (again  from  the  information  provided  by 
Figs.  1 1 1  - 3  and  III-4)  based  upon  shock  motion  rather  than  pitching  moment.  It  is  observed  in  Figs  1 1 1  -  3 
and  1 1 1 -4  that  for  shock  displacement  amplitudes  of  less  than  5%  the  shock  motion  (as  well  as  lift  and 
pitching  moment)  behave  in  a  linear  fashion.  Hence  a  5%  shock  motion  boundary  is  shown  in  Fig.  III-6. 

Note  that  this  boundary  could  be  constructed  from  a  1  inear  dynamical  theory.  A  second  boundary  (less 
conservative)  based  upon  the  first  detectable  deviation  of  shock  motion  from  linearity  is  also  shown. 
Finally,  the  boundary  from  Figs.  1 1 1  -  5  is  shown  for  reference.  These  results  aie  '■'insistent  with  those 
of  Ballhaus  and  GoorjianIII-1 , III-2  who  also  suggested  that  shock  motions  of  less  than  5%  chord  correspond 
to  linear  behavior. 

Thus  it  is  concluded  that  a  simple  criterion  for  departure  from  nonlinearity  based  upon  shock  motion 
may  be  used.  It  can  be  evaluated  by  a  1  inear  dynamical  theory  in  principle  (which  enhances  its  practical 
utility),  although  the  present  results  were  obtained  using  a  nonlinear,  dynamical  theory. 

•  EFFECT  OF  REDUCED  FREQUENCY  AND  DYNAMIC  AMPLITUDE  ON  AERODYNAMIC 
TRANSFER  FUNCTIONS 


We  wish  to  determine  when  linear  aerodynamic  transfer  functions  are  adequate  and,  when  they  are  not, 
provide  information  for  characterizing  nonlinear  aerodynamic  transfer  (describing)  functions.  To  fully 
accomplish  this  purpose  requires  aeroelastic  studies  using  the  present  (or  similar)  aerodynamic  data. 

Here  only  the  aerodynamic  aspects  are  considered. 


The  aerodynamic  transfer  functions  C  /a 

L1 


cM1/ar 


Ax  /a  are  plotted  in  Figs.  1 1 1  -  7  -  1 1 1 -9  vs. 
S1  1 


k  for  c»i  =  .25,  .5  and  1.  As  expected  for  k  ■+  .3,  the  aerodynamic  transfer  functions  are  independent  of 
cij,  but  for  k  ■*  0  they  become  discernible  functions  of  otj. 


For  k  >  .2,  linear  aerodynamic  transfer  functions  may  be  used  with  good  accuracy.  For  k  -*•  0  aero¬ 
dynamic  describing  functions  may  be  constructed  and  may  be  required  in  aeroelastic  anslyses. 


•  EFFECT  OF  DYNAMIC  ANGLE  OF  ATTACK  ON  MEAN,  STEADY  STATE  FORCES  AND 
SHOCK  DISPLACEMENT 


Tentatively  it  is  concluded  that  the  effect  of  dynamic  angle  of  attack  on  mean,  steady  state  forces 
and  shock  displacement  is  small.  For  more  detailed  discussion  of  this  issue,  see  Ref.  1 1 1 - 1 1 . 

•  EFFECT  OF  STEADY  STATE  ANGLE  OF  ATTACK  ON  DYNAMIC  FORCES  AND  SHOCK  MOTION 


Next  consider  the  effect  of  various  steady  flow  fields  on  dynamic  aerodynamic  forces.  From  a  dynam¬ 
ics  point  of  view,  changing  steady  state  angle  of  attack,  «0,  is  in  many  ways  analogous  to  changing  the 
airfoil  profile  or  flow  Mach  number. 

Fig.  1 1 1  - 1 0  displays  amplitude  and  phase  of  the  dynamic  lift,  moment  and  shock  motions  vs.  aQ  for  one 
reduced  frequency,  .2,  and  one  dynamic  angle  of  attack,  a,  =  .5°.  aQ  =  .25  -*  .5  is  a  rough  boundary  be¬ 
tween  modest  and  substantial  effects.  Clearly  the  effect  of  mean  angle  of  attack,  aQ,  on  the  dynamic  aero¬ 
dynamic  forces  can  be  substantial,  comparable  to  the  effect  of  airfoil  profile  or  Mach  number.  This,  of 
course,  does  not  mean,  necessarily,  that  there  are  nonlinear  dynamic  effects.  It  docs  suggest  that  the 
characterization  of  the  steady  flow  about  the  airfoil  is  important  in  assessing  its  dynamic  aerodynamic 
forces,  be  the  latter  linear  or  nonlinear  in  . 

•  MACH  NUMBER  TRENDS 


Mach  number  is  one  of  the  most  important  parameters  in  transonic  flow.  Here  its  effects  are  studied 
systematically  for  the  NACA64A006  airfoil.  We  note  that  a  similarity  rule  holds  for  low  frequency,  tran¬ 
sonic  flow  which  gives  the  following  results  for  any  family  of  airfoils. 


Cp  =  j  Cp  (x/c ,s ;  K,  v,  ci/T) 


where  C^  is  a  universal  function  of  its  arguments  and 

B  Ml  -  M V/2,  v  £ 


k  M 


(Y+ 1 )  M^t  6  tUm/c 

K  r - “  ,  s  “  - = - 


t  -  thickness  ratio  of  airfoil 


a  angle  of  attack 


Hence  the  results  for  this  airfoil  may  be  used  to  obtain  results  for  any  other  airfoil  of  the  same  familv, 
in  particular,  the  64A010. 


•  FLOW  AT  ZERO  ANGLE  OF  ATTACK 


It  is  instructive  to  consider  first  the  flow  over  the  airfoil  at  zero  angle  of  attack.  In  particular 
in  Fig.  lll-lla.b.c  the  shock  position,  the  maximum  local  Mach  number  (which  occurs  slightl>  ahead  of  the 
shock),  and  the  shock  strength  (pressure  jump  across  the  shock)  are  shown  as  a  function  of  freest  ream 
Mach  number.  These  are  determined  approximately  but  consistently,  by  using  the  following  definitions 

The  shock  is  located  where  the  local  Mach  number  is  unity. 

The  pressure  jump  is  from  the  pressure  maximum  just  ahead  of  the  shock 
to  the  pressure  at  the  first  subsonic  mesh  point  behind  the  shock. 

Note  that  the  critical  Mach  number  where  the  shock  first  appears  is  M^  *  .824.  The  shock  position  at 
-  .84  is  =  .48  and  it  increases  monotonical ly  with  M_ ,  reaching  the  trailing  edge  at  Msc  -  . 9 2 .  he 

o 

shall  call  the  latter  the  supercritical  Mach  number.  As  we  shall  see  and  Msc  bound  the  essentially 
transonic  Mach  number  range  for  this  airfoil. 

Also  shown  for  reference  are  results  from  the  full  potential  theory  method  of  Bauer,  Garahedian  and 
Korn*  as  obtained  by  BlandUI-11.  Relative  to  l.TRANd,  these  results  give  a  higher  maximum  loeal  Maeli 
number,  a  smaller  pressure  iump  and  a  more  forward  shock  location. 

•  FLOW  AT  ANGLE  OF  ATTACK 


In  Fig.  III-12a,b,c  the  lift,  pitching  moment  (about  midchord)  and  shock  displacement  (of  the  upper 
surface  shock)  are  presented  vs.  angle  of  attack,  for  steady  flow,  k  0.  Note  the  behavior  of  M  -  .88, 
.9  is  nonlinear  at  much  lower  angles  of  attack  than  for  M  -  .86,  ,!>J.  For  M  ■  .86  or  the  t'ehavior 

is  linear  to  even  larger  angles  of  attack.  Also  note  that  the  values  of  C,  ,  C, ,  and  Ax  are  much  larger 

L  M  s 

O  O  O 

for  Mw  =  .88,  .90.  Indeed  it  is  probably  that  at  these  Mach  numbers  even  the  nonlinear  transonic  small 
disturbance  theory  is  inadequate  except  possibly  at  very  small  angle:'  of  attack. 


In  Fig.  IIl-13a,b,c  the  corresponding  differential  pressure  distributions  arc  shown  for  M  =  .80, 
.88,  .92.  See  Ref.  1 1 1  - 1 1  for  =  .8,  .84,  .9.  The  angle  of  attack  was  hold  constant  at  .25**.  This  is 
slightly  outside  the  linear  range  at  Mw  =  .88  and  well  outside  it  as  =  .9;  for  other  M  the  behavior  is 

linear  at  a  =  .25°. 
o 

To  avoid  confusion  in  the  subsequent  discussion,  let  us  define  the  following: 


AC  jump  across  the  shock  pressure  jump  across  the  shock  at 
o 

a  =  0  --  This  is  the  pressure  difference  from  ahead  of  the 

sRock  to  behind  the  shock  on  the  same  surface  (upper  or  lower). 


AC  -  differential  pressure  --  This  is  the  pressure  difference 
between  the  lower  surface  and  the  upper  surface.  It  is  zero 
for  =  0°,  of  course,  when  the  airfoil  profile  is  symmetric. 


Linear  transonic  theory  says  the  differential  pressure,  AC  ,  near  the  shock  for  any  u0  should  be 
equal  in  magnitude  to  the  pressure  jump  across  the  shock  at  =  0°.  Note  that  Hnoar  t ran son ic  theory 
gives  a  reasonable  value  for  the  peak  level  of  A C«  in  the  vicinity  of  the  shock  even  for  Mv=  .88  (and  .91. 
However  at  the  latter  Mach  number,  the  shock  displacement  appears  too  large.  See  Fig.  111-15. 


Also  shown  in  Fig.  111-15  is  the  differential  pressure  obtained  using  the  supersonic  Much  number  just 
ahead  of  the  shock  and  invoking  classical  supersonic  theory  via  local  linearization.  For  54  =  .9.1  rea¬ 

sonable  results  are  obtained  ahead  of  the  shock,  which  is  at  the  trailing  edge,  and  hence  everywhere  on 
the  airfoil  except  near  the  leading  edge.  For  lower  Mach  numbers  only  a  rough  estimate  is  given  by  this 
approximation  for  ACp  ahead  of  the  shock.  For  Mt  >  .92  local  linearization  is  a  useful  tool,  i.e.,  once 
the  shock  has  reached  the  trailing  edge.  See  subsequent  discussion  on  this  point  also. 


•  LI  NEAR/ NON LI NEAR  BEHAVIOR 


Using  results  such  as  those  shown  in  Fig.  II  l- 12  and  invoking  the  55.  shock  displacement  criterion, 
a  linear/nonlinear  boundary  may  he  constructed.  Of  course,  as  the  shock  reaches  very  near  the  trailing 
edge,  the  criterion  would  need  to  he  modified.  Results  are  shown  in  Fig.  1 1 1- 14  for  k  =  U  and  .2. 

Note  that  for  steady  flow  (k  0)  the  angle  of  attack  must  be  very  small  when  =  .88  and  .9  for  lineal- 
behavior  to  occur.  However  as  we  have  seen  before,  the  5%  shock  displacement  criterion  is  conservative. 
That  is  lift  and  moment  tend  to  remain  linear  in  a  to  higher  u  than  this  criterion  would  suggest.  Never¬ 
theless  the  trend  should  not  change  using  any  other  reasonable  criterion.  By  contrast  for  k  -  .2  the 
linear  region  is  much  enlarged.  For  or  >  M*c  the  linear  region  is  for  all  practical  purposes 

unbounded.  In  practice,  in  this  region,  other  physical  effects,  e.g. ,  viscosity,  are  likely  to  come  into 
play  before  inviscid,  sr.all  disturbance,  transonic  theory  nonl  incari  t  ics  become  important. 

One  very  interesting  and  perhaps  surprising  result  is  that  at  M  -  .88  and  .9  for  k  *  .2  a  mean,  stead) 
offset  in  C^,  and  Ax  is  obtained  as  well  as  the  usual  harmonic  result  However,  the  harmonic 

component  is  linear  in  the  range  shown  in  Fig.  1 1 1  - 1 4  despite  this  steady  component.  That  is,  the  5 A 
criterion  is  applied  to  the  harmonic  component  of  shock  displacement. 

Of  course,  this  mean,  steady  component  is  not  explainable  by  any  strictly  linear  theory.  Whether  it 
is  an  artifact  of  LTRAN2  or  is  physically  meaningful  is  a  reasonable  question.  The  authors  are  inclined 
toward  the  latter  view,  but  the  question  Jeservcs  further  study.  If  these  results  are  accepted,  to  use 
the  language  of  the  dynamicist,  the  flow  apparently  bifurcates  at  some  Mach  numbers.  Albeit  the  net* 


equilibrium  states  exist  only  over  a  small  range  of  Mach  number. 


It  is  interesting  to  speculate  further  as  to  whether  such  possible  bifurcations  can  be  related  to 
such  qualitative  physical  phenomena  as  buffet  or  shock  induced  (as  contrasted  with  natural)  separation. 
However  much  further  study  is  required  to  address  such  issues.  See  Ref.  1 1 1- 11  for  the  relevant  numerical 
results  and  further  discussion. 

•  AERODYNAMIC  TRANSFER  FUNCTIONS 


In  the  linear  region  it  is  of  interest  to  display  aerodynamic  transfer  functions  vs,  Mach  number. 
Perhaps  the  most  familiar  of  these  is  lift  curve  slope,  C  /a..  Its  amplitude  is  shown  in  Fig.  Ill-lSa 

L1  1 

from  LTRAN2  for  k  =  0.  Also  shown  are  results  from  full  potential  theory,  classical  subsonic  theory  and 
local  linearization.  The  latter  is  shown  for  M^  >  M*c ,  i.e.,  the  shock  is  at  the  trailing  edge.  It  uses 
the  local  trailing  edge  supersonic  Mach  number  in  classical  (supersonic)  theory.  One  concludes  that  for 
Moo  '  classical  subsonic  theory  gives  reasonable  results,  and  for  M  '  M*c  local  linearization  gives 

reasonable  results.  For  M£  «  M  '  M*c ,  LTRAN2  gives  markedly  different  results  although  it  likely  fails 
for  Ma  *  .88,  .90.  Note  the  difference  between  transonic  small  disturbance  theory  (LTRAN2)  which  falls 
well  off  scale  at  =  .88  and  .9  and  full  jiotential  theory  (Bauer,  (iarabedian  and  Korn). 

In  Fig.  1 1  I  -  15b  results  are  shown  for  k  »  .2.  For  reference  the  I.TRAN2  results  for  k  =  0  are  also 
shown.  Again  it  is  seen  that  the  classic.*)  subsonic  theory  and  local  linearization  theory  give  reasonable 
results  (better  than  for  k  *  0)  for  M  <  M^'  and  *  M*c  respectively.  Moreover  LTRAN2  appears  to  give 
reasonable  results  over  the  entire  Mach  number  range  though  there  is  no  better  theory  to  validate  it. 

Note  that  from  M  =  .9  to  .92  there  is  a  somewhat  abrupt  change.  This  is  probably  associated  with  the 
change  from  a  flow  with  a  mean,  steady  offset  to  one  which  behaves  very  much  like  classical  flow  with  a 
local  (trailing  edge)  supersonic  Mach  number. 

In  Fig.  1 1 1  - 1  Sc  the  phase  of  the  lift  curve  slope  is  shown.  Perhaps  surprisingly,  classical  subsonic 
theory  and  local  linearization  do  rather  well  Note  the  abrupt  change  in  phase  as  the  shock  reaches  the 
trailing  edge.  Recall  the  corresponding  variation  of  lift  amplitudes  in  Fig.  III-15h. 

Similar  results  (not  shown)  were  obtained  for  pitching  moment. 

CONCLUSIONS 


The  specific  conclusions  to  be  drawn  from  this  inviscid  transonic  study  are: 

•  For  «*  ,  i.e.,  where  no  shock  exists,  the  aerodynamic  forces  are  linear  over  a  substantial 

range  of  angle  of  attack.  This  is  also  true  for  M  *  Msc,  i.e.,  where  the  shock  has  moved  to 

the  trailing  edge.  For  MJt  ‘  Ma  *  Msc  a  boundary  of  linear/nonlinear  behavior  may  be  constructed 

which  shows  the  angle  of  attack  must  he  quite  small  for  linear  behavior  to  occur  for  steady  flow 
However  the  region  of  linear  behavior  increases  substantially  for  unsteady  flow. 

•  In  the  range,  M^  *  M^  <  ,  transonic  small  disturbance  theory  (LTRAN2)  appears  to  fail  for 

steady  flow  for  some  narrow  band  of  M  where  it  substantially  overestimates  the  shock  displace 
ment .  The  corresponding  results  from  full  potential  theory  (Bauer,  Carahedian  and  Korn  I  appear 
reasonable.  It  should  be  noted  that  the  region  of  linear  behavior  as  predicted  by  Bauer, 
Carahedian  and  Korn  would  be  substantially  larger  than  that  predicted  by  I. TRAN 2  for  steady  flow 

•  Classical  subsonic  theory  and  local  linearization  are  useful  tools  for  unsteady  flows  provided 

their  limitations  are  recognized.  Indeed  in  an  effort  to  close  the  prediction  Mach  number  gap 
in  and  near  the  range  Mj;  •  Mib  -  Ms<-  and  to  provide  the  aeroelast  ician  with  practical  working 

methods,  it  is  likely  that  all  existing  methods  will  need  to  be  employed  in  their  respective 

domains  of  validity.  The  use  of  full  potential  theory  to  establish  these  domains  for  stcad\ 
flow  (and  provide  conservative  estimates  of  these  domains  for  unsteady  flow)  appears  to  he  a 
useful  approach. 


•  Aerodynamic  transfer  functions  are  expected  to  retain  their  utility  even  when  nonlinear  dvn.imu 
effects  are  important.  This  is  for  several  reasons  including, 


(1)  nonlinear  effects  diminish  with  increasing  frequency. 
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(3)  the  above  suggests  that  several  theories  may  be  used  to  provide  a  composite 
aerodynamic  representation  in  the  frequency  domain.  For  example,  one  might 
use  Bauer,  (iarabedian  and  Korn  for  k  =  0,  I. TRAN 2  for  k  =  .OS  *  .2,  Williams 
for  k  =  .2  *  1.0  and  classical  theory  (which  Williams*  theory  smoothly 
approaches)  for  k  ■  1.0. 


•  No  transonic  method  can  he  expected  to  give  useful  information  to  the  aeroelast ician  unless 
the  mean  steady  flow  it  predicts  and  uses  is  accurate.  Hence  it  is  highlv  desirable  to  be 
able  to  input  directly  the  best  steady  flow  information  which  is  available  including  that 
from  cxperi ment .  The  latter  would  include  implicitly  viscosity  effects  on  the  mean  steady 
flow;  in  particular  it  would  place  the  mean  shock  in  the  correct  position. 
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CONCLUDING  REMARKS 


Here  we  eaphasize  some  of  the  broad  conclusions  to  be  drawn  from  the  discussion  in  this  paper. 

•  A  shear  flow  model  has  been  shown  to  be  extraordinarily  successful  in  accounting 
for  the  effect  of  a  boundary  layer  over  a  wavy  wall  (including  the  transonic 
range).  It  also  predicts  very  well  the  boundary  layer  effect  on  a  fluttering 
plate  (the  dynamic,  aeroelastic  counterpart  of  the  static,  aerodynamic  wavy 
wall  problem).  On  theoretical  grounds  and  also  based  upon  limited  experimental 
evidence,  the  shear  flow  model  is  expected  to  be  less  successful  for  lifting 
airfoils.  However  it  still  appears  to  give  qualitatively  correct  results.  It 
is  noted  that  for  the  lifting  problem  there  are  no  experimental  data  comparable 
to  the  definitive  sets  available  for  the  wavy  wall  and  plate  flutter  problems 

•  A  simple  separated  flow  model  based  upon  a  dynamic  perturbation  about  a  known 
steady  flow  with  a  fixed  separation  point  shows  considerable  promise  in  pre¬ 
dicting  measured  unsteady  aerodynamic  forces  and  flutter  data.  The  theory 
includes  the  effects  of  compressibility,  but  in  its  present  form  is  not  a 
transonic  model  per  se. 

•  A  boundary  demarcating  linear  from  nonlinear  behavior  can  be  determined  for 
inviscid,  transonic  flow  which  provides  useful  guidance  to  the  aeroelastician 

in  selecting  analytical/experimental  approaches  for  flutter  and  dynamic  response 
work.  In  its  simplest  form  this  boundary  employs  a  criterion  based  upon  shock 
motion  as  a  percentage  of  airfoil  chord. 

•  A  similarity  law  for  low  frequency  transonic  small  disturbance  theory  is  avail¬ 
able  which  reduces  the  number  of  aerodynamic  computations  required  and  generalizes 
results  for  one  airfoil  to  an  entire  family. 

•  Although  two-dimensional  flows  have  been  treated  here,  the  general  concepts  and 
approach  should  be  useful  for  three-dimensional  flows.  In  particular  one  ex¬ 
pects  the  effect  of  three-dimensionality  to  increase  the  region  of  linear  be¬ 
havior  and  to  reduce  the  Mach  number  predictability  gap  for  transonic  flows. 

For  example,  the  accuracies  of  transonic  small  disturbance  theory,  local  linear¬ 
ization  and  c’assical  theory  should  he  enhanced  by  three-dimens iona 1  effects. 

•  It  should  be  possible,  within  the  framework  of  a  linear  dynamic  theory  about  a 
nontrivial  mean  flow,  to  account  for  shear  layer  and  separation  effects  as 
modeled  in  Parts  I  and  II  in  the  transonic  flow  regime,  as  discussed  in  Part  III. 

•  Aeroelastic  studies  using  the  aerodynamic  methodology  employed  here  should  be  a 
fruitful  area  of  future  work. 
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NOTE  ADDED  IN  PROOF : 

It  should  be  noted  that  the  full  potential  result  shown  in  Fig.  1 1 1  - 1 5a  was  obtained  using 
a  non-conservative  finite  difference  scheme.  More  recent  full  potential  results  obtained  using 
a  conservative  finite  difference  scheme  are  essentially  identical  to  those  of  transonic  small 
disturbance  theory  using  a  conservative  finite  difference  scheme  (LTRAN2).  Hence  the  differences 
shown  in  Fig.  1 1 1  - 1 5  a  should  be  attributed  to  the  distinction  between  conservative  and  non-conser¬ 
vative  finite  differences  and  not  to  the  distinction  between  small  disturbance  and  full  potential 
theory.  To  the  extent  the  non-conservative  finite  difference  method  may  be  said  to  have  some 
form  of  numerical  (as  opposed  to  physical)  viscosity,  the  differences  may  be  attributed  to  the 
qualitative  distinction  between  inviscid  and  viscous  flow. 
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OSCILLATING  SUPERCRITICAL  AIRFOILS  IN  THE  TRANSONIC  REGIME  WITH  VISCOUS  INTERACTIONS 


D.  P.  Rizzetta,  Specialist  Engineer,  and 
H.  Yoshihara,  Engineering  Manager 
Boeing  Military  Airplane  Company 
P.  0.  Box  3999  M/S  41-18 
Seattle,  Washington  98124 


SUfftARY 

A  method  is  presented  for  computing  the  unsteady  transonic  flowfield  about  thick  supercritical 
airfoils  in  the  small  disturbance  limit.  In  order  to  compensate  for  the  limitations  of  the  small 
disturbance  assumption  and  also  to  account  for  the  aft  decambering  effect  of  viscous  displacement,  the 
airfoil  geometry  is  modified  such  that  the  steady  mean  experimental  pressure  distribution  is 
recovered.  In  addition,  effect s  of  the  unsteady  shock -boundary  layer  interaction  are  simulated  by 
placing  a  moving  wedge-nosed  ramp  at  the  base  of  the  shock  to  produce  quasi-statical ly  the  reduced 
shock  pressure  rise  which  is  observed  experimentally  in  the  steady  case.  As  a  computational  example, 
a  solution  for  the  pitching  oscillation  of  an  NLR  7301  airfoil  (NASA  Ames  model)  at  M  =  0.75  is 
computed.  Comparison  with  experimental  data  indicates  that  even  for  relatively  thick  airfoils 
reasonable  unsteady  surface  pressure  distributions  may  be  obtained  using  this  procedure. 


1.  INTRODUCTION 

Solutions  of  planar  inviscid  unsteady  transonic  flow  fields  about  oscillating  airfoils  are  commonly 
obtained  by  time  integration  of  the  differential  equation  governing  the  velocity  potential  function. 
This  method  is  particularly  attractive  because  it  permits  the  treatment  of  nonlinear  flow  phenomena 
including  irregular  shock  wave  motion.  Development  of  the  LTRAN2  code  by  Ballhaus  and  Goorjian*  has 
made  available  an  efficient  time-implicit  finite  difference  algorithm  for  obtaining  solutions  to  the 
low-frequency  small  disturbance  transonic  potential  equation.  This  code  is  currently  in  extensive  use 
for  computing  unsteady  transonic  flows  over  arbitrary  thin  airfoils  and  has  evolved  as  a  useful  tool 
for  performing  aeroelastic  calculations  and  flutter  analysis. 

Unlike  more  conventional  sections,  the  flow  field  about  a  thick  supercritical  airfoil  is  not  readily 
computed  using  an  inviscid  small  perturbation  analysis.  In  this  case,  not  only  are  the  small 
disturbance  assumptions  violated,  but  viscous  effects  tend  to  play  a  significant  role  in  determining 
the  resultant  surface  pressure  distribution.  While  a  more  exact  set  of  governing  equations  may  be 
employed  for  the  flow  field  solution,  the  computational  effort  involved  is  prohibitive  for  practical 
aeroelastic  applications.  If  the  primary  purpose  of  a  calculation  is  to  establish  with  reasonable 
accuracy  the  unsteady  surface  pressure  distribution,  this  may  be  obtained  in  an  efficient  manner  using 
a  purely  inviscid  small  disturbance  calculation  technique  which  is  suitably  modified  to  account  for 
the  effects  of  thickness,  viscous  displacement,  and  unsteady  shock-boundary  layer  interaction.  It  is 
the  intent  here  to  describe  such  a  calculation  and  to  provide  a  computational  example  for  comparison 
with  experiment. 

2.  GOVERNING  EQUATION 

If  x  and  y  are  streamwise  and  normal  Cartesian  coordinates  respectively  normalized  by  the  airfoil 
chord  c,  and  t  is  the  time  nondimensionalized  by  the  inverse  of  the  circular  oscillation  frequency  U/, 
then  the  small  disturbance  equation  to  be  considered  is: 

kM\t+akM\t=  +  ir  n' 

Here  $  is  the  perturbation  velocity  potential  function  normalized  by  cU  where  U  is  the  freestream 
velocity,  M  the  freestream  Mach  number,  V  the  specific  heat  ratio,  and  K  -U>c/U  is  the  reduced 
frequency.  The  corresponding  local  instantaneous  pressure  coefficient  is  then  given  by 

(?) 

For  an  airfoil  surface  defined  by  y~  ■=.  f  *(x,^)the  condition  of  flow  tangency  becomes 

4y!  -  f  > 

where  Eq.  (3)  is  evaluated  on  y  =  0  .  Across  the  trailing  vortex  wake  defined  bv  y  -  0  for  x  >1,  we 
impose  the  contact  jump  conditions 

*  O  .«  **•")  (4) 

+  k  $t  ]  *  °  {‘"''•''•'r  ^  . . 0  (5) 

where  the  brackets  denote  the  jump  in  the  enclosed  quantity  from  above  to  below  the  vortex  sheet.  At 
the  outer  boundaries  the  following  are  applied: 
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Finally,  description  of  the  problem  is  completed  by  the  initial  conditions 

4>Cx.yi°)'9(x»y)j  $t(*>y>°)=  V\(*,y) 


where  g  and  h  are  prescribed  functions. 


(6) 

(7) 

(8) 


(9) 


For  the  case  of  steady  flow,  a  quasi- inverse  problem  is  defined  by  replacing  Eq.  (3)  with 

<P*  =  fx  OiX  f  *+,  =  ~Cf/A  x^“  *  "  '» 

<$>'  =  fx  row  O  i  X  t  X~,  -  ~  Cp/a  X.*  X  «■  X  i  I  . 

Equation  (1)  may  then  be  integrated  in  time  to  achieve  the  steady  state  and  the  resulting  airfoil 

slopes  can  be  extracted.  Since  the  design  calculation  is  performed  only  downstream  of  the  leading 

edge  region,  the  question  of  uniqueness  of  the  solution  does  not  arise. 

Equation  (1)  and  its  associated  boundary  conditions  is  similar  to  that  considered  by  Ballhaus  and 

Goorjian  in  the  LTRAN2  code  which  was  developed  to  treat  only  low  frequency  unsteady  disturbances. 
The  formulation  adopted  here  includes  higher  order  time  derivatives  of  the  velocity  potential  in  the 
governing  equation  and  unsteady  airfoil  surface  and  wake  conditions.  Solutions  to  this  problem  have 
been  obtained  with  the  code  ExTRAN2  which  results  from  a  simple  modification  of  the  original  LTRAN2. 
The  ExTRAN2  code  employs  a  first  order  accurate  (in  time)  noniterative  alternating  direction  implicit 
algorithm  to  advance  the  solution  for  <£  from  one  time  step  to  the  next  at  each  grid  point  in  the 

computational  flow  field.  Details  of  the  algorithm  may  be  found  in  Reference  3 .  A  number  of  results 
generated  by  the  ExTRAN2  code  2,3  have  indicated  that  it  is  both  stable  and  reliable.  Furthermore, 
the  additional  terms  in  the  potential  equation  and  boundary  conditions  were  found  to  be  important  for 
oscillations  of  moderate  frequency?,^. 

3.  VISCOUS  MODELING 


The  significant  consequences  of  the  viscous  displacement  on  a  supercritical  airfoil  are  two  fold.  The 
primary  effect  is  the  shock-boundary  layer  interaction  whereby  a  "wedging"  displacement  of  the 
boundary  layer  causes  a  reduced  shock  pressure  and  an  upstream  displacement  of  the  shock,  both 
relative  to  the  inviscid  case.  For  steady  flows,  a  simple  procedure  has  been  developed  for  modeling 
shock-boundary  layer  interaction'*5  .  A  wedge-nosed  ramp  is  placed  at  the  base  of  the  shock  in  an 
inviscid  calculation  in  order  to  produce  the  experimentally  observed  reduced  shock  pressure  rise  and 
hence  a  more  acceptable  shock  location.  More  recently^,  this  procedure  has  been  implemented  in  an 
unsteady  calculation  to  produce  the  reduced  shock  pressure  rise  in  a  quasi-static  fashion,  thus 
accounting  for  the  unsteady  shock-boundary  layer  interaction. 

The  second  important  viscous  interaction  is  the  aft  decambering  which  arises  due  to  the  difference  of 
the  displacement  thicknesses  on  the  two  sides  of  the  airfoil.  In  a  steady  case  the  aft  displacement 
ramps  can  be  determined  if  suitable  experimental  pressure  distributions  are  on  hand.  This  is 
accomplished  by  prescribing  in  a  finite  difference  inviscid  calculation  the  measured  pressures  as 
boundary  conditions  aft  of  the  leading  edge  region.  Elsewhere  the  geometric  slopes  are  prescribed. 
Such  a  calculation  then  yields  the  required  aft  ramps  which  in  the  present  case  of  the  thick 
supercritical  airfoil  would  be  composed,  not  only  of  the  viscous  displacement  layers,  but  of  the  aft 
"compensation"  ramps  offsetting  the  consequences  of  the  small  disturbance  approx imat ion. 

In  the  oscillating  case,  the  aft  pressures  are  closely  invariant  to  the  angle  of  attack.  Thus  in  the 
present  unsteady  case,  the  above  steady  ramps  evolved  at  the  mean  incidence  are  frozen  onto  the 
airfoil. 


In  addition,  because  small  disturbance  assumptions  are  violated  near  the  leading  edge  of  blunt 
airfoils,  the  upper  and  lower  surface  slopes  in  this  region  are  adjusted  to  provide  better  agreement 
with  experiment  at  the  mean  angle  of  attack. 

The  above  procedure  was  applied  to  an  NLR  7301  airfoil  at  M  =  0.75  and  =  0.37.  The  original 
airfoil  geometry  shown  in  Figure  1  corresponds  to  that  of  a  NASA-Ames  test  model^  which  is 
approximately  16.8*  thick.  Figure  2  indicates  a  comparison  between  the  initial  and  modified  value  of 
the  airfoil  surface  slopes,  where  the  original  result  was  obtained  by  a  cubic  spline  fit  to  the 
coordinates  of  the  Ames  test  model. 

A  comparison  of  numerical  results  at  the  steady  mean  flow  condition  with  the  experiment  of  Davis7  is 
presented  in  Figure  3.  Here  the  unmodified  solution  includes  slope  alterations  near  the  leading  edge, 
but  not  those  resulting  from  the  design  calculation.  With  the  aft  displacement  ramps  and  the  shock 
wedge,  a  reasonably  good  agreement  is  obtained  for  the  steady  mean  flow. 


t 


Unsteady  effects  of  the  shock  boundary-layer  interaction  as  described  above  are  simulated  by  placing  a 
wedge-nosed  ramp  at  the  base  of  the  moving  shock  in  a  quasi-steady  fashion.  ihis  technique  was 
previously  implemented  in  steady  calculations  to  produce  the  experimentally  observed  reduced  post 
shock  pressure  rise4’^.  a  s imp  1  e  modification  for  extending  this  simulation  to  unsteady  flows  is 
found  in  Reference  2. 

For  the  results  presented  here,  we  have  adopted  the  following  ramp  geometry  which  is  depicted 
schematically  in  Figure  4.  The  leading  edge  of  the  ramp  is  located  ahead  of  the  sonic  point  at  a 
distance  equal  to  2%  of  the  chord.  This  offset  is  coimonly  used  in  steady  calculations  in  order  to 
properly  influence  the  numerical  shock  profile  which  typical  has  a  width  of  three  mesh  intervals. 
Preceding  the  ramp  leading  edge  is  a  2%  chord  cusped-nose  precursor  in  which  the  slope  varies  linear 
from  zero  to  the  ramp  angle,  S  .  The  function  of  the  precursor  is  to  moderate  the  impact  of  the 
sudden  change  in  slope  experienced  by  an  isolated  mesh  po'nt  as  the  nose  of  the  ramp  moves  across  the 
computational  mesh  during  corresponding  unsteady  shock  motion.  Following  the  precursor  is  the  main 
ramp  body  with  a  length  of  536  chord  which  varies  the  slope  quadratically  from  &  at  the  nose  to  zero 
at  the  downstream  end. 

The  value  of  ©  is  taken  as  that  for  maximum  turning  for  an  attached  oblique  shock  and  may  be  derived 
from  the  jump  conditions  of  the  low  frequency  (or  steady)  form  of  Eq.  1.  In  the  course  of  the  time 
integration  of  Eq.  I,  ©  and  the  location  of  the  sonic  point  are  obtained  from  the  solution  at 
time  t  .  These  two  parameters  completely  define  the  ramp  geometry  which  is  then  used  to  advance  the 
solution  to  the  next  time  step,  t  +  c. t  .  Thus  the  angle  and  location  of  the  ramp  are  free  to 

adjust  to  unsteady  shock  wave  motion  in  manner  much  like  the  physical  boundary  layer.  It  should  be 
noted  that  the  length  of  the  ramp  and  amount  of  offset  will  vary  in  accordance  with  the  nature  of  a 
particular  solution,  as  well  as  with  the  computational  mesh  spacing. 

4.  RESULTS 

Results  presented  in  this  section  were  generated  on  a  101  X  97  Cartesian  grid  defined  by  -200  -  X  i 
200,  -397.8  4  397.8,  with  39  points  lying  on  the  airfoil  surface.  A  smooth  nonuniform 

computational  mesh  which  is  sytmietric  about  y  =  0  was  employed.  Minimum  grid  spacings  were  taken 
as4X„,„  =  0.02  near  the  leading  edge  andAy„;„  =  0.01  at  y  =  0.  The  initial  profile  is  given  by  the 

steady  state  solution  at  the  mean  angle  of  attack,  which  is  shown  in  Figure  3. 

An  unsteady  solution  was  obtained  for  the  angle  of  attack  prescribed  as  e<  =  0.37°  +  0.5° 

and  K  «  0.6,  which  duplicates  the  test  conditions  of  Davis7.  A  time  step  was  selected  as  n't  = 
0.01745,  corresponding  to  1°  of  oscillation  per  time  step  at  the  reduced  frequency.  The  choice  of  a 
very  small  time  step  was  based  solely  upon  accuracy  considerations  rather  than  for  stability 
requirements.  After  three  periods  of  oscillation,  the  solution  was  found  to  achieve  a  stationary 
state.  This  computation  required  approximately  5  minutes  of  central  processing  time  on  a  C DC  Cyber 
175  computer. 

In  Figure  5  we  first  compare  the  calculated  pressure  distributions  at  quarter  cycle  intervals  with  the 
measured  results  of  Davis7,  who  obtained  measurements  only  on  the  upper  surface.  The  agreement  seen 
here  can  be  seen  in  more  detail  in  Figures  6  and  7  where  the  amplitude  and  phase  of  the  first  harmonic 
of  the  pressure  variations  are  plotted.  It  is  to  be  noted  here  that  the  amplitude  of  the  unsteady 
pressure  variation  of  Figure  6  is  small  compared  to  the  mean  pressure  values. 


F'naHy,  in  Figure  8  we  show  the  calculated  lift  and  moment  coefficients  over  the  pitching  cycle.  The 
latter  is  referenced  to  the  center  of  oscillation  at  X  =  0.4. 

5.  CONCLUSIONS 

A  method  has  been  presented  for  analyzing  the  unsteady  flow  over  a  thick  supercritical  airfoil 
oscillating  in  transonic  * ‘nw.  The  method  utilizes  an  efficient  method  for  time  integrating  the  small 
disturbance  potential  equation.  Limitations  of  this  simplifying  assumption  as  well  as  viscous  effects 
are  then  overcome  bv  suitable  geometric  modif ications  of  the  airfoil  following  a  design  calculation. 
In  addition,  the  jnsteadv  shock -boundary  layer  interaction  has  been  simulated  using  a  simple 
computational  artifice.  The  method  is  predicated  on  the  use  of  steady  experimental  results  to  tailor 
the  modelling  of  the  displacement  ramps  to  be  used  for  subsequent  unsteady  analyses.  A  solution  has 
been  compared  with  experimental  data  and  was  shown  to  produce  reasonable  agreement  which  is  acceptable 
for  flutter  analysis  and  aeroelastic  applications. 
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Figure  2.  Comparison  of  Original  and  Modified  Airfoil  Surface  Slopes 
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RESUME 

Plusieurs  methodes  de  calcul  des  couches  limites  turbulentes  instationnaires  ont  ete  mists  au 
point  et  etudiees  en  utilisant  des  niveaux  de  fermeture  differents.  Les  plus  complexes  mettent  en  jeu 
un  systeme  d' equations  de  transport  pour  les  composantes  de  l'energie  cinetique  de  turbulence,  son  taux 
de  dissipation  et  la  force  de  cisaillemenc  turbulente.  Les  plus  simples  consistent  a  resoudre  les  equa¬ 
tions  globales  de  la  couche  limite.  Pour  certaines  applications,  une  version  linearisee  de  cette  derniere 
methode  a  ete  developpee.  L* appl ication  de  ces  techniques  et  leurs  limitations  sont  discutees  a  l’aide  de 
comparaisons  a  des  resultats  experimentaux . 

Le  probleme  de  formation  de  singularities  dans  les  calculs  est  aborde  par  I’analyse  des  proprietes 
des  equations  globales.  Le  recours  aux  methodes  inverses  est  egalement  discute. 


SUMMARY 


Several  unsteady  turbulent  boundary  layer  prediction  methods  have  been  studied  by  using  various 
levels  of  closure.  The  most  complex  methods  are  constituted  by  a  set  of  transport  equations  for  the  com¬ 
ponents  of  the  turbulence  kinetic  energy,  its  dissipation  rate  and  the  turbulent  shear  stress.  The  simplest 
methods  consist  in  solving  the  global  boundary  layer  equations.  For  certain  applications,  a  linearized 
version  of  this  latter  method  has  been  developed.  The  application  of  these  techniques  and  their  limitations 
are  discussed  through  comparisons  with  experimental  data. 

The  question  of  occurence  of  singular i t ies  in  the  calculations  is  tackled  by  analyzing  the  pro¬ 
perties  of  the  global  equations.  The  recourse  to  inverse  methods  is  also  discussed. 
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1.  INTRODUCTION 


Nous  avons  aborde  le  calcul  des  couches  limites  turbulent 2S,  et  plus  specif iquement  ici  en  ecoir 
lement  instat ionnaire ,  en  adoptant  deux  points  de  vue  aux  exigences  souvent  tres  eloignees.  Le  premier 
consiste  a  essayer  de  predire  aussi  finement  que  possible  les  caracteri st iques  de  l'ecoulement  moyen  et 
aussi  quelques  unes  de  la  turbulence.  Le  second  est  beaucoup  plus  pratique  puisqu'il  vise  a  fournir  des 
methodes  tres  rapides  et  commodes,  capables  cependant  de  rendre  compte  assez  bien  des  effets  les  plus  im- 
portants . 

Nous  avons  ainsi  ete  conduits  a  mettre  en  oeuvre  deux  classes  de  methodes  qui  ne  s'oprosent  pas 
mais  qui  sont  plutot  complementai res .  Dans  la  premiere,  on  resout  les  equations  locales  de  la  couche  li“ 
mite  a  l'aide  de  modeles  de  turbulence  s'appuyant  sur  des  techniques  modernes  mettant  en  jeu  des  equations 
de  transport  pour  certaines  grandeurs  caracteristic ues  de  la  couche  limite.  A  l'aide  de  coraparaisons  a 
1 ' experience ,  nous  analyserons  done  les  qualites  et  defauts  de  ces  methodes  en  insistant  notanment  sur  les 
problemes  souleves  par  le  caractere  instationnai re  de  l'ecoulement. 

D’autre  part,  nous  avons  developpe  des  methodes  qui  reposent  sur  la  resolution  d 'equations  inte- 
grales  de  couche  limite.  II  est  clair  que  ces  methodes  ne  peuvent  pas  decrire  aussi  precisement  que  les 
precedentes  les  differents  aspects  de  l'ecoulement  mais  leurs  performances  tres  interessantes  nous  ont 
amene  a  essayer  de  cerner  leur  domaine  de  validite  en  les  comparant  a  l'experience  et  aussi  aux  methodes 
precederoment  evoquees. 

Enfin,  nous  aborderons  le  probleme  de  la  formation  de  singularites  dans  le  calcul  de  couche  li¬ 
mite  instat ionnaire .  Bien  connue  en  stationnair »  depuis  les  travaux  de  Goldstein,  cette  question  n'a  pas 
encore  requ  de  reponse  aussi  claire  en  instat ionnaire .  Nous  verrons  comment  on  peut  essayer  d'apporter 
quelques  elements  d ’ informat ion  en  analysant  les  proprietes  des  equations  globales  de  la  couche  limite. 


2.  METHODES  DE  CALCUL  MISfS  EN  OEUVRE 


2 . 1 .  Resolut lon_des^eyyations^local^es<>2. Model §s_de_turbu  1  ence 

Nous  abordons  ici  la  description  d'une  methode  de  champ  destinee  au  traitement  general  des  couches 
limites  turbulentes  b; iimensionnel les  instationnaires  en  ecoulemcnt  incompressible.  La  methode  propose* 
conduit  a  la  resolution  de  systeraes  d'equations  locales  comportant,  en  plus  des  equations  de  continuity  et 
de  quancite  de  mouvement,  les  equations  de  transport  de  certaines  gTandeurs  turbulentes.  On  trouvera  dans 
les  references  /!/  et  /3 /  les  elements  pour  leur  derivation  a  partir  des  equations  generales  de  Navier 
Stokes.  Elies  sont  regroupees  plus  loin  :  paragraphe  2.1.5..  Toutes  les  variables  y  sont  definies  comme 
moyennes  d' ensemble. 

Diverses  hypotheses  permettant  de  fermer  ie  probleme  en  exprimant  le  frottement  turbulent  ont  ete 
analysees  et  leur  validite  controlee  par  une  confrontation  a  l'experience.  11  est  a  souligner  que  malgre 
la  complexity  apparente  de  la  modelisation  et  de  certains  schemas  de  turbulence  proposes,  nous  disposons 
la  d'un  moyen  de  calcul  rapide  et  precis,  a  large  champ  d'appl icat ions . 

2.1.1.  Sc hemas_de_ turbulence 

La  resolution  des  equations  locales  necess.ite  1  '  int  roduct  ion  d'un  schema  de  turbulence  permettant 
d'exprimer  le  frottement  turbulent  .  Les  hypotheses  les  plus  simples  de  fermeturt  constituent  les 

modeles  largement  utilises  de  longueur  de  melange.  Des  schemas  plus  complexes  i nt rodui sant  les  equations 
regissant  devolution  des  composantes  ^  u,'  y  ,  (V  du  tenseur  de  Reynolds,  de  l'cnergio  cinetique 

k  de  turbulence  : 

k*  i  ( <tL>  +<*'*>) 

et  de  son  taux  de  dissipation  :  Z 

ont  ete  egalement  confrontes  entre  eux  et  a  1  experience- 


(FI) 


(F2) 


•  Mode le_de_ longueur_de_mel ange  : 

La  seule  composante  du  tenseur  de  Reynolds  exprimee  est  -<u.V\  ,  sous  la  forme  : 

-  <.u.V'>  =  9t- 

yf  est  une  viscosite  turbulente  calculeo  a  partir  de  la  longueur  de  melange  par  : 

J.,  f 

s3 


Pres  de  la  paroi,  ^  est  proport ionnel 1 e  a  ^  : 

A  1 'exterieur,  i/s  est  constant e  =  f  >  C5 


l.x 


X  -  ••••' 

C  =•  l 1 , 1  :H  r> 


Cette  formulation  peut  etre  compliquee  par  l'adjonction  de  1' influence  du  gradient  de  pressi^n 


Cette  formulation  peut  et 
oral ,  dans  on  dans  C  • 


moyen  1 

Le  sy steme  d’equations  traite  se  reUiit  ici  aux  equations  (hi),  (K2)  ;  1  * hypo'- lies*’  de  fermetnn* 
aux  relations  (FI)  et  (F2)  accompagnees  de  la  loi  choisie  pour  la  longueur  de  melang*  . 


f 


On  joint  dans  re  model*  aux  equations  de  continuity  et  de  quant  ite  de  mouvement  les  equations  de 
transport  pour  If  et  ^  .  Le  frottement  turbulent  est  encore  exprime  par  : 


(FI  )  _ < u/v >  = 

ou  la  viscosite  tourbil  lonnaire  est  deduit^  des  grandeurs^  Ic  et  <5  : 

(F3)  =  Q1-  —  i  Ct  =  =  0,03 

'  £  '  Ctt 

Le  probleme  est  alors  entierement  defini  par  ces  deux  relations  jointes 


aux  equations  (EM  a  (E4)  , 


•  e_a_troi  s_e  qua  ti  on  s_de_  transport  : 

L’exprescion  (FI)  pour^le  frottement  turbulent  est  abandonnee  au  profit  d’un  traitement  par  une 
equation  supplement  a  ire  pour  <u.V>.  La  grandeur  *t  apparaissant  dans  les  termes  tnodelises  de  diffusion 
reste  definie  par  (F3).  Le  systeme  local  a  resoudre  est  constitue  des  equations  (El)  a  (E5) . 


.  ModM e_a_cinq_e2uat ions _de^ transport 


2  Les  deux  schemas  precedents  utilisent  une  hypothese  empirique  pour  1 'evaluation  des  composantes 

<a  >  et^v*  )  ,  hypothese  de  proport ionna l ite  a  V  : 

<«•'>  =  I  ;  -  0,4  V 

File  est  remplacee  dans  ce  modele  complet  par  un  traitement  des  deux  equations  de  transport  sup- 
plementaires  pour  ces  grandeurs  turbulentes. 

On  trouvera  dans  la  reference  / 3 /  une  discussion  complete  des  differents  schemas  utilises  dans 
les  calculs  de  couches  limites  turbulentes. 


2.1.2.  T ra i tement _£ res_de_ la_paro i 


2  Tous  ces  schemas  sont  etablis  pour  des  valeurs  elevees  du  nombre  de  Reynolds  turbulent  : 

R[  =  k  /■)£  .  Cette  hypothese  est  mise  en  defaut  pres  de  la  paroi  ou  un  traitement  particulier  s’avere  done 

necessaire.  La  solution  qui  a  ete  retenue  consiste  a  ne  debuter  le  calcul  par  equations  de  transport  qu'en 
un  point  ou  les  effets  de  la  viscosite  deviennent  negligeables.  La  region  de  paroi  est  traitee  par  un 
schema  de  longueur  de  melange,  modi  fie  pour  tenir  compte  des  faibles  nombres  de  Reynolds  de  turbulence  : 

(F-2)  n 

F  est  une  fonction  correctrice  de  sous  couche  visqueuse  :  F  .  1-  exp(-  t — 

V  est  le  frottement  total,  visqueux  et  turbulent.  ^6/fLL 

L'ut i 1 isation  de  cette  fonction  proposee  par  Van  Driest,  a  ete  generalisee  sous  la  forme  indiquee 
par  (MICHEL  et  al.  (1969)  /A/). 

II  s’est  avere  necessaire  d’introduire  cependant  dans  certains  termes  des  equations  de  transport 
des  fonctions  correctrices  empiriques  du  nombre  de  Reynolds  de  turbulence  :  fonctionsf^  ,f^  ,f ^  appa¬ 
raissant  dans  (E4)  et  (E5),  fonction  f ^  appliquee  a  (Ref.  /3/,/5/)  : 

(F’3) 


Vz 
-(*?)  ) 


j- 


2.1.3.  Termes_sug£lementa i res_-_Constantes_ajust ables 

Les  equations  proposees  different  de  celles  deduites  des  hypotheses  de  couche  limite  classiques 
par  1 'adjunct  ion  de  termes  suppl ementa i res  dont  l’ influence  a  ete  controlee  dans  le  cadre  d’une  confronta- 
tion  entre  ces  calculs  et  1 ' exper ience .  II  a  deja  ete  montre  en  stationnaire  /6/,/7/,  que  ces  termes  ces- 
sent  d’etre  negligeables  dans  les  regions  a  fort  gradient  de  pression.  l)n  a  observe  ici  leur  importance  y 
compris  dans  des  configurations  a  faible  gradient  moyen.  Le  role  preponderant  semble  par  ailleurs  devoir 
etre  attribue  au  terme  :  ..  (  <u/  _<  V'*) )  pris  en  compte  dans  1 ’equation  pour  l’energie  cinetique 


de  turbulence. 

Ces  termes  sont  reportes  a  la  suite  des  equations  locales  completes.  Figurent  ega  lenient  les  va¬ 
leurs  attributes  aux  constantes  apparaissant  dans  ces  equations.  Dans  l’etude  des  schemas  a  trois  et  cinq 
pollutions  de  transport  et  dans  le  cas  d’une  configuration  experimental e  decrite  plus  loin,  les  constantes 
Crt  -  Cri  -  0 . 09.  c  t  de  1 ’equation  pour  la  tension  <iLV>  ont  ete  modi  f  ices  pour  obtenir  un  meil- 

leur  accord  avec  les  donnees  expo rimenta 1 es .  Les  valeurs  de  Cl'i  et  Cty  sont  en  effet  derivees  de  la  valeur 
attribute  a  la  constante  de  model i sat  ion  du  terme  lineaire  de  la  correlation  pression  vitesse  dans  l’e- 
quation  pour  le  tenseur  de  Reynolds.  Cette  valeur  est  a  ajuster  pour  chaque  type  d ’ ecoul ement  turbulent 
traite,  de  meme  que  la  constante  (Yj  du  terme  de  diffusion,  gross i orement  model  ise. 


2.1.4,  Me  t  hode_nume  r_ique 


La  di sc  ret i sa t ion  adoptee  pour  la  resolution  des  equations  locales  est  inspiree  des  iravaux  de 
PATANKAR  et  SPALDING  sur  les  discretisations  tie  type  volume  fini  / 2 / . 


Ses  qualites  essentielles  sont  un  large  domaine  de  validite,  la  simplicity  de  mise  en  oeuvre  et 
la  rapidite,  dtcmilant  du  caractere  non  iteratif  du  calcul.  A  cette  fin  ct  dans  le  cas  de  systemes  a  plu~ 
sieurs  equations  de  transport,  chaque  equation  est  mise  sous  la  forme  generale  (E)  ct  resolue  separement  . 


(  E ) 


.  alml 
s i mp 1 e 


^  ,  S(0,<t>', ..)  .  i-  (  C(<p,<t)',  .4 

o  t.  <)  £ 

Irs  differents  termes  apparaissant  dans  (E)  sont  alors  tvaluts  scion  un  schema  implicit!-,  le 
tinal  de  la  quant  ite  0  le  long  de  la  normale  a  la  paroi  se  reduisant  cependant  a  la  resolution 
d’un  systeme  f  r  i  d  i  agon.t  1  . 


Le  calcul  s’ef  fertile  en  mode  direct.  Les  donnees  neressairrs  rnglobent  des  condi  liens  iintiaJe! 
sur  tout  le  domaine  geomet  r true ,  des  conditions  a  chaque*  instant  sur  la  front  iere  am<-nt  de  c  e  domaine  ainsi 
q«ie  1  ’evolution  complete  de  la  vitesse  exterieure. 
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Les  regions  ik  ecoulements  de  retour  instat ionnaires  sont  inaccessibles  par  ce  type  de  calcul .  On 
presente  au  paragraphe  4  d'autres  methodes  susceptibles  d'aborder  ces  problemes. 


2.1.5.  Eguations_ locales 


EQUATIONS  LOCALES 


Continuity  : 


au  „  2y  =o 
dx  ^ 


Quantity  de  mouvement 


2«uV<v'>)  3(^-<uV» 
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\  I 


Pj->  -  fl  <uV>  —  t  (  B<tL  >  _  ^  B  L  )  Ay.  ^(_D^y  .  C  A  )  <y>  *  E£  *  S)[<V>|  (f?) 

^  'v..  '  r't  L  it 


It 


3x  Ci  k 
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Constantes 


°W 


Cfcr  0.3 


cfc*  4.3 

0V>  -G<v'>  =  i 


CVi  et  ci' 


C.5*  =  4.  51 

Ct'-i  -  o.  435 


Cii  =<!. 
Cti  =  15 


ajustees  dans 
cnaque  configuration 


Quantity  de  mouvement  : 


I  rJ 

-  — (<a>-<v  >) 

Ox 


Termes  supplfementaires 

Transport  de 


,1 
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3x 


i  A  <l  Du 

Transport  de  k  :  -(<u->-<v>)  — 

Jx 


Transport  de 


4>£ 

dX/ 

<4  :  (B<uVD<v>-f 


2.2 .  thode_ integral e 


2.2.1.  Principe 


La  methode  integrate  proposee  repose  sur  la  resolution  d’un  systeme  d'equations  globaU 


couche 
ent  re 


1 imi te . 
,  *  0  et 


Les  equat ions  de  base  sont 

4-8  = 

a 


C£  30  0  Hri 

T  ■  k  ’  u. 


les  equations  de  quantile  de  mouvement  ct  de  eontinuite 

Ali.  3  Ue  1 

ue  TT  u£"5t 
17.  A  ^5') 


de  1  a 
i nt  egree 


&“A) 


^0 

<>5  Ve.  _  _ 

Ue  Ue  3x 

Le  calcul  de  la  couche  limite,  en  mode  direct,  consiste  a  determiner  devolution  suivant  X 
des  grandeurs  carac ter i St i ques  de  la  corche  limite  S  partir  de  conditions  initiales  et  aux  limites  i 
posant  connue  la  distribution  Uf[x,t)  •  <*inq  inconnues  apparaissent  done  dans  le  systeme  precedent  : 

Cf,  0 ,  St(n.Sifd)  ,  s  ...  dr  Ws/ax-^/u*  II  est  done  neeessairc  d'ajouter  des  hypotheses  supple 


t  t 

s  up- 


S  ...  Ct  II  est  done  neeessairc  df 

mehtaires  dites  de  fermeture  qui  sont  des  relations  entre  les  caracter  i  st  iques  de  la  com  he  limite.  les 
relations  de  fermeture  sont  obtenues  apres  etabl i ssement  et  analyse  de  soli  ions  de  similitude  (analogues 
dans  leur  esprit  aux  solutions  st at ionna i res  de  Falkner  et  Skan  du  1 aminai re ) .  On  suppose  que  les  vitesses 


r 


deficitaires  obeissent  a  une  loi  de  similitude  de  Id 
cette  fat;on  les  equations  locales  de  couche  limite  qui 
u,  ,  t  se  transformed  en  une  equation  di f ferent ie 1 le  ordinaire  pour 
dice  de  similitude  peut  alors  etre  resolwe  en  exprimant  le  frottement 
turbulence  :  nous  avons  choisi  un  modele  de  longueur  de  melange.  la  s 


r  (ij^  ivtl  1)  •  u/§jx, 

i  sent  des  equations  aux  .U  r  i vee s  *  a r t  i « 

„  F'  (9) 


t) 


tude  est  une  f ami lie  de  profils  np) ,  dependant  d1 
la  forme  de  chaque  profil  F  fm  ,  est  le  facteur  de 
proprietes  de  cette  famille  de  profils  conduit  alors 
solution  des  equations  global es  de  la  couche  limite. 


-  une  loi  pour  le  rapport 


un  paranietr 
Clauser  G  = 
au  jeu  desire  Lit 
Ces  relations  sont 


a  t  on.  t  i  > 
t  urbu lent 
1  ill  l  on  de 
t  atlit 


1 1 *. 
util 


Sl/S 
ft  ■  t  fils’) 


lk 


une  loi  pour  le  frottement  de  pari»i 

,  I  '  A. 

une  loi  pour  le  coefficient  d  entraineraent 


xt,,Rs. 


0(S) 


X-  0.0 


.  Ce.#P(G)_i/U«.Wm 

oil  Fj  ,  U  ,  r  sont  des  functions  du  parametre  G  »*t>  tenues  d’apr*s  l'cx.tiiien  des  proprietes 
t ions  de  similitude.  Ces  fonctions  ont  ete  determinees  point  par  point  pour  plusieurs  valeu/s 
ont  ete  representees  analyt iquement  par  les  formulas  : 


Fj  =  0 ,  n  J  A  C 

D*  *  i;  -  4,.!S  c 

P  «  0,07a  C  -  1,09 


(  ),h  •  ’h,8h  t  I  ,i;  -  0, 1  ST  l 
•1  /  J  „  ,  ,  , 


i. 


Remarquons  quo,  par  rapport  au  cas  st.it  ionna  i  re  ,  la  methode  diftere  pat  i.i  pteseii.  *  des  1 *  rrrii  * 
instat ionnai res  dans  1 'equation  globale  de  quant ite  de  mouvement  et  tans  1  *  express i on  du  .  ;«  • 

d ’ent  ra inement . 


2.2.2.  Extensions 

La  methode  dont  le  principe  vient  d'etre  expose  pour  un  eeoulement  b  l  d  i  mens  l  onn**  1  i  in  •  *mp  r  e  s  s  t :•  i . 
a  ete  et endue  au  cas  d'un  eeoulement  faiblement  compressible  («<*),  sur  par.  i  at  In-  rnum  .  Lie  .*  eg.*  1*  ment 
ete  etendue  au  cas  d'un  eeoulement  t  rid  itnensionnel  en  vue  not anment  d'  app  l  i  cat  ions  <u  .  iKul  n  ,  .  .  u.  he 

limite  sur  des  pales  d'hel icopteres. 

Signalons  aussi  qu'une  version  linearisee  de  la  methode  a  ete  mise  au  point  pour  le  . aloii  d'e- 
coulements  periodiques.  Elle  consiste  a  developper  les  equations  et  les  relations  de  termetuie  en  series 
harrooniques.  En  supposant  que  les  harmoniques  superieurs  sont  faibles,  tin  aboutit  d  ’  une  part  a  in  ;eu 
d’equations  pour  les  composantes  moyennes  et  d'autre  part  a  un  jeu  d'equations  pout  les  amplitudes  et  les 
phases . 

Finalement,  nous  rappelons  que  les  relations  de  fermeture  presentees  i>  i  sont  valabi»-s  i ant  qu'il 
n’existe  pas  d  '  ecoti  1  ement  de  retour.  Pour  ces  derniers  cas  un  autre  jeu  de  relati<ui  est  utilise  KM-'.  M.  . 


3.  APPLICATIONS  -  COMPARAISONS  A  L 1  EXPERIENCE 

3. 1 .  Cguche_Hmi te^turbu lente_en_ecoyl  ement _ pul s£_ayec_grad lent _de_ press ion_moyen_ defay ora Rl { .  _  1 

Line  couche  limite  turbulente  soumi  se  a  un  eeoulement  exterieur  pulse  se  deveiopp*-  sui  I.  plan,  her 
d'une  veine  d'essais  de  section  rectangulai  re .  La  transition  est  dec  lent hee  aititi*  iel  lenient  dans  ;*•  ,  .  1- 
lerteur.  En  aval  de  la  region  d'etude,  la  rotat  ion  d'une  vanne  .ret-  la  pulsation  de  I’e..  Lenient  par  va¬ 
riation  de  la  perte  de  charge  totale  du  circuit. 

Un  corns  profile  induit  sur  le  plancher  de  la  veine  un  gradient  mown  longi  t  ud  ma  I  -le  pi  ism  u 

ajustable.  II  s'est  avere  necessaire  d'aspirer  une  parlie  du  debit  super  u*ur  pour  evitet  un  phei>-  n>.  m  W 

blocage  au  bord  de  fuite  du  corps  central.  Une  seconde  aspiration  lateral**  pn*vi«-nt  !«•  de.  1  i  ■  *  des 

couches  Iimites  laterales  et  recule  les  effets  t  r  i  d  imens  ionne  1  s  :  la  figure  1  repr-duir  mani«  h  sirti- 

plifiee  ce  di9positif  exper imenta 1 . 

Les  mesures  de  vitesse  instantanee  ont  ete  effectives  soil  par  anemomet  i  n*  i  Ji;  .baud,  s.  it  pat 
anemometrie  laser  dans  les  regions  aval  <>u  apparai ssent  per  i  o<)  iquement  les  *...ulements  di  i.t  -n  .  I  nr 

analyse  statistique  de  ces  donnees  permet  de  separer  les  composantes  movi-tmes  -au  sens  l«  m«  vernier  d'e*.- 

semble-  des  parties  turbulentes.  Des  compara i sons vnt re  les  resultats  de  <a  !•  "Is  ..p|.l  ..  OH  ..  n!  <  K '  i  ’ 

ration  exper  i  ment  a  1  e  et  rps  donnees  t  res  computes  «»nt  pu  etre  realise***. 

Les  figures  1  et  1  presentent  les  evolutions  1  ong  i  t  u>l  i  na  1  «•  s  ,  e  xpe «  i  ment  a  1  *•  s  et  .  ,n.  nu-.s,  •!*> 
valeurs  moyennes,  des  amplitudes  et  des  dephasages  par  rapport  a  la  vir.sse  •-  x  t  e  r  i «- >:  r  *  .  .»,<  !»  !-'#p.«is- 
seur  de  deplarement  6(  et  du  parametre  de  fortm*  H  •  Trois  des  nwthodt-s  de.  tiles  plus  *.uit  it  et*  .  x- 
ploitees  :  une  version  linearisee  de  la  methode  integral**,  la  methode  integral*  ainsi  i,u'un  m.  .  lo.  .  i 
a  cinq  equal  i  ons  de  L r  a  ns  port  .  let  t  e  de  rn  i  «*  re  .  ondu  i  t  a  un**  prevision  t  i  »  s  .  .  ■  t  r**»  t  *■  des  a  t  a>  t  e  ;  i  s  t  i  que  s 

tie  l  ’  harmoni  que  tie  OJ  •  l.'acct»rd  *-oncernant  le  parametre  de  forme,  ent  re  1  ’  *■  xjn-r  i  **n.  .  el  un  al.ui  p*i  la 

methode  integrate  reflet**  ma  I  en  .  onsequen.  e  J'impre.  isi.-n  de  .ell**-'  i  dans  1  »  ptedi  ti.n  du  •  mp,  ■  t  t  emeu  r 

tie  et  Q  .  Ma  i  s  les  tenilan.es  ■!••  ces  trois  method.-s  jnsqu'aax  !»gi  -us  .»  e.  u  1 . -me  p  i  s  ie  t  »•  t  a  s  «-t 

accept  ab  les  niannxMns.  # 

La  figur**  \  present**  a  un**  st  at  i**n  ave.  gradient  -le  press  i .  n  m*  v»*n  m.  .!*•!*•  i*s  i  es-, .  ?  i  \  ••  mpai  * 
de  la  method^  .le  .  h.imp ,  ptuir  tr.'is  s.  hemas  tie  t  urhulen.  *,  ■•n.  ernant  I  v>  bit  i  i  dans  i .»  pi  i  .  i*  us 

|  ft  0  .  L'apport  «le  nvd»-les  a  i-quati-ns  de  transport  ■  >>mpi**t  k  v  app. naif  ins  sens  i  bit  ■.  A 


epa i s  se nr s 


la  memo  station  nous  presentons  figure  4  les  courbes  d’amplitudc  et  de  dephasage  par  rapp.o  t  a  la  vi¬ 
tesse  exterieure  du  premier  harmonique  de  la  vitesse  au  sein  de  la  couche  limite,  pour  «  i-s  meroes  calculs. 
Des  caracterist  iqurs  t ondament a  1 es  en  eeoulement  instat  ionna  i  re  tel les  que  1  '  "ove  r  shoo  t "  du  protil  d'am- 
plitude,  le  comportement  du  dephasage  de  la  vitesse  pres  de  la  paroi,  sunt  corr  ev  i  ement  piedites  par  un 
tnodele  de  terme t ure  el abore. 

On  trouvera  enfin  sur  la  figute  5  un  exemple  des  evolutions  dans  une  pen  ult-  du  pn  lil  de  trot- 
tement  turbulent  reduit  pour  trois  tnodeles  de  turbulence  : 

1)  -  1  equations  de  transport, 

2)  -  1  equations  de  transport  avec  termes  supplement.!  i  res , 

3)  -  >  equations  de  transport. 

Les  tendances  du  calcul  sont  eonformes  aux  deformations  observees  du  prof  i  !  experimental. 

3.2.  txemp|e_d^ap9ncation_de_ld_methode_integraIe_en_tridimensionnel 


Pour  illustrer  cette  methode,  des  calculs  ont  ete  effectues  dans  lesquels  la  muebe  limile  se 
developpe  sur  une  pale  hypothetique  d*un  helicoptere  se  depla^ant  a  vitesse  constant e  perpendieul a i romenl 
a  l' axe  de  rotation  du  rotor. 

Deux  cas  de  vitesse  exterieure  ont  ete  etudies,  en  utilisant  un  resultat  propose  par  Me  (  KilSKKY- 

ya(;c;y  /rkk.  14/  : 
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Le  prof  i  l  est  mince  et  place  a  faible  incidence.  I.es  eoordonnees  DC 


*t  X  sont  confondues. 


Un  caLcul  quas i-stat ionna i re  est  compare  a  la  methode  integrale  i ns tat ionna i re  pour  ce  deux  cas 
de  repartition  de  vitesse  exterieure  et  deux  sections  en  :  une  section  situee  pres  du  rotor:  (Z/c  =  nt) 

et  une  station  situee  en  extremite  de  pale  :  (Z/c=  2  3,1).  I.es  resultats  sont  presences  pour  le  point  ap- 
partenant  au  bord  de  fuite. 

Sur  les  figures  8  et  9  sont  trarees  les  evolutions  en  function  du  temps  du  parametre  de 

forme  Hr  niveau  mo  yen  de  H  est  plus  faible  dans  le  cas  I  que  dans  le  cas  11.  l.e  lacteur 

essentiel  dans  cette  difference  de  comportement  est  la  valour  du  gradient  de  vitesse  exterieure  ;  les 
effet9  i nstat ionna i res  sont  d'autant  plus  sensiblcs  pres  de  l1 axe  du  rotor,  qu'ils  sont  assoc ies  a  des 
gradients  importants.  La  valeur  du  nombre  de  Reynolds  joue  egalement  :  dans  la  configuration  II,  on  nolo 
que  H  est  plus  eleve  dans  la  zone  voisine  de  =  2/ 0°  ,  pres  de  1 'axe  du  rotor,  lorsqtie  la  vitesse 

devient  tres  faible  et  done  aussi  le  nombre  de  Reynolds. 

n  Les  effets  t  ridimensionnels  dus  a  la  coin  he  limite  sont  abordes  par  1  1  i  nt  ermedi  a  i  re  <1  **  Mangle 

JJ^j  entre  la  vitesse  exterieure  relative  et  la  ligne  do  cour.uu  relative  a  1  .*  paroi.  In  bout  de  pale  et 
dans  le  cas  I,  cet  angle  demeure  tres  voisin  de  zero  ;  ses  evolutions  n*ont  pas  ete  tracers.  I  lies  r»  s- 
tent  faibles  meme  pres  du  rotor.  II  n*en  est  pas  de  memo  dans  le  cas  11,  surlout  au  vnisinage  de  l'axc  du 
rotor  (Figures  6  et  7). 

On  notera  que  dans  la  conf igurat ion  T,  les  calculs  instat ionna i res  of  quasi-sl at ionna i res  donnrnt 
des  resultats  tres  voisins.  Dans  le  second  cas,  le  calcul  quas  i -sta  t  i  onna  i  to  prevoirait  un  decollement  de 
la  couche  limite  pour  voisin  de  30°  eont  ra  i  r  ement  au  calcul  i  ns  t  a  t  i  onna  i  re  ;  ceci  pout  s'expliquer  par 
l'effet  favorable  du  gradient  <)U<  qui  se  rajoute  au  gradient  spatial  et  evite  1 1*  deco  1  1  ement  . 
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3.3.  PI§9y®-Pl§Oe_§2y0i§§_§_yO_?coulenient_ sinusoidal 

La  conf igurat ion  la  plus  completement  etudiee  est  cello  d’une  couche  limite  de  plaque  plane  sou" 
mise  a  un  ecoulement  exterieur  sinusoidal.  Nous  comparons  sur  les  figures  10  et  11  les  resultats  ob- 
tenus  a  I'aide  d’une  methode  integrale  et  d'une  methode  linearisee  aux  quelques  donnees  expe r iment a  1 es 
disponibles.  La  comparaison  porte  sur  devolution  en  fonction  du  nombre  de  Strouhal  de  l’amplitude  et  du 
dephasage  par  rapport  a  la  vitesse  exterieure  du  premier  harmonique  de  l’epaisseur  St  .  No tons  que  le 
nombre  de  Strouhal  n'est  pas  le  parametre  unique  de  la  solution  :  le  nombre  de  Reynolds  et  1 'amplitude  de 
la  fluctuation  de  vitesse  jouent  egalement  un  role.  Les  calculs  ont  ete  realises  pour  une  frequence  de 
4  Hz,  une  vitesse  moyenne  U  de  50  m/s  et  une  amplitude  de  0,125  Uc. 

II  semble  que  pour  des  nombres  de  Strouhal  intermed ia i res  allant  de  I  a  5  les  divers  calculs  se 
eomparent  de  faqon  sat isfaisante  a  l ’experience .  One  dispersion  apparait  par  centre  pour  des  valours  supe- 
rieures.  La  difficult?  majeure  du  calcul  reside  alors  dans  la  model isation  de  la  turbulence  dans  la  sous- 
couche  visqueuse  ou  se  trouvent  confines  les  effets  instat ionna i res  aux  grands  nombres  de  Strouhal.  A  ce 
problem*?  se  rajoute  aussi  celui  de  1'  interact  ion  entre  la  pulsation  forcee  et  la  turbulence, *  la  frequent o 
imposee  pouvant  se  trouver  dans  la  gamme  des  frequences  caracteri st iques  de  la  turbulence. 


3.4.  Plague^planespumi se_a_une_perturbation_sinusoTda1e  (propagation  a  celerite  finie) 


Les  figures  12  et  13  montrent  une  comparaison  aux  experiences  de  M.H.  PATKL  15/.  Les  expe¬ 
riences  ont  ete  realisees  sur  une  plaque  plane  semi -i nf i nie  avec  transition  declenchee  a  0,375  n.  du  h.od 
d'attaque.  Les  donnees  exper imentales  resultent  de  mesures  par  anemometrie  a  fil  chaud  ainsi  qut-  du 
mesures  par  prises  de  pression  statique  placees  a  la  paroi  . 


La  pulsation  de  vitesse  exterieure  se  propage  dans  ces  experiences  avec  une  celerite  time  ; 
I' amplitude  de  fluctuation  croTt  de  plus  suivant  X  .  La  vitesse  exterieure  se  met  sous  la  torrae  : 

u*  ,  u.es  +  *in(«(t-*/Q)| 

l‘),R  m/s 

<’,77. 11*5 
0,7h2.  lx.  - 


rate  1  donne  : 


\U* 

Q 

LL^ 


Des  frequences  allant  de  4  a  12  Hz  ont  ete  utilisees.  La  plage  de  mesures  explore*-  «-n  jc  one.  u  it 
a  des  resultats  qui  couvrent  une  gamme  de  nombres  de  Strouhal  de  1,65  a  6,65. 


Differents  calculs  ont  ete  realises  au  moyen  d'une  methode  integrale,  ou  a  I’aide  de  sa  version 
linearisee.  Jusqu'au  nombre  de  Strouhal  le  plus  el  eve  (6,65),  un  bon  accord  avec  1 'experience  est  oht.nu, 
sauf  en  ce  qui  concerne  les  dephasages  des  epaisseurs  et  0  par  rapport  a  la  vitesse  extetieuie. 

Ces  ecarts  peuvent  en  partie  s'expliquer  par  la  difficult*?  do  determiner  de  tcls  dephasages  avec  pre<  i.sjon 
par  1 'experience.  Une  dispersion  est  a  noter  cependant  dans  les  resultats  theor iques  aux  grandcs  valent s 
du  nombre  de  Strouhal. 


II  faut  enfin  remarquer  qu'il  se  pose  dans  cette  configuration  les  problomos  d'origine  le  la 
couche  limite  turbulente  pour  definir  le  nombre  de  Strouhal  et  de  conditions  initiates  pout  commence!  le 
calcul  aux  faibles  frequences  reduites. 


4.  S1NGULARITES  EN  Mpn^  DIRECT  -  METHODE  INVERSE 
4.1.  Ragpel _des_resu1 tat s_en_ecou  lament _$ tat ionna ire 


Kn  ecoulement  hid imens i onnel  stat ionna i re,  il  a  etc  montre  quo  le  systeme  de* 
devient  singulier  au  voisinage  du  point  d'annulation  du  coefficient  de  frottement  p.ir 
rife,  analogue  a  celle  de  Goldstein  pour  les  equations  locales,  se  traduit  en  part  ion! 
la  derivee  0v\!  dac*  devient  infinie.  Lotte  singularite  petit  etre  illustree  a  I’aide  d«- 


sii  i  vant  i 


ou  ^  os t  l  I nconnm 
do  s  annul  er  on  un  p« 
potir  1  oquo  1  l  a  do r  i  v 
(’avoir  df/dx,  a 


<%)i  = j 


W*  -Kh) 


qui  cr'i- 


l(») 


X- 

les  t  one t  i<*ns  >  onnnrs  »*t 
iit  ion  <le  cette  equation  est  sing 
st  infinie.  1’nur  eviter  retie  singulars  t*;  tun  •■••ml 
st  pas  realise**  en  general  car  WjCd  «  s!  i 


four  e(  happer  a  < 
>ns  i  st  ••nf  i  i  mp.  set 

enetif  , 


f  e  difficult* 

*  *•  v<  ■  I  uf  i  «>n  *  1 

•  lev i ont  al« 


rf.»t  ns  auteurs 
gt  .indent  i  'It  I  i 
une  i  n«  'mine .  *  < 


•nf  imagine 


d. 


me  t  I  lode 


un* 


•  i i n •  ’  a  press  i .  us ,  pa  r 

h  i  ng a  ni*  t  i !  in.,  uinue  s 


t  i  on  mod.  l.(FH)  I’-Tsmst  ant  le  r*)e  *!*•  tt  et  £  ,  hi  <  uisidetant  ^  ••mir.e  in.  t«nnu< 

so  1  u  t  i  on  sera  *•  xempt  *’  de  t  out  e  s  i  ngu  I  a  r  i  o-  . . .  *t  •  t  >•  d  i  s  t  r  i  hn t  i  ?  eg ■ :  1  s ,  r .  ^ 


••qua t  ions 
•  t  a  1  .  i  et  t ■ 
iet  pat  le 
1  ' lujua t  ion 


I  a  part  i . 
i  *  t  e  in  p, 
an  tie  i  e  s  s . 


gl. 'hales 
slllgul.i- 
t  a  i  t 
ITS.  -de  I  e 


ul  .11  it* 
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N  it  'it.  II  omen  t  ,  .  e  n.  de  :  n  v*  •  se  n*  r  i  •  ••  «  •,  ;•  »  ! . 

hah  i  t  'if  I  1  I 'rent  .  II  ►  st  nd  jnt  l  nd  i  .pens  lh  1  e  ••  l  u  S  •■  I  r  •  ■  :  ■;  1  i  .  i 

!le  plus  |  i  "  t  I  i  d  i  f  e  ■!<  *•  eji!  ?  f  i  • .  rt  s  le  •  .  ui<  Ji.  ,  •  "*  ;  f  r  > 

<1  i  r**1  t  qui  est  •  •  n  t  » 1 1  -m  p  t  ah  1  .m*-  inherent  i  ■  i  m-  -  de  .  .  t  «  •  t  *  1  *  ■  • 
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lies  equations  de  fluide  parfait  et  des  equations  de  type  couche  limite,  resolues  en  forte  interaction  ont 
pu  etre  developpees  memo  en  presence  de  zones  avec  eeoulements  de  retour  /1U /.  Les  met bodes  inverses  trou- 
vent  aussi  leur  application  dans  les  methodes  de  ’’design'*  :  on  impose  une  caracteri  st  ique  de  li  couche 
limite  et  on  deduit  la  distribution  do  pression  qui  permet  de  calculer  la  forme  de  la  paroi  a  l'aide  d ' un 
calcul  inverse  de  fluide  parfait.  Le  mode  inverse  est  encore  indispensable  si  on  cherche  a  controler  par 
comparaison  a  l’experience  la  validite  de  relations  de  fermeture  pour  une  couche  limite  avec  ecoulement  de 


4.2,  Ecoulement^instationnaire 

L'analyse  des  proprietes  des  equations  globales  instat ionnai res  apporte  un  eclairage  nouveau  au 
probleme  de  la  formation  de  singularites  dans  les  calcul s  de  couche  limite  en  mode  direct.  On  a  montre 
/II/,  / 1 2 /  que  le  systeme  des  equations  instat ionna i res  possede  deux  directions  caracteri st iques  qui,  avec 
une  hypothese  s imp l i f icat rice  assez  mineure,  s'expriment  par  : 

At-  (i  .  o,e«(n-i)J/H 
(i  -  o,  at (H-i) j/H 

ou  ^  est  la  direction  carac ter i st i que  reduite  >=  «Je/ueA 

Pour  le  domaine  H>  1  ,  on  tire  done  les  conclusions  sui van tes  : 

.  PuisquMl  existe  toujours  deux  directions  caracter i st iques  reel  les  distinctes,  le  systeme  est 
hyperbo 1 ique . 

.  La  premiere  valeur  caracter i st ique  est  toujours  positive.  Kile  reste  meme  assez  voisine  de  I  : 
elle  est  comprise  entre  0 ,  et  I. 

.  La  deuxieme  valeur  carac te r i st i que  ist  positive  pour  H<HC;  elle  est  negative  pour  H,HC 
l  Sf  2.b)  . 

Or,  on  st  at  i  i>nna  i  ro ,  l'analvso  Jos  dejuatiuns  niont  ro  quo  la  valour  oritiquo  H  *  He  ddlinit  la 
singular  ite.  A  un  tri*s  leger  aiustement  pt  .  >  dos  relations  de  fermeture,  ce  point  correspond  d'ai  lleurs  a 
1  '  annulat  ion  du  coefficient  de  frottement  it-  stationnaire  comme  en  i  nstat  i  onna  i  re)  . 

font ra i rement  au  c  .s  st at  . onna  i  re ,  il  upparaTt  done  que  le  point  H  *  He  n'est  genera  lenient  pas 
singulier  en  i nst at i onna i re .  Le  changoment  de  signe  de  la  deuxieme  valeur  carac ter i st ique  a  la  traversee 
de  ce  point  so  signalc  seu lenient  par  une  influence  de  l’aval  stir  l’amont  quand  H  devient  superieur  a 
He  (PtR-  14  )•  fettc  influence  est  tout  a  tail  ,  laitv  car  elle  est  1 iee  a  la  presence  d ’ ecou 1 ement s  de 


Kn  i nst at i onna i re ,  la  presence  event weile  d'une  singularite  do  la  solution  n’est  done  pas  live  au 
po  i  nt  H.HC  Le  systeme  possode  des  solutions  taibles  avec  di scont inui te  qu'on  peut  etudier  anal yt ique- 
merit  apres  avoir  remarque  que  les  equations  s.-  met  tent  sous  forme  quas  i -conservat  i  ve ,  condition  necessai  re 
d*  existence  de  solutions  taibles.  fette  forme  ost  : 


Plus  prec  i  s ement  ce  sont  los  ■ ignes  .  ir  i-  ten 
sance  a  '.les  lignes  de  d  i  scont  i  nu  i  t  »■  apt-s  avoir  tc-c.il  i> 


■4  k(S4)]  .  •(  r(c)  <u 

t  K-s  -ignes  .  ir t.  t er i st iques  definies  par  qui  peuvent  donner  nais- 


A  l'aide  d’e.s.vrples  name  r  i  que  s ,  or.  ic**-'lvant  l»-s  »  qu.it  ions  globales  soit  par  une  methode  aux 
differences  finies,  s  i!  par  une  met  bode  do  ,  ari.  t ct t st iques ,  nous  nvons  pu  met  lit.  en  evidence  dos  -as  on 
les  1  ignes  cara-t  or  i  st  iques  f  oc  a  I  i  sent  pom  L'tiiifi  une  1  i  gno  a  la  traversee  de  laquelle  I'epaissour 

lo  dep  1  a.  .  motif  est  dis.  ontinue.  In  tel  exrnple  d.-nn*-  sur  la  figure  1  ^  .  Pour  t  e  0  des  conditions  do 

couche  limite  le  plaque  plane  sont  inpo  1  cns-.ito  1  i  vitesso  ovolue  1  i  nea  i  renient  en  X  ol  .  onr.u 

t  ml  ique  schema  t  i  quemenf  sur  la  figure  1  r>  .  Les  points  on  ja  tangent  i'  a  la  1  i  gne  ra  rae  t  e  r  i  s  t  i  quo  ost 

parallilo  a  1  ’  axe  dos  temps  co  r  respondent  a  H  -  He  n  tie  note  aiu  un  signe  vie  s  i  ngu  I  a  r  i;  t  o  . 

I- n  revanche,  on  constate  pout  'i,iM  uno  f  •  il  is.it  i.-n  los  1  ignes  et  la  1. 'mat  ion 

1  i  grie  de  .!  t  soon  t  i  n> :  i  t  e  .  Kom.i  rquotis  .mss  i  la  l.-rmc  on  «v«::t.ni  Ju  ti  it  an  veisinig*  1:  p.-int  X/< 

qui  >  a  u*  r  osp-  aid  au  p«*int  ou  la  vitesse  devient  .  i-iss  int.  on  Jotiti  n  1.  JC 


t  v  i ‘leirnont  ,  il  ne  taut  pas  ■•herehor  de  si  gin  I  i.  iti  n  plr.siq-j,  a 
.  >n  t  l  nu  i  t  ••  pas  plus  qu  *  i  I  ne  f  a  I  1  a  i  t  on  «  ho  to  !i*-  r  mx  s,- }  u  r  j .  -  ns  si;^-rd  n  i<- 

i  1  no  tint  i  on  s  i  do  ro  r  qu  ’  i  1  s  ’  ag  i  t  d  ’  un  »  r  1 1 1  r  »■  d<  ■  do.  o  l  !  fn#  1. 1  .  !  1  s  *  » i  ! 

in  m.df  - 1  i  r  i  ■  ■  t  of  imputable  a  I'approcho  classiquo  de  ■  on.  he  litrif.  isso, 
r.*.  !  *  e,  .  I  epu-nt  oxr.riour  ost  un  .uiplage  fiible.  *.•■•1^  p»  *:•>•  ir-  •;:*  n  *-■ 

■  re  !  ig.-  I  •  r  t  ,  sans  pour  cola  re  non.  o  r  a  I  ’  11 1  i  I  1  sa  t  i  >’ii  .jos  1  qua  f  1 .  n  s 


cr  1  fine  1  nln-t  ant 
i  e  •  -i.  1  e  .  .  up  1  age 

.  :  »  (  1  t  Loo  r  1  >■  du 


Lous  ivons  pu  nous  assurer  .lo  .otto  hvpotli»-so  sm  a-,  m.  i.  !. 
i'o  -I'llement  !*-  fluide  p  u  I.iit  i-tait  suppose  roiui!  1  un  'il  em»  u  t  r 
irobl.me  .omplot  du  .ouplago  i  nst  at  1  onna  1  to  en  rogitm*  do  tojto  intoi 


■  ■  '  :p  1  act  s.  !set:iat  i  que  dans  1  o<p: 
:■  I  1 1::« • :  1  .  1  oiitu  i  1  .  l  eprtniant  , 

ion  visqxuuso  ti'ost  ['.IS  olli'‘ '  I  e 


res.-.M.  -'.I  pouf  quail!  menu*  penser  quo, 
d  ’  up  pro.  i  oux  s.-«  .  1  *  1  r  s  . 


a  tni'nif  *  iv,  >n  qu’en  star  1  onna  1  r  o  ,  les  net  h.. do*  invetso 


\.  -  us  a  •  •  'Ps  d  ’  a  1  1  1  .'ur  s  rthui  t  t  o  vj  ]  L'l  iiniii.it  i>n  do  s  s  i  ngu  1  a  >  1  f  e  s  r  voquees  plus  haul  po  ut  o  t  re 
■  bteniie  on  pr  '■  *ul  mt  sui'-.uil  1  ♦*  mode  de  resolution  inverse,  "arnn  la  v.uiete  de  metin'. los  inverses  qu’on 
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peut  iraaginer  suivant  le  choix  des  donnees,  deux  solutions  ont  ete  etudiees.  Dans  les  deux  c as,  la  grandeur 
dent  I'evolution  est  imposee  est  la  direction  de  l'ecoulement  du  fluide  parfait  le  long  d'uiu-  front  ii-re 
situee  a  l'alcitude  tf  .  So  it  o(h  ct 
aeplacetnent  pu  si 

*est  donnee  par 


avec  l’epaisseur  de  cfep  lacement  ,  on  a  une  condition  de  tangence 

a_dire  que  la  direction  o(  donnee  par  :  — 

’  ;  *(rS) 


le  long  de  cette  front  it 


Si  la  front i ere 
de  soufflage  telle  que  : 


»st  confondue  avec  la  paroi 


.  & 

c)r. 

Or) 


(L9; 


on  montre  / 1 0/  qu'on  obiient  une  coniitii 


(E  1  0) 


Les  deux  methodes  inverses  analvsees  consistent  done  a  supposer  suit  qu 


fonction  de  X  et  fc 


SOlt  q  lie 


... 


V-)  est  conn 


Ainsi,  on  ajoute  une  equation  (equation  (E9)  ou  equation 
couche  limite  mais  on  consider*  que  “•«(*)  est  utu-  inconnue. 


n  fonction  de  3;  et  t 

(El  0)1  au  system*  des  equat  ions  de 


Dans  chacun  des  cas,  l’analvse  des  proprietes  du  systeme  J'equations  montre  qu'il  s'agit  d’un  pro- 
bleme  totalement  hyperbolique  et  que  les  directions  caracteri st iques  sont  toujours  positives.  On  en  conclut 
done  que  pour  la  couche  litnite  resol ue  isolement  en  mode  inverse,  des  conditions  aux  liniites  sont  seulement 
necessaires  a  l'amont  et  l ' integrat ion  peut  etre  effectuee  d'amont  en  aval.  D'autre  part,  on  a  montre  que 
suivant  la  deuxieme  methode  (a^q  S)  impose)  1 'existence  des  1 ignes  de  discontinuity  est  a  exclure.  Suivant 
la  premiere  methode,  le  calcul  at re  que  les  pentes  des  directions  caracterist iques  varient  peu  suivant 

les  valeurs  du  facteur  de  forme  H  ee  qui  devrait  limiter  le  risque  de  1 ignes  de  di scont inui te . 


4.3.  -  i  cat  ion_dVje_met  hode_  inverse  _-_Comgara  iso  n_a_rexgeri_ence 


L’un  des  premiers  objectifs  d’ appl icat ion  de  ces  methodes  inverses  a  ete  notamment  de  controler 
les  relations  de  fermeture  en  instat ionna i re  avec  ecoulement  de  retour  en  s'appuyant  sur  des  comparaisons 
a  1 ’ experience . 

Les  resultats  experimentaux  / 1 3 / ,  deja  evoques  au  paragraph*  3.I.,  sont  constitues  de  sondages 
detailles  de  la  couche  limite  a  differences  stations  et  ont  comporte  notamment  la  determination  des 
moyennes  de  phase  de  la  vitesse.  Ainsi,  on  connatt  de  taqon  precise  I'evolution  de  la  couche  limite  en 
fonction  du  temps  et  en  particulier,  la  distribution 

Four  atteindre  le  but  recherche,  ii  ap^raTt  done  un  peu  plus  simple  cle  meet  re  eri  oeuvre  la  pre¬ 
miere  methode  inverse  (celle  ou  on  impose  o(  fu » olyMs  qui  revient  en  fait  a  prescrire  I'evolution 

de  I'epaissemr  de  deplacement  oi,hc/  .  tfes  calculs  ont  ete  effeetues  en  considerant  la  distribution 
mesuree  de  c^MCyt)  comme  une  donnee  clu  problem*.  Cette  distribution  a  ete  representee  par  un  developpe- 
ment  harmonique  de/ valeurs  mesurees  ;  seul  le  fondamental  a  ete  retenu.  Ces  donnees,  represent ees  sur  la 
figure  lb  ont  ete  introduces  point  par  point. 

Sur  les  figures  17  et  18  ,  on  compare  les  resultats  du  calcul  et  de  1 'experience  coneernant 
les  distributions  du  facteur  de  forme  et  de  la  vitesse  representees  a  1 'aide  d'une  analyse  harmonique.  In 
bon  accord  general  est  obtenu,  v  compris  dans  la  region  situee  en  aval  de  X  =  435  mm  oil  apparaissent 
per iod i quement  des  courants  de  retour.  Bien  que  I'une  des  caracteri st iques  de  la  couche  limite  soil  intro- 
duite  comme  donnee,  la  comparaison  de  I'evolution  du  facteur  de  forme  n’est  pas  triviale  car  Les  relations 
de  fermeture  utilisees  laissent  arbitraires  les  valeurs  de  deux  caracteri st iques  de  la  couche  limite. 

Precisons  encore  que  les  resultats  des  calculs  effectues  suivant  le  mode  direct  (avec  la  methode 
complete  ou  linearise*)  montrent  un  bon  accord  jusqu’a  la  station  X  =  435  mm.  Mais  insistons  sur  le  fait 
qu’une  tentative  de  calcul  en  mode  direct  au-dela  du  point  X  -  435  mm,  sans  tenir  compte  de  condition 
aval,  avait  echoue  tres  rap i dement  par  suite  d' apparition  de  fortes  instabilities  numor iques. 


CONCLUSIONS 


On  dispose  d'un  ensemble  de  methodes  de  calcul  permettant,  soit  une  description  globule  di  1  ’  *  . 
lement  par  resolution  des  equations  integrates ,  soit  une  description  fine  du  champ  de  vi tosses  et  mem.  <i. 
certaines  grandeurs  caracteri st i ques  de  la  turbulence  par  resolution  d'un  jeu  d'equations  de  transpott  . 

A  l*nide  de  coi;.ptra  i  sons  detail  lees  a  l '  experience,  il  a  ete  montre  que  pour  atteindre  une  ume i  - 
ration  sensible  par  rapport  aux  methodes  les  plus  simples,  il  faut  faire  appel  a  un  sys  tense  d  'equ.it  i  ,-n  •  dr 
transport.  dont  le  niveau  de  complexity  est  eleve.  Si  on  se  limite  aux  mode  les  plus  simples.  In  prevision 
des  epaisseurs  de  couche  limite,  sans  etre  manvaise,  n'-‘st  pas  amelioree  par  rapport  u  ce  qu'on  obtii-nt 
par  la  methode  integrale.  De  ce  point  de  vue,  la  method*.  integral*  donne  des  resultats  tout  a  t .  *  i  t  n.  ,  rp- 
tables  compte  tenu  m  plus  du  gain  de  temps  de  calcul.  De  plus,  avec  les  modules  <l'i  qn.ii  i.-ns  di  transport 
les  plus  samples,  la  des.  ription  des  profils  de  vifi-sses  present*  des  delauts,  notamment  sur  i  c  .IcjMssi- 
ment  que  presenters  les  profils  d  *  amp  l  i  t  tide  . 

Four  les  grundes  valeurs  du  nombr»  de  Strm.hal,  <  super  i  cures  u  » >  los  .jm  lqnr^  r«sul  t  .it  s  .  t  j - 
ment, lux  existants  serohient  montrer  que  l*-s  moilrlus  a  prei  iser  ave<  equ.it  ions  de  f  r.msp  *t  i  r..:  i  qui  rrr  I.  s 
tendances  -orreries  sj  on  .■»  juge  d'apris  la  phase  d«-  i  '  «;pa  i  sseur  de  pi  a»  .-mont  .  i  rpc-idaut  ,  les 
riences  ne  sont  pas  suf  t  i  samm.-nt  svs  r  .-mat  i  qu*-s  pour  app»»rtrr  lies  •■•m  iusi  ns  -i*  I  i  n  i  t  i  vo  . .  I'm 
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analogue  peut  et  aite  pour  les  nombres  de  Strouhal  faibles  (inferieurs  a  I)  pour  lesquels  on  manque 
aussi  de  donneer  perimentales . 

Sign  ‘  encore  qu'il  serait  tres  instructif  de  disposer  d ' i nt ormat ions  exper imcntales  sur  de¬ 
volution  du  cOw l . .  .nt  de  frottement  parietal.  Les  seules  indications  dont  on  dispose  act ue 1 lemeni  peu- 
vent  etre  obtenue  par  la  raesure  des  profils  de  vitesse  et  1 'hypothese  quo  la  loi  de  paroi  etablie  en  sta- 
tionnaire  reste  ’  able  en  instationnaire . 

Grace  a  l'analyse  des  proprietes  des  equations  globales  de  la  couche  limite,  nous  avons  pu  mettre 
en  evidence  les  conditions  dans  lesquelles  des  singularites  peuvent  apparaitre  dans  les  calculs  de  couche 
limite  en  mode  direct.  On  a  pu  ainsi  apporter  un  eclairage  nouveau  a  cette  question  en  montrant  que  le 
probleme  bidimeasionnel  n'etait  qu'un  cas  tres  particulier  d'un  probleme  plus  general.  Bien  quo  l'analyse 
ne  soit  pas  identifiable  a  celle  des  equations  locales  de  la  couche  limite,  on  peut  ra i sonnabl ement  penser 
que  des  difficultes  analogues  peuvent  exister  quand  on  resout  ces  equations.  Ln  fait,  1 'existence  de  deux 
directions  caracterist iques  dans  le  systeme  des  equations  g* 'bales  est  le  reflet,  apres  integration,  de 
l'existence  d'une  infinite  de  directions  carac teri st iques  (qui  sont  les  lignes  d'emission)  dans  le  systeme 
des  equations  locales. 

La  mise  en  oeuvre  du  mode  inverse  de  resolution  des  equations  de  couche  limite  permet  d'echappe** 
aux  singularites  du  mode  direct.  On  montre  done  que  ces  singularites  ne  remettent  pas  en  cause  1 'utilisa¬ 
tion  des  equations  de  couche  limite. 

Enfin,  on  a  pu  controler  par  comparaison  a  I'experience  que  des  zones  avec  ecoulement  de  retour 
au  moins  de  faible  etendue  peuvent  etre  correctement  calculees  a  l'aide  de  la  methode  integrale. 
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Summory 

Viscous  effects  on  small  amplitude  oscillating  wings  and  bodies  can  be  considerably  influential  on  unsteady  airloads  needed 
for  aeroelastic  investigations. 

The  steady  and  unsteady  Kutta-  Joukowsky  condition,  boundary  layer  displacement  effects,  gap  flows  on  wings  with  oscillating 
controls  and  vortex  formations  on  rotor  blade  tips,  on  wings  with  highly  swept  leading  edges  and  on  bodies  at  incidence  severely 
influence  the  unsteady  pressure  distributions  and  overall  forces. 

Numerical  calculations  of  unsteady  airloads  based  on  o  sophisticated  potential  theory  hove  been  compared  with  carefully 
measured  experimental  data  to  obtain  detailed  information  of  the  viscous  effects  involved. 
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1  .  Introduction 

Recent  developments  of  prediction  methods  fcr  unsteody  airloads  on  three-dimensional  oscillating  wings  |1 1  and  bodies  |2| 
take  into  account  the  exact  boundary  condition  of  the  real  surface  of  the  configuration  as  well  as  the  exact  Bernoulli  Equa¬ 
tion  within  a  body-fixed,  oscillating  frame  of  reference.  In  oddition  to  a  lifting  surface  theory  several  additional  parameters 
such  as  thickness  and  camber  of  the  airfoil  section,  mean  steady  incidence,  mean  flap  deflection  and  gap  geometry  can  now 
be  ccosiHered.  Comparisons  with  detailed  experimental  results  enables  a  decision  to  be  made  about  the  quality  and  quantity 
of  the  viscous  effects  involved.  A  further  step  is  the  intoduction  of  a  special  flow  model  representing  for  instance  boundary 
layer  displacement  thickness,  separation  of  the  free  vortex  layer  type  or  even  rear  body  separation. 

In  the  following  paper  a  discussion  of  different  viscous  flow  phenomena  is  presented  by  drawing  comparisons  between  theory 
and  experiment.  The  problems  are  closely  related  to  aeroelastic  instability  investigations  and  ore  therefore  limited  to  small 
amplitude  oscillations.  Problems  related  to  high  amplitude  oscillations  of  helicopter  rotor  blades,  i.e.  dynamic  stall,  are 
not  examined  here.  The  investigations  are  further  limited  to  subsonic  flows,  although  some  of  the  viscous  phenomena  ob¬ 
served  in  subsonic  flow  have  similar  or  even  identical  effects  in  transonic  flow. 

2.  Potential  theoretical  method  and  the  Kutta-Joukowsky  condition 

For  the  numerical  solution  of  the  potential  theoretical  problem  a  panel-type  method  is  used,  dividing  the  real  surfaces  of  the 
3-d  wing  or  body  into  a  corresponding  large  number  of  surface  elements.  The  unknown  singularity  strengths  are  then  obtained 
as  the  solution  vectors  of  a  large  linear  system  of  algebraic  equations.  In  the  wing  case,  a  combination  of  sources  and  dou¬ 
blets  is  used.  A  source  distribution  alone  would  not  give  satisfactory  results:  the  overall  lift  of  the  wing  would  then  be  zero 
with  a  flow  around  the  trailing  edge  of  the  wing.  It  is  well  known  from  flow  observations  that  in  a  real  viscous  flow  the  fluid 
particles  leave  the  trailing  edge  smoothly  and  a  singular  behavior  of  the  pressure  at  this  station  is  therefore  avoided.  To  mo¬ 
del  this  viscous  situation  of  smooth  flow  off  the  trailing  edge,  the  Kutta-Joukowsky  condition  has  to  be  taken  into  considera¬ 
tion.  This  condition  is  therefore  a  phenomenological  one  which  accounts  for  the  main  effect  of  viscosity  in  a  non-separated 
flow. 

Different  possibilites  exist  to  fulfill  the  Kutta-Joukowsky  condition  numerically:  in  the  present  calculation  scheme  the  pres¬ 
sures  at  the  two  control  points  adjacent  to  the  trailing  edge  are  made  equal.  This  condition  has  to  be  fulfilled  simultaneously 
for  all  “Kutta  points".  Fig  J  shows  a  landing  configuration  with  a  well-defined  gap  between  wing  and  control.  In  this  case, 
Kutta  points  exist  not  only  on  the  oscillating  control -trailing  edge  with  a  corresponding  control-wake,  but  also  on  the  wing 
trailing  edge  with  a  corresponding  wing-wake.  Difficulties  occur  in  the  numerical  treatment  of  the  Kutta-Joukowsky  con¬ 
dition  at  the  trailing  edge  of  the  wing  due  to  the  strong  interference  effects  in  this  region.  Experimental  investigations  |3 1 
of  this  configuration  with  oscillating  control  and  with  open  and  closed  gap  have  shown  the  severe  influence  of  the  gap  flow 
on  the  steady  and  unsteady  pressure  distributions  and  overall  lift  for  this  configuration.  These  problems  are  significant  for 
the  treatment  of  active  control  problems. 

3 .  Boundary  layer  displacement  effects 

If  the  flow  is  still  attached,  it  is  relatively  simple  to  heed  a  higher  order  effect  of  viscosity  due  to  the  displacement  effect  of 
the  boundary  layer.  This  effect  can  be  represented  in  different  ways: 

1)  by  adding  the  displacement  thickness,  i.e.  by  thickening  the  profile, 

2)  by  modifying  the  boundary  condition  allowing  non- zero  normal  velocities  prescribed  by  the  boundary  layer 
displacement . 

In  the  f*--esent  method  the  first  alternative  is  chosen.  Fig. 2  shows  the  effects  of  profile  thickness  and  boundary  layer  di'place 
ment  in  a  section  of  a  swept,  tapered  wing  with  a  NACA  0010  symmetrical  airfoil  .  Included  are  pressure  distributions  ob¬ 
tained  by  lifting  surface  theory  (dashed  lines)  and  experimental  results  |4|.  The  results  for  the  real  parts  show  t to »  the  intro¬ 
duction  of  profile  thickness  and  boundary  layer  displacement  reveals  good  agreement  with  the  experimental  results  whereas 
the  representation  of  thickness  alone  over-predicts  the  pressure  distributions  of  the  real  parts  Similar  results  hove  been  pre¬ 
sented  in  |5 1  for  subsonic  and  transonic  flows.  Only  small  influences  of  boundary  layer  displacement  can  found  in  the 
imaginary  parts  of  the  pressure  distributions. 

The  calculation  procedure  for  taking  into  account  boundary  layer  displacement  thickness  is  performed  in  three  different  steps 

1)  calculation  of  the  steady  pressure  distribution  on  the  wing  surface, 

2)  calculation  of  the  boundary  layer  for  each  winy  section  with  the  steady  pressures  of  step  1  1  by  means  of  a 
two-dimensional  boundary  layer  code  |6I, 

3)  addition  of  the  boundary  layer  displacement  thickness  and  calculation  of  steady  and  unsteady  pressure  dis¬ 
tributions  on  the  thickened  wing. 

In  most  cases  it  is  sufficient  to  stop  this  calculation  process  after  the  first  cycle  It  is  no  problem  however  to  repeat  the  cal¬ 
culation  for  additional  cycles. 

4.  Vortex  flows 

Two  different  types  of  3-d  separation  described  already  by  Mostell  I71  and  others  may  occur  on  arbitrary  3d  configurations 
the  free  vortex-type  separation  and  the  bubble-type  separation 

The  free  vortex  type  is  already  represented  by  the  wake  behind  a  wing  free  cortex  layers  located  within  a  pressure  field 
have  the  tendency  to  roll  up  forming  concentrated  vortices.  These  vortices  con  be  observed  within  the  flow  abort  various 
configurations  creating  interference  effects  on  the  steady  and  unsteody  pressure  distributions  at  the  body  surfaces 
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Three  configurations  have  recently  been  investigated  experimentally  (Fig. 3): 

1)  the  tip-vortex  on  a  blade  tip  (rectangular  wing  with  NACA  0012  airfoil  section), 

2)  the  leading  edge  vortex  on  a  3-d  wing  with  highly  swept  leading  edge  (NORA-experiment), 

3)  the  body-vortex  on  a  blunt  body  of  revolution  at  incidence  (ellipsoid  of  axis  ratio  3  ). 

These  three  cases  have  also  been  investigated  numerically  by  the  potential  theoretical  method  calculating  steady  as  well  as 
unsteady  pressure  distributions  on  the  different  oscillating  body  surfaces.  The  comparisons  between  theory  and  experiment 
will  be  discussed  next. 


4.1  Tip  vortex 

The  sketch  in  Fig  ^4  shows  the  configuration  which  has  been  investigated  experimentally  in  the  low  speed  flow  regime  [8|. 
This  blade  tip  has  a  NACA  0012  airfoil  section  and  a  rounded  tip.  Steady  and  unsteady  pressure  distributions  have  been 
measured  in  eight  chordwise  sections  where  four  sections  are  concentrated  in  the  very  tip  region  (0  <  T)  <  0.1).  The  blade 
was  oscillating  in  pitch  about  the  quarter  chord  axis.  The  cases  discussed  here  were  measured  at  a  frequency  of  8  Hz  and 

U  =50  m/s  (u*  =  0.402  ,  based  on  chord), 
oo 

Figs. 4-6  show  theoretical  and  experimental  chordwise  pressure  distributions  for  three  different  incidence  cases  (0  =  0°/ 

4°/W). 

The  plots  on  the  left-hand  side  show  steady  and  unsteady  pressures  at  an  inboard  station  with  quasi  2-dimensional  flow.  The 
right-hand  plots  show  the  situation  in  the  very  tip  region.  In  all  cases  the  differences  between  theory  and  experiment  are 
very  small  at  the  inboard  section.  Remarkable  differences  however  occur  in  the  tip  region.  Such  differences  appear  in  a 
steep  negative  increase  of  the  steady  and  particularly  the  real  parts  of  the  unsteady  pressures  with  increasing  incidences. 
These  effects  are  due  to  the  tip  vortex  formation  shown  in  Fig. 3  affecting  mainly  the  y-velocity  component  on  the  wing 
surface  (outboard  velocity  on  the  suction  side  due  to  the  tip  vortex). 

A  simple  quasi-steady  correction  based  on  the  measured  steady  pressures  can  be  made  to  modify  the  calculated  unsteady  pres¬ 
sures.  From  the  steady  pressure  coefficient 


=  1  - 


2  2 

v  -  v 

xs  ys 


(1) 


with  V  and  v  as  the  steady  velocity  components  relative  to  the  surface  (non-dimensionalized),  one  can  calculate  the 
experimental  v  ^-velocities  under  the  assumption  that  the  x-components  remain  unchanged  by  the  influence  of  the  tip  vor¬ 
tex.  The  measured  and  the  calculated  u  -components  are  therefore  approximately  equal . 


Plotting  v  at  various  stations  x/f  versus  the  angle  of  incidence  and  determining  the  slopes  of  the  V  (a  )  curves,  one 
ys  ys 

rbtains  the  quasi-steady  velocities  v  .  by  introducing  the  Bernoulli  formula  for  the  calculation  of  unsteady  pressures  ( 1 1 . 
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The  underlined  terms  in  Eq.(2)  are  now  modified  by  the  measured  data,  whereas  all  other  terms  remain  unchanged.  One  ob¬ 
serves  from  Eq.(2)  that  the  real  parts  c^/  are  modified  by  the  product  ^  ^  y\  's  ^or9e  w^ere  fb*  influence  of 

the  tip  vortex  is  large.  The  correction  of  the  theoretical  curve  is  represented  by  the  dashed  line  in  Figs. 5  and  6  (suction 
side  only).  The  correspondence  with  the  measured  data  is  satisfactory .  The  influence  on  the  imaginary  parts  however  is 
very  small .  The  reason  for  this  seems  to  be  that  the  tip  vortex  is  moved  by  the  pitching  oscil lotions  approximately  in  a  plane 
normal  to  the  wing  surface.  This  leads  to  negligible  phase  shifts  in  points  on  the  surface. 


Another  interesting  viscous  effect  on  the  unsteady  pressures  can  be  observed  mainly  at  the  inboard  section  (Figs. 4-6).  Start¬ 
ing  with  a  laminar  boundary  layer  calculation  |6l  from  the  stagnation  point,  the  program  signals  transition  at  specific  points 
on  the  suction  and  pressure  side  of  the  wing  (points  indicated  by  an  asterisk  in  Figs. 4-6).  In  the  upstream  proximity  of  these 
points  a  jump  in  the  measured  real  and  imaginary  pressures  can  be  observed  which  is  large  on  the  suction  side.  The  influence 
on  the  steady  pressures  however  is  very  small . 

The  effects  of  o  boundary  layer  di^lacement  correction  is  shown  in  Fig. 5  .  The  changes  of  the  pressure  distributions  show 
the  previously  discussed  tendencies.  The  effects  are  relatively  small. 


4.2  Swept- wing  vortex  interaction 

Figs.  7  and  8  show  calculated  and  measured  steady  and  unsteady  chordwise  pressure  distributions  on  a  3-d  wing  with  a  highly 
.wept  leading  edge  undergoing  pitching  oscillations.  The  experimental  results  were  obtained  from  the  NORA  experiments  |9|. 
On!/  the  subsonic  case  (  Mo^  0.6)  has  been  compared  with  the  incompressible  theory.  The  complicated  profile  of  the 
NORA-model  (droop-nose)  has  been  taken  into  consideration.  Again  a  good  correspondence  between  theory  and  experiment 
can  be  observed  in  the  zero-incidence  case  (Fig. 7).  With  increasing  incidence  however  severe  deviations  from  the  calcu¬ 
lated  pressures  are  observed  in  the  steody  and  unsteady  experimental  data  (Fig. 8).  In  this  case  both  the  real  and  imaginary 
pressures  are  affected.  These  effects  which  have  been  found  for  all  experimental  results  within  the  meosured  Mach  number 
regime  must  be  referred  to  a  leading  edge  vortex  shown  qualitatively  in  Fig.  3  .  Aside  from  the  tip  vortex  effects,  there  are 
now  remarkable  phase  shifts  due  to  the  fact  that  the  leading  edge  vortex  is  moved  by  the  pitching  oscillations  mainly  parallel 
to  the  wing  surface  The  phase  shift  between  the  wing  motion  ond  the  vortex  motion  is  clearly  represented  in  the  imaginary 
pressures 
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A  correction  of  the  unsteady  calculated  pressures  using  the  measured  steady  pressures  in  the  vortex  region  is  now  more  diffi¬ 
cult  due  to  the  missing  information  of  the  mentioned  phase  shift. 

Fig. 9  shows  calculated  and  measured  steady  pressures  at  four  chord  wise  positions  at  the  leading  edge  plotted  with  respect  to 
incidence.  The  slopes  of  the  curves  are  obtained  from  the  amplitudes  of  the  unsteady  experimental  results.  The  theory  shows 
the  expected  linear  dependency  of  a  .  The  experimental  curves  are  linear  only  at  very  small  incidences.  The  steep  gradi¬ 
ents  of  the  experimental  curves  show  the  downstream  shift  of  the  leading  edge  vortex  with  increasing  incidence. 


It  is  important  to  note  in  Fig. 9  that  the  absolute  values  of  the  measured  pressure  coefficients  and  the  slopes  of  the 
curves  obtained  from  the  measured  unsteady  pressure  amplitudes  fit  together  quite  satisfactorily.  This  is  again  an 
indication  of  the  quasi-steadiness  of  the  vortex  influence  on  the  unsteady  airloads  of  the  oscillating  wing. 


c 

P* 


(a) 


4.3  Body- vortex  interaction 

Different  types  of  viscous  phenomena  can  be  observed  on  blunt  bodies  of  revolution  at  incidence.  Aside  from  a  bubble-type 
separation  at  the  rear  part  of  the  body  which  occurs  even  at  zero-incidence,  body  vortices  are  formed  at  small  to  moderate 
angles  of  attack.  This  latter  type  is  a  free  vortex  layer  separation  which  has  been  investigated  experimentally  [10)  ,  |1 1| 
and  numerically  [12|  ,  [1 3]  by  several  authors. 

The  three-dimensional  laminar  boundary  layer  calculation  on  ellipsoids  at  incidence  by  means  of  a  finite  difference  method 
is  described  in  1131  ,  Fig.  10  shows  the  development  of  the  calculated  boundary  layer  thickne*:  on  the  entire  body  sur¬ 
face  along  different  equipotential  lines.  The  boundary  layer  thickness  shows  a  steep  maximum  at  a  certain  position  on  the 
leeward  side  of  V  body.  Further  downstream  from  this  position  the  numerical  calculation  becomes  unstable.  The  line  of 
instability  points  is  interpreted  as  the  separation  line,  i.e.  the  origin  of  the  two  counterrotating  body  vortices.  Fig.  10 
shows  a  side-  and  top-view  of  the  calculated  separation  lines  on  an  ellipsoid  of  axis  ratio  4  . 

The  panel-type  method  for  oscillating  blunt  bodies  at  incidence  ((21 )  takes  into  account  the  exact  boundary  condition  on 
the  real  body  surface  and  uses  a  body-fixed  frame  of  reference.  With  this  concept  It  should  be  possible  to  obtain  a  good 
correspondence  between  theory  and  experiment  even  on  bodies  with  considerable  bluntness.  Intensive  experimental  studies 
have  been  performed  on  an  ellipsoid  of  axis  ratio  3  at  pitching  oscillations  in  the  low-speed  flow  regime  1 1 4 1  .  The  follow¬ 
ing  comparisons  between  theory  and  experiment  are  made  for  the  case:  f  =  8  Hz  ,  U  =40  m/s  (  u'*  =  1  .257  ,  based 
on  total  body  length). 

Figs.  1 1  and  12  show  steady  and  unsteady  pressure  distributions  along  the  leeward  line  of  symmetry  of  the  body  at  zero- 
incidence  (Fig. 11)  and  at  a  -  30°  incidence  (Fig. 12)  .  Two  other  theoretical  methods  are  included  in  Fig. 11  :  the 
slender  body  theory  with  a  singular  behavior  at  the  leading  and  trailing  edges  of  the  body  and  a  method  |15|  based  on  the 
application  of  spheroid  functions  for  the  solution  of  the  governing  Helmholtz  equation.  The  panel  method,  which  uses  a 
pure  source  distribution,  yields  a  very  good  correspondence  with  the  experimental  results  at  the  front  part  of  the  body. 

Hardly  any  deviations  can  be  observed  in  the  steady  pressure  distribution  at  zero-incidence  except  at  the  very  rear  part 
(x/L  >  0.95)  of  the  body.  Larger  deviations  however  can  be  seen  in  the  real  and  imaginary  parts  of  the  unsteady  pressure 
distributions.  In  the  high-incidence  case  (Fig.  12)  the  correspondence  between  potential  theory  and  experiment  is  again 
extremely  good  at  the  front  part.  The  steady  pressures  show  the  expected  deviations  due  to  the  blunt  body  separation  at  the 
rear.  Some  additional  viscous  effects  can  be  observed  further  upstream  showing  a  remarkable  peak  in  the  imaginary  pressure 
which  is  shifted  upstream  with  increasing  incidence.  Both  real  and  imaginary  pressures  reveal  deviations  from  potential  the¬ 
ory  downstream  from  this  pressure  peak.  These  viscous  effects  must  be  referred  to  the  influence  of  the  body  vortices.  In  the 
case  of  a  very  thick  ellipsoid  of  axis  ratio  3  at  moderate  angles  of  attack,  the  strength  of  the  body  vortices  and  their  effect 
on  the  surface  pressure  distribution  is  relatively  small.  It  is  interesting  to  note  that  these  viscous  effects  can  only  be  observe.*! 
in  the  unsteady  but  not  in  the  steody  pressure  distributions.  Unsteady  pressures  due  to  small  amplitude  oscillations  ore  a  /ery 
sensitive  indicator  of  viscous  effects.  The  differences  between  experiment  and  o  sophisticated  potential  theory  very  clearly 
show  these  effects  of  viscosity. 

More  details  of  the  influence  of  the  originating  body  vortices  can  be  found  in  Figs.  13  and  14  .  Steody  and  unsteady  pro-, 
sures  are  plotted  against  the  circumferential  angle  o  with  the  angle  of  incidence  a  as  a  parameter.  Fig.  13  shows  the  sit¬ 
uation  at  x/L  =  0.088  .  In  all  incidence  cases  the  differences  between  theory  and  experiment  are  very  small,  further 
downstream  at  x/L  =  0.196  the  differences  are  again  small  for  the  lower  incidence  coses.  Remarkable  deviations  from 
potential  theory  are  observed  however  for  the  a  ~  30°  case  at  the  position  O  4  143°  .  Both  real  and  imaginary  pressure 
parts  are  affected.  The  position  x/L  =  0.196  approximately  coincides  with  the  location  of  the  pressure  peak  within  the 
imaginary  port  in  Fig.  12  .  It  must  be  pointed  out  again  that  the  steady  pressures  in  Fig.  14  show  only  small  differences 
compared  to  potential  theory. 

The  reason  both  real  and  imaginary  pressure  parts  are  influenced  by  the  body  vortices  can  again  be  explained  by  the  particular 
location  of  the  body  vortices  with  respect  to  the  axis  of  rotation.  Fig. 3  shows  the  situation  qualitatively.  The  pitching  os¬ 
cillation  of  the  body  about  a  pitching  axis  parallel  to  the  y-axis  causes  an  oscillatory  motion  of  the  boo/  vortices  along  the 
body  surface.  A  phase  shift  between  body  motion  and  vortex  motion  influences  the  unsteady  pressures  on  the  body  surface 
accordingly. 


5.  Rearward  body  separation 

On  blunt  bodies  at  incidence,  two  different  viscous  phenomena  at  the  rear  part  of  the  body  con  be  distinguished: 

1)  The  alternating  separation  of  the  body  vortices  at  very  high  incidence  (a  --  30°)  .  The  frequency  of  this 
alternating  separation  is  determined  by  a  special  Strouhal  number. 

2)  Separation  of  the  turbulent  boundary  layer  forming  a  rearward  separation  region  and  a  wake  behind  the  body. 

This  phenomenon  occurs  even  in  the  zero-incidence  cose. 

These  two  viscous  phenomena  occur  also  on  non-oscil lating  bodies.  As  long  as  the  forced  oscillation  frequencies  of  the  body 
are  small  there  is  no  influence  on  these  two  separation  types.  On  the  other  hand  there  is  a  severe  influence  of  the  rear-body 


f 
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separation  on  the  unsteady  airloads.  It  is  very  difficult  to  make  allowances  for  these  influences.  One  possibility  would  be 
to  perform  a  boundary  layer  calculation  (at  least  in  the  two-dimensional,  axisymmetric  case)  to  determine  the  turbulent 
separo'ran  point.  Downstream  from  this  separation  point  the  wake  could  be  approximately  replaced  by  a  rigid  body.  Such  a 
modelling  of  the  separation  region  achieves  the  proper  correction  of  the  steady  pressures.  It  should  also  correctly  influence 
at  least  the  amplitudes  of  the  unsteady  pressures.  Further  intensive  studies  of  these  complicated  flow  situations  with  respect 
to  unsteady  airlocds  are  necessary  in  the  future. 

6 .  Conclusion 

Potential  theoretical  calculations  of  steady  and  unsteady  airloads  on  oscillating  wings  and  bodies  have  been  compared  with 
corresponding  experimental  results.  The  deviations  between  theory  and  experiment  yield  direct  information  about  the  type 
and  magnitude  of  the  different  viscous  phenomena  involved. 

It  hos  been  mentioned  that  the  Kutta- Joukowsky  condition  as  a  phenomenological  condition  includes  the  major  viscous  effect 
for  lifting  configurations  without  flow  separation.  A  higher  order  effect  of  viscosity  including  the  boundary  layer  displace¬ 
ment  is  taken  into  account. 

Three-dimensional  flow  separation  can  be  of  the  free  vortex  layer  type  or  of  the  bubble  type.  Vortex  systems  have  been  in¬ 
vestigated  about  the  following  configurations: 

1 )  blade  tip  with  tip  vortex, 

2)  leading  edge  vortex  on  wing  with  highly  swept  leading  edge, 

3)  body  vortex  on  axisymmetric  body  at  incidence. 

In  all  three  cases  the  effects  of  the  vortex  flows  on  the  steady  and  unsteady  airloor':  may  be  clearly  localized.  If  the  vortex 
location  is  known  a  priori  as  in  the  blade  tip  case,  a  quasi-steady  correction  of  the  unsteady  airloads  using  the  measured 
steady  pressure  distributions  can  be  successfully  used  to  represent  the  major  effects  of  the  vortex  flow  on  the  unsteody  airloads. 

Measured  unsteady  pressures  are  found  to  be  a  very  sensitive  indicator  of  viscous  effects,  while  local  deviations  from  poten¬ 
tial  theory  signal  boundary  layer  transition.  The  origin  of  the  body  vortices  on  blunt  bodies  at  incidence  can  be  localized 
clearly  where  influences  on  the  steady  pressures  are  still  very  small. 

A  simple  model  representing  the  rear  body  separation  region  should  give  a  corresponding  correction  of  the  steady  as  well  as 
unsteady  pressures  within  these  regions. 
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Detail  ol  the  gap  -  geometry 
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Figure  1 ;  Wing  with  oscillating  control,  details  of  gap-geometry 


Figure  2:  Influence  of  wing  thickness  and  buunOary 
layer  displacement  on  unsteady  airloads 


Figure  3:  Vortex  formations  on  lifting  configurations 
and  bodies 


Steady  and  unsteady  pressure  distributions  on  an  oscillating  blode  tip 

(a  =  0°  ,  u*  =  0.402  ) 


Steody  and  unsteady  pressure  distributions  on  on  oscillating  blode  tip 

(•»  =  4°.  -  0.402  ) 
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Figure  10:  Ellipsoid  of  axis  ratio  a/b  =  4  at  a  =  15° 
incidence. 

Boundary  layer  displacement  thicknesses  6^ 
along  different  equipotentiol  lines. 

Lines  of  numerical  instability  interpreted  as 
separation  lines  [13]  . 


Figure  1 1:  Ellipsoid  of  axis  ratio  a/b  =  3 
(no  incidence  case). 

Steady  and  unsteady  pressure  distributions 
along  the  leewaid  symmetry  line. 
Comparison  of  three  different  theoretical 
approaches  with  experimental  results  (I4|  : 

a)  Slender  body  theory 

b)  Spheroid  function  approach  [15] 

c)  Present  panel  method. 
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Figure  12:  Ellipsoid  of  axis  ratio  a/b  =  3  at  y  =  30° 
incidence. 

Steady  and  unsteody  pressure  distributions 
calculated  by  the  present  panel  method  compared 
with  experimental  results  11 41  . 


oi 


ot 


Figui 


Circumferential  pressure  distributions  on  o  prolote  *>heroid  (  *A  -  0.196) 
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SOME  REMARKS  ON  BOUNDARY  LAYER  EFFECTS  ON  UNSTEADY  AIRLOADS 

by 

R.  Houwink 

National  Aerospace  Laboratory  NLR 
Anthony  Fokkerveg  2 
1059  CM  AMSTERDAM 
The  Netherlands 


SUMMARY 

These  notes  of  an  oral  presentation  discuss  steady,  quasi-steady  and  unsteady  boundary  layer  effects 
on  unsteady  airloads  on  oscillating  airfoils.  The  discussion  is  illustrated  by  experimental  and  theoreti¬ 
cal  data  for  wing  sections  with  oscillating  flap.  The  notes  reflect  results  of  current  investigations  at 
NLR  to  obtain  insight  in  boundary  layer  effects,  and  to  include  these  effects  in  prediction  methods  for 
unsteady  airloads. 


LIST  OF  SYMBOLS 


c  chord  length 

c^  lift  coefficient 

c  hinge  moment  coefficient  (positive  tail  up) 

0^  pressure  coefficient 
U)C 

k  *  pTp  reduced  frequency 


=  —  —  unsteady  lift  coefficient  due  to 
1  flap  deflection 
free-stream  Mach  number 


c 

2  n  1 

nc  -  —  ^ —  unsteady  hinge  moment  coefficient 
1  due  to  flap  deflection 


R  ratio  of  boundary  layer  effect  vector  to 

inviscid  lift  vector  {Figs  8,o) 

Re  Reynolds  number  based  on  chord 
U  free-stream  velocity 


transition  point  location 
mean. angle  of  attack 
mean  flap  angle 
61  flap  amplitude 

6*  boundary  layer  displacement  thickness 

C 

Pi 

ACp  -  ^ —  unsteady  pressure  coefficient 
index 

1  first  harmonic  component  of  response  to 
sinusoidal  motion 


1  INTRODUCTION 

The  background  for  the  interest  in  boundary  layer  effects  on  unsteady  airloads  at.  NLR  is  the  predic¬ 
tion  of  operational  limits  with  respect  to  flutter,  buffet  and  buzz.  Typical  flow  regions  of  interest 
(subsonic  and  transonic  attached  flow,  separated  flow)  encountered  by  an  airplane  within  its  Cj -M*,  bound¬ 
aries  are  shown  in  figure  1.  The  basic  aerodynamic  problem  studied  at  these  flow  conditions,  is  the  deter¬ 
mination  of  unsteady  airloads  on  wing  sections  and  control  surfaces  in  harmonic  motion  (e.g.  Tijdeman1). 

Various  problems  hamper  the  prediction  of  unsteady  airloads  for  free-flight  conditions: 

-  wind  tunnel  data  are  affected  by  wall  interference  and  scale  effects  ( in  particular  of  Reynol  is  number  , 

-  inviscid  subsonic  and  transonic  flow  theories  breakdown  due  to  the  neglect  of  viscous  effects  i n 
separated  flows,  as  well  as  in  attached  flows  with  strong  Pressure  gradients  (e.g.  at  transonic  fi  w 
conditions,  control  surface  deflections). 

In  the  latter  case,  for  instance,  the  applicability  of  linear  theory  break:,  down  because  *.h*<  errors 
due  to  the  neglect  of  both  thickness  and  boundary  layer  effects  do  not  cancel  »»aeh  other,  i  i k * •  it.  many  !  v 
subsonic  flow  applications.  For  a  better  theoretical  prediction  of  unsteady  air.v*ais,  1  >tb  ♦•ffV't:-  •  • .  •  . ; .  i 
be  taken  into  account. 

Iti  these  notes  first  some  general  information  on  boundary  layer  *'*  f  f  *  r.  is.  g.Iven.  V-x*  •  v-  -f!'i  f 

thickness  and  boundary  layer  on  unsteady  airloads  on  two  airfoils  ( N.-V'/d’  '.A11 and  N!.:-  ’■  '  v>b 
lating  flap  are  illustrated  by  experimental  and  theoretical  result.:-.  id*-s.  pin;-  i ly  f 

coupled  steady  inviscid  flow-boundary  layer  computations  (using  the  j-uK.7  rvth'i'  .  ale  :  n- .  •>. ;  nary  r- 
are  snown  of  a  coupled  unsteady  inviscid  transonic  flow-steady  boundary  layr  -••-•rr.p  it  a4  ..inn  ’ 

LTPAN.'  -  NLR  code’  and  rIre^n,s  lag-entrainment  method**). 


.'UNPARY  LAYER  KFFJv-Tr.  IN  UTKADY  FLOW 


.lom*'  import -'if  it  aspects  of  *  he  !  unlary  Uv/»-r  effect  >».  airfuls  it.  s»>-aiy  V .  w  ■•a*.  :■  .v.v.ar 
fo ;  •  jV;:  : 


.  iary  layr  af  s  to*  st«-a  iy  f )  w  ly  i  nt'-rae*  • 

"  airf.il.  This  fruits  in*  drag,  b'r*n:o  of  lift 
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3  UNSTEADY  BOUNDARY  LAYER  EFFECTS 
3.1  General  remarks 

The  unsteady  flow  is  characterized  by  the  change  of  all  flow  quantities  with  time  relative  to  the 
mean  steady  state  (Fig.  2).  The  boundary  layer  affects  the  unsteady  airloads  both  by  its  mean  steady  state 
and  its  unsteady  change. 

-  The  mean  steady  state  of  the  boundary  layer  affects  the  mean  steady  state  of  the  entire  flow,  depending 
on  geometry,  incidence  a0,  Mach  number  M«,,  Reynolds  number  Re.  The  unsteady  airloads  depend  on  this  mean 
steady  state,  in  particular  at  transonic  flow  conditions. 

-  The  unsteady  change  of  the  boundary  layer  (in  particular  of  the  displacement  thickness)  influences  the 
effective  motion  of  the  airfoil.  This  effect  depends  on  the  mean  steady  state  of  the  flow  and  (for 
harmonic  motions)  on  the  vibration  mode,  amplitude  and  reduced  frequency  of  the  motion. 

Besides  motion-dependent  effects,  the  boundary  layer  may  cause  unsteady  effects  independent  of  motion  (e.g. 
turbulence,  unsteady  shock-induced  separation),  which  usually  interfere  with  motion-generated  effects.  In 
the  following  only  motion-dependent  effects  are  discussed. 

In  the  case  of  unsteady  flow  due  to  a  harmonic  motion,  the  boundary  layer  effect  on  the  unsteady  air¬ 
loads  will  consist  of: 

-  influence  on  magnitude  and  phase  angle  of  the  first  harmonic  components  (both  in  separated  and  attached 
flow) , 

-  non-linear  effects  as  (influence  on)  higher  harmonic  components  and  dependence  of  airloads  on  amplitude 
(in  particular  in  separated  flows). 

These  effects  are  important  for  aeroelastic  behaviour  (e.g.  for  flutter  boundaries,  limit  cycle  motions 
etc . ) . 

In  the  following,  some  of  the  boundary  layer  effects  discussed  are  analysed  by  theoretical  and 
experimental  results  for  the  NACA6i4A006  airfoil  (in  subsonic  and  transonic  attached  flow)  and  the  NLR  7301 
airfoil  (in  transonic  separated  flow)  with  oscillating  flap.  The  analysis  will  be  split  into: 

-  quasi -steady  analysis  of  steady  flow  data  to  determine  the  effect  of  the  boundary  layer  for  the  given 
vibration  mode  and  amplitude  (1°  flap  deflection)  at  infinity  slow  motion, 

-  subsequently,  analysis  of  unsteady  airloads  to  determine  the  effect  of  reduced  frequency  on  the  boundary 
layer  and  thickness  effects. 

It  should  be  noted  that  the  experimental  data  are  affected  by  wall  interference  effects.  However,  in 
view  of  the  dominating  effect  of  the  boundary  layer  in  quasi-steady  cases  considered  in  the  next  part,  it 
is  believed  that  such  a  comparison  gives  at  least  a  qualitatively  correct  picture  of  the  effect  of  the 
boundary  layer. 


3.2  Discussion  of  examples  for  attached  flow 

The  present  results  for  the  NACA6LA006  airfoil  concern  a  subsonic  case  (M  -  0.3)  and  a  transonic  case 
with  shock  wave  (M^  =  0.83),  both  for  ™ero  mean  incidence  and  flap  angle  (aQ  =  6Q  =  0).  The  data  shown  ar^ : 

-  experimental  data  from  Tijdeman1  (T.e  =  2x106,  transition  fixed  at  10  %  chord) 

-  in  the  quasi-steady  analysis,  theoretical  results  from  the  BGKJ  program  (quasi-conservative  full-potential 
theory)  with  and  without  boundary  layer  computation 

-  in  the  unsteady  analysis,  theoretical  results  from  the  LTRAN?  -  NLR  code  (improved  low-frequency  transonic 
small  perturbation  theory) 

-  results  of  linear  theory. 


Steady  and  quasi -steady  analysis 

Figure  3a  shows  the  effect  of  the  boundary  layer  on  the  steady  pressure  distribution  in  the  t runs- -n ic 

case  at  on*1  degree  fiap  defl.;.*r,ion .  Figure  3b  shows  the  piasi -steady  pressure  distributive.  f.A,rTl  =  yO 
derived  from  figure  3a.  The  boundary  layer  leads  to  a  more  upstream  location  of  the  shock  wave  ■effect.  .  f 
its  mean  steady  state)  and  to  a  lower  AC_  level  (effect  of  both  its  mean  steady  state  and  its  quasi .  -tiy 
change).  Globally,  the  boundary  layer  reduces  the  effect  of  thickness,  and  dominates  th*-  wal  !  -  i  nt  ■ 

effects.  This  is  also  reflected  in  the  overall  lift  and  moment  coefficients  (AGAR!)  notation'  shown  it. 
table  1.  Note  the  stronger  effects  of  thickness  and  boundary  layer  in  the  transonic  case. 

Figure  U  shows  the  distributions  of  displacement  thickness  A*  on  upper  and  lower  side  at  on»-  i* >*]*••> • 
flap  deflection,  for  Min  -  0.3  find  =  0.83.  The  difference  a  A*,  corresponding  to  the  juas  i -st  <-u  ly  change 
at  one  degree  amplitude,  decambers  the  airfoil  like  a  "viscous  flap"  opposite  to  the  geometric  flat  m-*i'U. 
This  effect  is  propably  due  t,o  the  strong  quas  i -steady  pressure  peaks  at.  the  flap  leading  edge  arid,  in  •  b»- 
transonic  ease,  at  the  shock  wave  (Fig.  3). 


'V. steady  analysis 

Figure  3  shows  experimental  and  theoretical  mean  steady  pressure  distributions  f  >r  Me*  transonic 
Th*'  result:;  of  inviscid  transonic  theory  (’.TRAN.'  -  NLR)  shew  a  slight  ly  stronger  anl  mi-n-  d- >wnst  r*-am  st  k 
wave,  (partly)  due  to  th**  neglect.  of  the  boundary  layer. 

Figures  f  and  7  show  the  effects  of  t.hi  'kness  'difference  between  linear  and  transonic  theory'  an  i 
boundary  layer  (main  part  -f  difference  between  transonic  theory  and  experiment*1  >n  the  unsteady  1  i  f  *  an  i 
rouge  moment  coef  f }  c  j  /»nts  ,  loth  for  the  sulsnni"  and  the  transonic  case.  Jn  the  ]  i  f «  >ef  f  j  s  , 

Fig.  *  i  the  effect  f  the  boundary  layer  is  strong,  it  depends  on  frequency  and  Ma-’h  number  an  i  i: 
pp< i  *  e  the  thi  -kne.:.;  "ff,..>*  .  fhe  hinge  moments  in  figure  shew  a  different  effect  of  the  boundary  layer; 
mainly  reducing  the*  magn  i  t*i  ie ,  aril  only  slightly  dependent  ■  »r*  M  arid  k. 


J 


r 


The  different  boundary  layer  effects  on  lift  and  hinge  non.*-:.!  ir.  i.  a*.-: 

-  the  effect  on  the  hinge  moment  is  dominated  by  an  uppn. x  imute iy  j  ,u. a  iy  ■  ...  f .  uv  "  -* 

-  the  effect  on  the  lift  is  a  combination  of  the  above  "vis-anus  flap"  and  Mi*-  effe  -t  !’ 

the  interaction  of  the  boundary  layer  with  the  unsteady  pressures  upstream  ■  f  4  flap  >  ir.  particular 
at  the  shock  wave  in  transonic  flow,  possibly  a  ’’viscous  rani  ’*  effect’’.  These  pressures  generally  sr.  v 
large  phase  lags,  depending  on  k,  and  so  introduce  phase  lags  and  frequency  dependence  in  the  boundary 
layer  effect  on  the  overall  unsteady  airloads. 

The  boundary  layer  effect  can  be  illustrated  even  mor*-  ci.*urly  by  ••  nsiderit.g  a  vector  pit  ■  of  the 
unsteady  airloads,  for  example  in  figure  8  for  the  lift  in  the  transonic  use.  The  difference  vector  of 
the  experimental  and  theoretical  results,  which  mainly  represents  tin*  effect  of  the  boundary  layer,  sh  wv 
a  strong  decrease  in  magnitude  and  an  increasing  phase  lag,  with  in*r.nsi r.g  value  of  k.  In  figur-  /  thi. 
effect  is  shown  both  for  the  transonic  and  the  subsonic  case  in  a  s  i  i  gh»  ly  llfferer.t  way,  by  the  rut: 
of  the  difference  vector  to  the  inviscid  lift  vector  (for  the  transonic  cas-  derive  i  from  figure  •• ;  . 
stronger  boundary  layer  effect  in  the  transonic  case  is  largely  due  t«.  *  he  sh  k  wav*-. 


Prediction  methods 

Analogously  to  steady  flow,  a  feasible  prediction  of  the  above  towndury  .  *ty»  r 
flow  can  be  expected  from  coupled  unsteady  inviscid  flow-boundary  layer  '•  ::v.  g  a?  i  m 
Grenon®).  In  applications  of  this  procedure  for  transoni ■  flows  v : 4  h  sh--.'k  wave.-,  •  *•  *  • 
effect  at  the  shock  wave  (as  modelled  and  applied  successfully  by  Y  shlhara’  ur.  i  ■  *.. 
can  be  accounted *for  properly. 

At  NLR,  as  a  first  step  towards  such  a  procedure  the  I. THAN.  -  NLr*  •  -.a  . 

entrainment  method  of  Green  for  a  steady  turbulent  boundary  layer.  Figure  w  •  r-  . 

an  unsteady  pressure  distribution  for  the  NACAo‘oV>0*  airfoil  at  trunsoni ■  >  r.  tit .  =• 

with  oscillating  flap  (6  1°,  k  =  0 .  .*U ) .  Accounting  for  the  boundary  .ay-  r  i  u  ;  a  •••m*  •.*  * 

leads  to  a  considerably  better  agreement  with  the  experimental  data. 


Remarks  on  further  investigations 

In  order  to  support  the  development  of  prediction  methods,  further  **x:-  r  isr."*.*  a .  an; 
tigations  are  necessary  on: 

-  modeling  of  local  unsteady  strong  interaction  regions  and  the  unsteady  wake 

-  non-linearity  of  the  boundary  layer  effect 

-  unsteadiness  of  the  boundary  layer  response  to  unsteady  pressure  di  st.r  i  but  i  ■  ,  •  :•  ■ 

of  applicability  of  quasi -steady  boundary  layer  prediction  methods. 

Besides  the  above  investigations  on  boundary  layer  effects,  also  further  «♦ u  iy  f  v*i. 
is  necessary  to  facilitate  the  interpretation  of  theory-experiment  comparisons. 

The  above  remarks  also  apply  to  strongly  separated  flows,  where  the  i  ngr**  i  i  -  f  r  •• :  mi  -tr  :  r  •  - 1  i  •* 
methods  are  hardly  available.  An  example  of  unsteady  airloads  in  separated  t ram;  -r.i  *  f.  w  !..•  •  ■..■.-•!  ; 
the  next  chapter. 


i.  1  Discussion  of  example  for  separate,!  transonic  flow 

The  present  results  for  the  NLR  'M01  airfoil  concern  a  transonic  -vase  ;  t!  *  i  =  ■  , 

a  separated  boundary  layer  downstream  of  a  shock  wave  on  the  upper  surface.  ;•»,«  -  xp*  r i r,-  :0  w .  \ 
relate.;!  to  He  =  .'xIO®  with  transition  fixed  at  ir  %  chord.  Figure  II  shows  the  :r.*a:.  -  *  •  ■  -t  1  y  :  re 
but  ion.  In  figure  I.1,  the  quasi rstoady  pressure  distribut  ion  on  the  urn*-r  side  n4  •  ngr-*  f 

tinn  shows  the  dominating  effect  of  the  flow  separation,  by  the  strong  1  miing  •>!.  ti.*-  r*-ar  rut- 
toil  and  by  the  negative  pressure  peak  at.  the  shoe}*  wave  (iudieat  ing  at.  unst  ream  m  •  it.  f  4 
downward  flap  deflection). 

Figures  1  J.  and  t  A  show  the  effects  of  thickness  and  boundary  layer  •  .n  (I-  iy  .if*  v 

moment,  coefficients.  The  inviscid  transonic  theory  results  were,  oimput**!  for  a  •  inpafit  -i  rf 
lower  angle  of  attack,  having  the  same  shock  wave  l.vuti  >n.  It.  4  his.  way  t  eff.--*4  ,f  V.-  ".-a: 

fi'*Ld  4  he  thickness  effect)  on  t  Vie  unsteady  airloads  is.  account  *~i  for  nr-pr.  x  ima4  ••  1  y  in  a  ■  rt  > 
separated  bout,  !ary  layer  appears  to  cause  a  string  variat  i-u.  of  4  he  unsteady  a :  r  i  'a  i.  w'.  •  r,  ft*, 
ir.  magr.  tuie  and  phase-  angle.  The  present  ‘.-havi-ur  of  the  lift  is  quit.*  similar  *-  r  ha*  \  * 
•f  Me  NANV-'A”  airfoil  :sc  i  i  1  at  i  r;g  in  r*.  ’-‘h,  r*-p'U’t--i  by  I  av  is0. 

i'he  peak.;  i  r.  magnitude  at.!  :-*reng  varia*  •  .f  tc.ase  at.gie  wi»h  fr1  •  rc-t.'.v  iu!i  - 

r*-  ;  ■  .nai.'e  it.  v  i  s-*- ius- i  :.v  ;  s**  j  i  It.*. era*4  i-  .  Tnis  also  sh'>ws  ut  if  4  he  :  un  1  ary  ..av-r  -  ff*-  •* 
■effi  is  !♦•♦  ermi  t.e  l  as.  4  he  liffere;.*.*  v  ,4  r  f  4  I  r ,  v  i :  -  •  i  i  results  at.  1  *  h-  *•>.:*  r*i  4  •» 

'ii. a.  >k  ■  ».;  4  4  re*  't4  4  fief..-  j  f.  ,w  exam;  ’.  *■ .  F;gwr>-  **  ws  t  nbi'  :  v-  •■'.mdary  i*»ye»*  .  ff.  •*  4  •  . 

-f  *'  •  ;  l.fferer,’.-  v-''*’.  >r  *  •  4  he  i  ».v  :  i  1  i  :  f f  v-4  r  •  -mp-tre  wi4>.  Fig.  *’,  .  •*.  *  rury  ‘ 

f1,  4  re*  t  r*  :'*•*. 4  t  w*.  iary  lay*  r  *-**!'■••*  w  ■  a  ;  ••ak  ir.  ruag:  i  t  ni»*  :.*ur  k  ~  .  '  ,  nr  :  a  •  »-  ■ 

;  ha  at:g  *  ■!'  rr.-  r*-  4  hat.  *.»  •  . 


.r.  jury  .ay*  r  :  ;  !  .  y  r  lay  tr.  . .r4‘t.u*  r 
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TABLE  1 

Quasi-steady  airloads  on  NACA6UA006  airfoil  with  oscillating  flap 
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tl.iiiit-  visqueux  des  ecoulements  instat ionnaires  sur  proflls  d’ailes  est  recher- 
l»vi 1  oppees  a  l’ONERA,  d’une  part  pour  le  fluide  parfait  en  theoric  des  petites 
•  j'.iih.  .'.'autre  part  pour  le  calcul  et  le  couplage  des  couches  visqueuses  en  regime 


i  *,  tui  lou  non-visqueusc,  calcule  par  une  me thode  integrate,  determine  la  vitesse 
» i  sur  !*.-s  parois.  Los  deux  problemes,  resolus  par  des  met  hod  cs  impl icites,  soiU 

'  .!.*•"  t  ort" ,  garantie  de  valldite  du  modcle  visqueux  et  de  regularite  des  solutions 
nit,  >i  couplage  n'a  toutefois  etc  traite  numer iquement  que  sur  des  configurations 
f.v.  s  nut  ament  aux  profils  avec  gouverne. 


INTRODUCTION  OF  VNSTKADY  BOUNDARY  1.AY HR  EFFECTS 
t  N  r.o'-DI  V.KNS!i**:a!  TRAN. SON  T  C  (*A1.(  !'I  AT  1  i»N 


SCVMARY 


A  computation  of  viscous  unsteady  1  l->ws  over  wing  profiles  is  researched  using  two  methods 
elaborated  at  ONERA,  on  one  hand  for  the  inviscid  flow,  within  a  transonic  small  disturbance  approach, 
nn  the  other  hand  for  the  calculation  and  coupling  of  viscous  layer,  within  a  strong  interaction  analysis. 

The  difference  between  the  viscous  and  inviscid  solutions,  calculated  by  an  integral  method, 
determines  the  inviscid  normal  velocity  at  the  wall.  The  two  problems,  solved  by  implicit  methods,  art- 
linked  thr  ugh  a  "strong"  coupling,  guarantee  of  validity  for  the  viscous  model  and  of  regularity  for 
separated  flows  solutions.  For  the  time  bring,  the  coupling  has  been  applied  numerically  only  to  non- 
separated  flows  configurations,  namely  for  profiles  with  trailing  edge  flap. 
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NOTATIONS 


c  corde 

h  geumetrie  du  prof il  -  h  (X,t) 

k  frequence  reduite  -  k  =  u)  c  /  u 

t  temps 

*  y  coord onnees  du  repere  relatif 

Cf  coefficient  do  frottement 

Cj  coefficient  de  portance 

Cm  coefficient  de  moment  au  quart  av.rnt 

(moment  positif  entralne  le  herd  de  fuite  vers  le  bas) 
Cn  coefficient  de  moment  de  charniere 

(moment  positif  entralne  le  bord  de  fuite  vers  le  bas) 
Cp  coefficient  de  pression  instat ionnaire 

Kp  coefficient  de  pression  stat ionnaire 

Map  nombre  de  Mach  amont 

rb  nombre  de  Reynolds 

x.v  coordonnees  du  repere  absolu 

a  parametre  de  forme 

6  epaisseur  de  couche  limite 

6  braquage  de  la  gouverne 

(positif  si  le  bord  de  fuite  est  vers  le  bas) 

6  epaisseur  de  deplacement  de  couche  limite 

0  epaisseur  de  quantize  de  mouvement 

0  deflection  induite  par  la  couche  limite  :  ©  (X,t) 

p  masse  volumique 

vp  phase  ou  potentiel  de  perturbation 

(i)  pulsation 

r  irculation 

INDICES 

i  instat  Ionnaire  ou  incompressibl e 

m  moyen  ou  stat ionnaire 

n  indict*  tempore  1 

6  relatif  au  braquage  de  gouverne 

1  relatif  au  premier  harmonique 

^  critique  ou  relatif  a  1*  epaisseur  de  tie  placement 

relatif  a  l*ecoulement  visquenx 
^  variable  intermedia! re 


I . 1 NTRODUCTI ON 


Les  methodes  de  calcul  lineaires  sont  le  support  essential  de  la  prediction  des  ecoulementi 
ins  tat i.-nna i res  pour  1 es  aeroelasticiens.  Toutefois,  ces  methodes  ne  sont  pas  applicables  dans  le 
donaine  t fans son ique  ou  i'on  observe  d’ important  s  non-linearites  introduites  par  la  presence  d'ondes 
de  choc.  Ces  dernieres  annecs,  diverses  methodes  ont  eto  proposees  pour  caleuler  les  ecoulements 
tridimensioimels  de  fluide  parfait  en  t  r.msson  i  que .  .Ces  methodes  de  resolution  s’appuient,  suit  su  r 
1' equation  des  petites  perturbations  t ranss-»n iques  [1, 2,3/4],  soit  su r  les  equations  d'Euler  15,6]. 

C*-s  dernieres  neccssitcnt  des  temps  de  calcul  importants  ce  qui  Unite  fortement  leurs  possibilities 
d ' app 1 icat ion  bien  qu'en  principe  el les  soient  plus  rigou reuses. 

Au  vu  de  confrontations  avec  1 'experience,  on  retnarque  que  l'hypothese  qui  consiste  a  noglige-r 
les  efftts  de  la  viscosite  pour  ne  considerer  que  le  fluide  parfait  introduit,  par  t  icul  ieremen  t  on 
regime  transson ique,  des  erreurs  importantes.  Ainsi  la  position  de  l'onde  de  choc  et  son  in tensile 
sont  etroitement  liees  aux  caracterist iques  de  la  couche  limite.  Un  calcul  en  fluide  visqueux  des 
ecoulements  instationnaires  doit  des  lors  etre  recherche. 

t’ne  premiere  approche  consiste  a  adjoindre  au  calcul  en  fluide  parfait  un  calcul  de  couche  limit* 
et  a  assurer  entre  eux  un  couplage  partiel,  qualifie  de  couplage  faible, c  'csr-a-dire  ne  respire  tant  pas 
totalement  la  reciprocity  des  influences  visqueuses  et  non-v isqueuses .  Cette  approche,  coho rente  av<< 
la  theorie  de  la  couche  limite  classique  et  les  regimes  de  faible  interaction  visqweuse,  conduit  h  urn 
simplification  numer ique  majeure  en  raison  du  decouplage  partiel  des  deux  calculs.  En  instationnaire, 
des  ameliorations  notables  ont  de j a  etc  apportees  de  cette  fa^on  (7]  aux  cal  *.  >>  I  s  en  fluide  parfait. 

Neanmoins,  en  stationnaire  ou  en  instationnaire,  ce  type  d  'approche  contient  on  lui-meme  d '  impor¬ 
tantes  limitations,  qui  ont  ete  detail  lees  par  ailleurs  [8/9/10/11/12,13).  Rappelons  ici  seulement  : 

(i)  la  restitution  imparfaite  et  parfois  inconsistante  des  domaines  d' influence  du  fluide  vis¬ 
queux  inherente  au  couplage  faible,  notamment  pour  les  interactions  visqueuses  en  supersonique  ou 
transsonique  aux  pieds  des  ondes  de  choc, a  ins  i  que  pour  les  problemes  de  deed lement  ou  de  herd 

de  fuite. 

(ii)  la  presence  possible  de  singularites  Lrrealistes  dans  les  solutions  de  *ouchc*  limite,  gene- 
ralement  en  liaison  avec  1 'apparition  de  courants  de  retour.  Bien  que  de  natures  d iff creates  en 
stationnaire  et  en  instationnaire,  ces  singularites  sont  artif icielles,  n'indiquent  pas  une  limite  de 
vulidite  des  approximations  de  couche  mince,  memo  au  niveau  le  plus  restrictif  des  equations  de  Prandt  3  , 
mais  traduisent  avant  tout  la  necessity  d'un  calcul  de  forte  interaction  visqueuse. 

Ces  singularites  peuvent  notamment  etre  eliminees  [9,12]  par  des  methodes  de  resolution  inverses,  ou 
encore  par  un  couplage  rigoureux  au  fluide  parfait,  qualifie  de  couplage  fort. 

les  limitation  precedentes  imposant  le  d eveloppement  de  calculs  de  forte  interaction  visqueuse, 
deux  grandes  voies  d 'analyse  sont  possibles  [8J.  ha  premiere  consiste  en  une  approche  globale,  resol- 
vant  un  systeme  d  'equations  unique  valable  dans  tout  le  champ  d'ecoulemcnt  (equations  de  Navi ur-St okrs 
completes  ou  tronquees) .  Nous  nous  interessons  ici  a  la  seconde  possibility,  1' approche  par  couplage 
fort,  dans  laquelle  un  calcul  en  fluide  parfait  peut  etre  maintenu,  grace  a  la  resolution  separee  mais 
couplet?  d'un  probleme  visqueux  comp  lumen t a  ire ,  qui  generalise  le  concept  de  couche  limite,  et  qui  de¬ 
termine  en  pratique  les  conditions  aux  limites  du  fluide  parfait. 

Nous  considerons  en  «utre  ici  un  couplage  fort  dans  lequel  des  approximations  de  type  couche 
mince,  attaehees  ou  decoll  s,  peuvent  etre  valablement  Invoquoes  pour  le  probleme  visqueux.  A  <• 
niveau  d ' approx imat ion ,  It:  .  alien r  a  montre  18,9,11  I  qu'unc  formulation  deficitaire  pour  recomposer  la 
solution  visqueuse  reelle,  a  partir  des  deux  calculs  couples  visqueux  ct  non-visqueux  const itn  t if s,  per- 
r.et  non  seulement  d'eviter  les  limitations  des  methodes  de  couplage  faible,  mais  encore  cellos  des  me- 
thodes  classiques  de  couplage.  fort,  dans  lesquelles  sont  mises  en  jeu  des  equations  de  i  i.-nutt  I  ,  ainsi 
qu'un  couplage  par  raccordement  su r  une  front  ic-re  externe  ou  encore  par  addition  d'une  epaisseur  de 
dep lacimen t .  ha  formulation  deficitaire  du  couplage  adoptee  ici  suppose  en  pratique  le  rocou vremen t 
lies  domaines  de  cd  nils  visqueux  et  non-visqueux,  le  role  du  calcul  visqueux  se  bornant  a  evaluer, 
dans  les  •■r'gions  ,e  *  urher.  linites,  1'erart  qui  exists  entre  la  solution  de  fluide  parfait  calculi*  , 
it  la  .soluti<M>  .  i  squeu:  >•  ivillc.  1  *•  1 1  e  analyse  [  8,  1  1  ]  upportc  d'un.  part  la  commodity  numcrique  d'un 
di.-air;,*  !,*  calcul  du  t  ’  i  - 1  ♦  parfait  *; '  appuvant  ‘air  les  parols,  et  surtout  d’ autre  part  la  prise  dn  iopi- 
;  t  •  .  iu  ap;  r  -:i  i*  ;  v«  ,  •!*  •  r.nl  i  cut  d«-  press  ion  normaux  internes  aux  touches  visqueuses. 

. •  ;  r  '  :  .  t  .ii  !  1«  -'ii'  i  de  limiter  !  i  rout  des  rah  ills  a  condu  i  t  a  adopter  urn- 

"i  •■■■'>  •  :  ■  t  i  j-.'ux.  ha-  ,  moveiinant  un  ehoix  approprie  des  equal  ions  dt 

.  ■’  lira  ae  *  utidti  i  l  pas  a  <ies  equations  inlegrajis  v  i  squ  eu  sou 

■  ■  1  I.-  i  ai  M «  ,  mais  exig*  p,n  .  «»nt  re  la  rdalisat  ion  nur.ieT  ique 

•  •=  ;  ms.  ..insi  que  la  definition  d'un*  "n:th«‘d*  integral*-  e.i  1  eu  1  ant 


r  i  ; '  •  ['■*-,  '.r  ,  i  I  |  !...•<{<  1  i  a  1  i  sail  s  <  <  ■  on  ;■  1  ,iv*-  f  *t  I  ,  . IV*  ■  « i 

.iliil'  »nt  pi  i  r  t  re  p  t" .  s  p  -  •  • .  i  *  n.'t.iT-i  r:f  l.iin.  I*  .t-  .  u  If 
;  <  :  «  1  t  i  <  •  i :  |'i»i  r  1  '  •  .< i  a  :  i  >  l '  : «  1  ]  *  t  i  1 1  ;  •  i  t  ■;  t  !■  a  t  i  <  s :  •  t  t  .  o . 


r  •  -  i  .  s  l  *  lt.it  '  •  i  i  •  1 :  1 

■let  iff  f  ■ 
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taut  vli  t :  .  -u;  lase  tort.  Ces  calculs  s'appuient  d'une  part  sur  la  method c  impi  *  ile  des  directions 

aliening  t  v.iiit  1* equal  ion  du  potentiel  des  putites  perturbations  t  ra  nsson  iques  e*  instat ionna i res , 
Ji'ViU.pi  ,  ai  -'UsiON,  ANuELlNl,  MU1.AK  L 1 , 2  |  .  11s  s'appuient  d 'autre  part  sur  une  tin- 1  hod e  integral  e  im¬ 
plicit*.-  de  -  ali  i;l  des  couches  limites  et  sillages  turbulents,  ainsi  que  sur  des  techniques  de  coupluge, 
deve  ioppees  pai  If  tJALI.EUR  et  CIRODRuUX-LAVICNE  [8%  '■J,  1 1 ,  1  3  j  .  Fr  c&entement ,  bien  que  le  calcul  visqueux 
Inst  at  it.  . mail  c  puisse  etre  poursuivi  dans  les  zones  a  courants  de  retour  grace  a  une  resolution  de  type 
inverse  ll^j>  le  couplage  fort  n*a  ete  realise  nuraer iquement  que  sur  des  configurations  non-decol lees , 
•iinsi  qu'avec  un  traitement  simplifie  du  sillage  visqueux.  Les  exemples  d  '  a  ppl  icat  ion  sont  relatifs  a 
des  ecoulements  transitoires ,  ainsi  qu'a  des  profils  avec  gouvernes  oscillantes,  en  regimes  suber it iques 
ou  supercritiques. 

II.  FLU  IDE  PAR  FAX  !' 


v.  n  do s  pet  it es  j-- e r t u r  ba t  j_ons  t  r an sson  t«puos 

Les  equations  d'Euler  instat ionnaires  qui  regissent  l'ecoulement  de  fluide  parfait  se  ratne- 
iitiu  a  1 ’equation  complete  du  potentiel  des  vitesses  si  1  'ecoulement  est  j  st-ut  rop  •  que  et  irrof  at  bonne  1  . 
*■  nypothese  de  petites  perturbations  transsoniques  et  instat ionnaires  permet  de  simplifier  encore  le 
jiobleme  et  fournit  apres  normalisation  l’equation  (1)  : 


X  =  [  (  T  ♦  1  )  +  3  (  1  -  m!  )]  M  * 


Uette  equation  represente  la  conservation  de  la  masse  approchee  au  sens  des  petites  perturbations  {'  J. 
Son  caractere  non-lineaire  autorise,  au  sens  des  solutions  faibles,  le  calcul  d'ondes  de  choc,  a-  qui  » >r 
en  contradiction  avec  l*hypothese  d'ecouleraent  i sentropique  irrotat ionnel .  On  doit  done  sc  lin.itet  jux 
ecoulements  transsoniques  avec  chocs  de  faible  intensity  si  l'on  recherche  une  bonne  approx ir.at  i  :• 
equations  d'Euler. 


Conditions  aux  limites  sur  le  profil 

L'equation  (1)  est  associee  a  des  conditions  aux  limites.  Sur  le  profil.  hi  :  :  • 
nelle  de  la  condition  aux  limites  altachee  aux  hypotheses  de  petites  perturbations  nVii*: 

( 2i_\  „  2_n_  .  k 

\3v  a* 

ou  h  (x  .  t  )  est  la  foiicliop  dccrivant  la  geometric  du  profil.  On  soulignera  qu'au  vu  i  s  l : . . • 
d'attaque  des  profils  une  condition  plus  complexe  est  utilisee  af  in  d  '  amo  1  i  on-r  le  comport 
lut ion  [ 1 J , 


(Vjst  <i  ce  niveau,  cumme  nous  le  justifierons  plus  loin,  qu  *  intervient  le  coupl  ».  «.  :  . 
parf ait-couche  limite.  Le  fluide  parfait  est  prolongs  jusqu'a  la  paroi  et  la  couche  limit c  ini-  rv:«: 
comme  un  apport  de  masse  au  t ravers  de  celle-ci.  Si  l'on  considere  que  l'equation'  M  <s; 
nuit«  approi.  In  ,•  au  sens  des  petites  perturbations  il  est  clnir  quo  t)  vP  /  c)  Y  ropr-s.iu.-  ui.  \ 

par  unite  de  l.'iigm-ui.  Cn  doit  dom  aiouter  a  (.’a)  le  debit  d'injection  de  la  com  li.  limit*  .  >. 

1 1. 1. in  it  > !  e  manure  aupulair.  par  ®(  x  .  *  )  on  aura: 

IlL)  -  +  ©(,  ,  )  ^  k 

'  ^  V  pr*f. '  «)  X  3  * 

^  ’est  au  travers  de  cette  condition  aux  limites  (2b)  que  sref lectuera  le  couplage  tort  ent : e 
la  ••  ••u.'te  limite  et  le  fluide  parfait. 


1 1  a  i  t  enieUt  d- 1  s  i  L  lage 


Dans  toute  solution  du  probleme  a  potentiel  des  vitesses  on  doit  Jefinir  le  out  de  potent  it 
H  fou  circulation)  au  travers  d'un  sillage  qui  sc  developpe  a  1  aval  du  bord  de  fait*  .  v  saut  ]■■■■■ 
tentieL  doit  traduire  la  idiU  iuuite  du  coefficient  de  pression  lip.  Dans  le  cadre  des  petite,  piituibaf  :  a 
t  ransson  iques  [IJ  on  a  si'  t  re  que  : 


on  a  done 


cp  k  ojp 

2  D  x  D  i 


^  o 


k  2£_ 

3  i  +  3x 


0 


(,ette  equation  hyperbo L ique  traduit  le  transport  de  la  circulation  de  1 'ament  vers  I'aval  1» 
long  du  sillage,  nous  la  considererons  comme  valable  dans  le  cadre  des  approximations  visqueuses  actm-1- 
les.  Par  contre  on  doit  tenir  compte  du  deb*t  d'  injec  tion  (ou  de  fuite)  lie  au  sillage  vi.squeu.v  d'unt 


man  ie  ti1  siiailair*-  a  iv  qui  »i.t  l  a  i  t  au  n  i  v,  .1  .  .1.  : .  1  •  .  - :  .  ■  1  :  ;  N  •  ..  m l «  1  -  ■  r . 

|>.ir  l-l  .Slliti'  ill's  I.llilils  JVci  I’l  jiJIis  j-l  I'M  .  !■  ‘  1  :  •  .  .1  :  ■  •  ■  >  !  .  ;  .  .  v  i  :■  *,  -i<  1  i  ■*.  J  " .  I 

lair*.*  ifssort  ir  t  a:..  ,  . 

Schema  mmior  i. quo 

La  reso  1  ut  1  mi  do  I 'equation  (I)  »st  ■  I » t  *  •  1  s  i  n  ;  .11  wu*  »xt*nsi  *:i  >!«  la  n.{  hod*-  i  mj  ■ !  1  c  i  t  «■  d*  s 
direct  urns  a  1 1  ernoos  (A.D.I.)  docrile  pat  :  f  !  *  i*;-»  |  M  •  scluna  uuim  r  1  qu<-  utilise  a  et«'  d/taill.'  -n 
|  1  I,  it  pormel  do  d/crire  1  1  evol  ut  i  »*n  t  rmji.ur  1  lo  .In  pheu.mtono  d'un  temps  n  At  a  un  letups  In  +  1  )  A 1  hi 
travail  taut  s  imul  tandment  sur  deux  variables  'P  1  t  )  ,  l.*  potent  it- 1  do  perturbation  et  Z  ( t  V- 
la  dor  1  v  o  tempore  lie  do  co  potent  it*  l  . 

Lo  domaino  do  calcul  qui  portnol  la  d  1  m  ?  «t  » sal  i  on  spatiale  est  carte-sieii.  Los  conditions  aux 
limites  (pour  It*  proi.il  et  lo  si  Mage)  s.»nt  /elites  sur  uno  coupure  parol  1M«-  a  la  vitess*-  a  1'intini. 

i. '  o  1  .  i,i  i  .,1  av::.  e  do  calcul  tjui  on  rosulto  ost  represent/  do  muni ere  comh-nsee  on  figure  1.  La  |  art  n- 
on  pointilleo  concerne  ia  par  t  i  c  i  pat  i  on  du  couplage  visqueux  qui  sera  docrite  u  1 1  or  i  *  virement  .  »'r.  uotv-ru 
(on  taisant  abstraction  du  louplage  visqueux)  quo  le  s luido  partait  so  decompose  scheir.at  i quement  on  truis 
"pas"  principaux  : 

-  ti"r  ii'-iolut  i<-!  inplicito  sur  la  var  i  ab  lo 'P  pour  toutes  l  os  lignes  do  mail  lap,  **  y  =  Cste  Le 

pas  incorp >ro  It*  traitomont  conservatif  du  tonne  non- 1  inoa i re  responsable  dos  di scent i nui tos  do  vi(ess<  ,  .1 
co  stado  les  ci>nditit>ns  aux  limites  an  nivt*au  du  prof  i  l  sent  coniines  (olios  n'intervu  ment  qu'au  temps 
"M  )  . 

-  uno  resolution  inplicito  sur  la  variable  y  on  direction  y  (pour  lout os  los  lipues  do 

mai  Mage  X  :  Cste  do  l1  anion  t  v*rs  1‘aval).  1  ,  pas  qui  so  comporte  connno  un  corroctour  prond  en 

!  3  tP  \ n  *  1  •  'X 

comp  to  la  condition  au  limit*.*  pour  corriger  la  variable  intermedi  a  i  ro  y 

\  D  y  Vofd 

-  uno  reaclua 1 isat ion  do  la  variable  Z  ~ k— —  n/cessairo  au  calcul  do  l1  iteration  suivante. 

Lo  calcul  so  fait  point  par  point  et  nr  necossite  pas  de  resolution  matr  ic  ie  1  It* . 

Cons  i  do  remit  maintonant  lo  probidmo  do  l 1 i tcrat  nut  qui  entendre  lo  coupla^o  fort  entre  Its  K ux 
calculs.  Commo  on  pent  lo  voir  (fig.l),  il  n'ost  pas  nocossaire  d'iter^r  sur  1' ensemble  du  1'  1  u :  do  par  f  a  i  t 
mais  seu  1  onion t  sur  la  resolution  implicilo  on  direction  Y.  En  olfot,  la  variahi.  do  coeplage  .  st  0 

or,  olio  n'intorvient  qu'au  niveau  do  la  condition  aux  limites  ^ ~ ~  J  dofiive  p«r  1* equal  ion  (  ? a  ) 

l.ors  tin  pas  on  X  soul  ©"  va  intorvonir  01  c  'ost  uno  donnoo  du  pas  do  temps  pr/c/dent  .  Cette 

rvinarque  pour  importante  quelle  soit,  car  olio  r/duil  riotablement  les  temps  do  calcul,  n'a  nueun  caractore 
do  go  n.ralito  puisqu'ollo  d/coule  seu  lenient  do  1 ’ ut i 1 isat ion  do  la  technique  dos  directions  alternocs 
(A, P.1.)  pour  lo  calcul  du  fluido  par  fait. 

’.‘.'iis  1  .'.lit  ■  c*.»r:  *;  i  v  i  ,  par  un  rep«  1  .  «  art  os  i  on  ciirvilic.no,  t.ny.enl  :  ’.1  j.u'oi  ou  1  .  1  ■. 

:■  o  venno  d.u  si  llac.o.  :\>il  dans  1  e  ropf  re  u,v  los  eompo.sant  es  <li-  la  vitis:-o  P  ,  P  1  a  press  ion  «  t  i.«  :  a*  *•, 

vo  1  u::i  i  quo  pour  1'  ’  oou  1  enient  non  v  i  sqiK-ux  .  Stiit  u,  v  ,  p  ,  p  letirs  liou.o 1  o>’,ues  p<  ui  la  -  .iut  i  ■  ; . 

tie  t  1  U  ido  V  i  S<|Ui-u:s  . 

Les  analyses  do  eouplage  fort  supposont  hab i tuo l lemont  quo  los  equations  do  f Initio  partait 
Mint  rosoluej.  pom  y  >  6(x,t),  6  ^tant  1  1  »’-pa  i  ssour  physique  ti-  la  couche  1  i  0  i  t  .  ,  .1  tjue  1 .  •  «;uat 

Prandtl  sont  riSsolues  pour  y  <  5ix,t),  do  sorto  quo  1 1  approx imat i on  sur  la  prossion  s'y  dor  it 

p(x,y,t)  =  P  (x,t)  =  p  (x,  6  ,t)  .  Cot  to  t’ormu  lat  ion,  qu  i  ignore  totalomont  los  gradients  di-  prossion 
normaux  internes  aux  couches  visqueuses,  conduit  do  surcroit,  on  ddpit  du  couplage  fort,  a  dos  i nsu t 1  i sa; - 
cos  ma jeures  dans  la  modi?  1 i sat i on  du  fluido  visqueux  on  supersoniquo  ou  t ransson iquo ,  qualiti/os  d» 
compor Cements  supercritiques  des  couches  limites. 

Nous  adoptons,  ici,  la  formulation  donnoo  par  Lo  Hal  lour  18/11,  qui  met  a  profit  lo  prolongomont 
du  calcul  on  fluidt*  parf.it  ^  1'intdrieu;  do  la  couche  visqueuse  pour  dliminer  los  deux  limitations  pr>~ 
cedontes,  el  notamment  les  solutions  faiblos  d i saint i nuos  associ/os  aux  couches  suporcr i t iques .  Cotti' 
formulation  elimino,  .  r  fr-*,  l«-s  solutions  faiblos  ind/sivablos  dos  mdthodos  intogralos  inverses  do 
couche  limite  instati-  1121.  Kilo  /■limine,  onfin,  touto  importance  majouro  au  choix,  ro  (at  i  votnont 

arbitrairo,  do  la  Iron*  xtorno  dos  couches  visqueuses  y=6(*  t) 

qua  l  '  <  >nr:  in t  /qj,  r.th  s 

La  difference  eiitre  les  Equations  dos  solutions  visqu-'eses  ot  notj-v  i  squouses  ost  int/gret-  solon 
y,  avec  1  'hypoth/so  <l*un  raccuri’ement  des  solutions  lorsque  ,  — *  •*?  la's  approx  i  ma  t  ions  do  couche 

mince  port.-nt  d’une  part  sur  1  */ 1  iininat  ion  dos  ternn-s  visqueux  .intros  qm  co  ui  ties  equations  tie  brand  l  1  , 
et  d* autre  part  sur  1 1 hypot h/se  que  lo  champ  do  prossion  visqueux  p(*  y  *  )  .  b i d imons i onno 1  on 

espaoe,  s  1  i  «lont  i  f  i  e  on  promi/ro  approximat  ion  au  champ  tie  prossion  non  visqueux  p(*  v  t  )  t’n  c»ht  iont 
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Dans  ces  equations  integrales,  les  grandeurs  non-visqueuses  p,u,v  et  leurs  derivees  partielles  sent  re¬ 
levees  en  ( x  i  0  , t  1  .  Par  ailleurs  apparaissent  des  termes  lies  a  1 'accelerat ion  d * ent ratnement  Ye  , 

en  raison  du  fait  que  les  equations  sont  ecrites  dans  le  repere  *0y  ,  mobile  par  rapport  au  repere  x  0  v 

du  fluide  parfait. 


La  formulation  deficitaire  18,11]  des  equations  visqueuses  apparait  dans  la  definition  des  epais- 
seurs  integrales,  qui  prend  en  compte  les  variations  selon  y  de  p(x.y.t')  et  u(x.  y.t)  dans  la  solution  de  flui¬ 
de  parfait,  et  par  vole  de  consequence  de  p(x.y.t)  .  Les  approximations  du  calcul  autres  que  p(*  y  .O  — 
p(x.y.t  )  sont  ainsi  eliminees  des  equations  de  continuite  et  de  mouvement .  C'es  approximations  consis¬ 
tent  en  une  modelisation  de  relations  de  fermeture  liant  les  epaisseurs  autres  que  ct  0,  ainsi  quo  Its 
termes  visqueux  Cf et E  ,  modelisation  issue  d'une  famille  de  profils  de  vit esses  u/u  representative  des 
couches  limites  attachees  ou  decollees,  en  stationnaire  comme  en  instat ionna ire  |(),12].  Dans  cette  mode¬ 
lisation,  les  prof ils  P/p  sont  deduits  deu/u  moyennant  l'hypothese,  admissible  en  'cou lenient  turbulent 
adiabatique,  d'une  identite  des  enthalpies  totales  visqueuse  et  non-v isqueuse 


u  id e  par  fa 

potent  iel,  la  condition  aux  limites  v{x,o.t)  ,  ainsi  que  deux  epaisseurs  visqueuses  independant  os  6^*  ») 
et  © (*  .  t  )  ,  sont  calculees  au  moyen  des  equations  integrales  de  continuite,  do  mouvement  et  d'une 

equation  de  moment  (entratnement  ou  energie  cinetique).  Le  choix  de  Inequation  de  moment,  ici  de  1 'equa¬ 


tion  d* ent ratnement  est  relativement  indifferent  dans  l'hypothese  de  Pramltl  :  o  ■  11  devient  par 

|  8,  1  1 ,  1  3  |  en  cas  de  gradient  normal  intense. 

3y 


D  y 


(’litre  important 


Pour  un  ecoulement  de  fluide  parfait  potentiel  stationnaire,  la  continuite  de  la  press  Ion  p(  k  o) 
sur  la  ligne  de  sillage  entralne  la  continuite  dc  la  vitusse  u(x.O^  et  de  la  masse  volumique  p(  «  o)  • 
Dans  ces  conditions,  on  pout  montrer  que  les  equations  integrales  du  sillage  sont  formcl loment  idont iqm-s 
aux  equations  de  couche  llmite,  a  condition  de  rcmplacer  v( »  o )  par<v(x.o)>  >  la  d  isconl  inu  i  t  e  de 
vitesse  normale  qui  traduit  dans  lo  fluide  parfait  l'effet  de  displacement  visqueux. 


les  epaisseurs  visqueuses  mises  en  jeu  sont  alors  celles  definies  pour  un  sillage,  par  integration  selon 
y  entre  -  oo_  et  +  co  .  Le  terme  de  f rot tement C f  disparalt.  Les  relations  de  fermeture  doivent  etre  Issues 
de  profils  de  sillage,  mais  elles  sont  identiques  pour  un  sillage  symetrique  ou  dissymetrlque . 

En  premiere  approximation,  ces  equations  «*nt  aussi  ete  presentement  retenues  en  insLat ionnaire 
moyennant  l'hypotliese,  convenant  aux  basses  frequences,  que  la  continuite  de  la  pression  p(*.c  t) 
qui  implique  toujours  la  continuite  de  p(x.O.t)  ,  conduit  a  une  discontinuity  de  vitesse  <  u(,.o.t)> 
relativement  negligeable. 

Dans  le  mode  de  resolution  direct,  a  p(x.o.t)  et  u(x.o.  O  donnes,  les  equations  visqueuses, 
decouplees  du  flu id e  parfait,  forment  un  systeme  hyperbolique ,  calculable  d'amont  en  aval  en  1 ’absence  de 
courants  de  retour,  constituant  un  probleme  aux  limites  en  x  en  presence  de  courants  de  retour  l 9 j . 

Dans  le  mode  de  resolution  inverse  a  v  /  u(x  .0. t  )  donne ,  le  systeme  hyperbolique  des  equations  visqueu¬ 
ses  decouplees  peut  par  contre  etre  resolu  d’amont  en  aval  dans  tous  les  cas  [121. 

P  L s c r e t  i  sat_ion  n umer  ique  du^  systeme  d 1  e qu  a_t_i o ns  visqueuses 

D'un  point  de  vue  pratique,  les  equations  de  couche  limite  sont  ecrites  en  choisissant  comme 
variables  de  calcul  : 

-  l'epaisseur  de  couche  limite  6 

-  le  parametre  de  forme  <1  i  6^/6 

-  lf angle  d * inclinaison  du  vecteur  vitesse  par  rapport  a  la  paroi  © 

Dans  ces  conditions  le  systeme  visqueux  peut  s'ecrire  sous  la  forme  : 


1  Q  £  cl  Of  i  A  C  c)  Q  _  Q  ,  1  r\ 

—  'j  O-r—  4-  Aij  6^—  _  -  uin 

u  0 1  d*  u 


ou  les  termes  c  i  j • A i j  *  Bi  .  Dimct  Eim  sont  calcules  a  partir  des  grandeurs  du  fluide  parfait  et  des 
relations  integrales  de  fermeture  du  systeme  de  couche  limite. 

La  discretisation  s’effectue  dans  le  plan(t.x)  en  utilisant  un  schema  implicite  en(n*t  .  i) 
du  ler  ou  du  2eme  ordre  en  x  ,  et  du  ler  ordre  en  temps.  Dans  le  cas  du  schema  du  ler  ordre,  on  ecrit 
par  exempie  pour  5  : 


5?*'=  -  6 "  .At  (UV" 

l3./i  v  d  t  /  i 

I3b\n*l  A.  6?!, ’-6? 

Id <  /i  "  a  <  l  d  k/i  a  i 


Pour  le  schema  du  2eme  ordre,  nous  avons 
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On  obtient  des  formules  identiques  pour  da  t  •  Le  schema  du  ler  ordre  en  x  est  pr££4r£  dans  les 
zones  ii  maillage  grossier,  pour  sa  plus  grande  stability.  Si  nous  rejetons  alors  au  2£me  raembre  tous 
les  termes  connus  aux  noeuds  ( n ♦  1 . 1 -t  )  et  (  n .  O  »  1c  syst^me  local  s  £crit  au  noeud 

( n ♦ i , i  )  sous  la  forme  condens£e  : 


A 


as 

3x 

,  aa 
5  57 
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La  resolution,  en  chaque  noeud  du  maillage  de  ce  syst&me  permet,  aprds  integration 

d^rivees  et  ^ ^  ,  de  connaitre  les  distributions  6(* )  j  (X  (  x  )  h  1  '  instant  i  n  * 1 

Ox  .  D  x  n*t 

devaluation  visqueuse  0  (  x  )  5  1*  instant  t  .  Une  iteration  par  une  mdthode  de  Newton 

0  A 

de  fa<^on  lmplicite  les  termes  non-lin£aires  contenus  dans  AT  j  et  Bj 


1  oca  It'  des 
ainsi  que 
r^sout 


Methode  numerjque  en  couplage  (forte  Interaction) 

Le  couplage  s'effectue,  a  un  pas  de  temps  fixe,  de  fa^on  iterative.  Un  calcul  de  fluide  parfait 
fournit  a  l1 instant  tn  la  distribution  u(*,tn)  et  f  {  *  ,  tn  )  a  la  paroi,  le  calcul  iteratif 

s'effectuant  sur  la  deflection  0  (  %  ,  «n  )  selon  le  schema  de  la  figure  2 

II  faut  cepenaant  noter  qu'il  ne  suffit  pas  en  general  d'iterer  pour  atteindre  la  convergence, 
l'erreur  0-0  en  chaque  point  x  pouvant  tres  bien  osciller  sans  jamais  converger,  et  meme  tendre  vers 
1* inf  ini.  Le  comportement  du  calcul  iteratif  couple  depend  a  la  fois  des  caracterist iques  de  l'ecoulement 
calcule,  ainsi  que  des  pas  de  temps  et  d'espace  At  etAx  utilises  dans  la  methode  numerique.  La  figure  3 
nous  montre  que,  meme  pour  une  plaque  plane  sans  incidence,  un  calcul  convergent  peut  diverger  si  on  aug- 
mente  le  pas  de  temps  ou  si  l'on  diminue  le  pas  d'espace.  La  resolution  du  couplage  fort  par  une  simple 
iteration  de  point  fixe  necessite  done  pour  le  mo ins  d'introduire  une  sous  relaxation  afin  d'assurer  la 
stabilite  du  schema  iteratif. 

Cette  constatation  est  en  tout  point  analogue  au  probleme  du  couplage  iteratif  en  stat ionnaire . 

Pour  lv instant,  il  n'a  pas  encore  ete  possible  de  definir  une  sous  relaxation  optimale,  automatique,  com- 
me  en  stat ionnaire ,  et  le  coefficient  de  sous  relaxation  est  estirae  par  t^tonnement s . 

IV  .  RESULT ATS  Sl’KER  IQIT.S 

Cas  stat ionnaires 

NACA  64A006  -  *  0.50  6  m  «  2° 

La  figure  4  presente  pour  un  cas  stat ionnaire  et  subcritique  le  saut  de  pression  normalise  pour  un 
braquage  moyen  de  la  gouverne  6m  =  2°.  On  compare  ici  les  resultats  obtenus  avec  et  sans  couplage 
visqueux  a  un  calcul  de  plaque  plane.  A  l’amont  de  la  charniere  les  effets  lies  a  l'epaisseur  du  profil 
ae  traduisent  par  un  accroissement  de  la  portance,  ces  effets  sont  par t iel lement  compenses  par  les  effets 
visqueux.  Par  centre  sur  la  gouverne  les  effets  d'epaisseur  sont  faibles  alors  que  les  effets  visqueux 
int rodu i sent  une  sensible  diminution  de  la  portance.  On  retrouve  cet  abattement  en  considerant  le  moment 
de  <.huinieie  qul  diminue  d'environ  20  %  par  effet  visqueux.  Cette  derniere  remarque  ainsi  que  le  compor- 
t  en, rut  du  AKp.itj  Lord  de  tuite  correspond  qual  itat  ivement  aux  resultats  exper  Imentaux  obtenus  par 
!i  j  in  Toutefois  une  comparaison  directe  a  ces  essais  ne  nous  semblc  pas  significative 

»i  l.-,  vlti-t  .  de  parols  sont  importants  (la  hauteur  de  veino  dans  la  soufflerie  n’ost  que  d’environ 

!  I  ,  ■  T  ■  '  . 

i  l  it  ,.»wligner  que  ce  calcul  ne  tient  pas  compte  de  devolution  visqueuse  dans  le  sillage  et 

I  r  at  *»  .»nt  ete  obtenus  avec  un  maillage  de  4000  points  dont  110  sur  le  profil.  Le  temps  de 

t.  .  •  •  -in*  j„.ur  generer  a  partir  du  transitoire  le  champ  de  pression  stationnaire  equivaut  dans  v 

»  .  >  •  :■  ,'»im  pour  le  calcul  couple.  Le  meme  champ  stationnaire  en  fluide  parfait  ne  demando 

i  *  r.  .  it  !•  In  /Mm,  I  ne  sensible  amelioration  des  temps  de  calcul  est  concevable  en  rerherc  hant 

in<  pi  i.  i  ..if  i  is  au  niveau  du  couplage  par  une  approche  similaire  a  celle  presentee  en  ref  I  10).  A  1  Micure 
■ft  1,'ii*  i  .  ■  * :  i  fi-nt.itive  d 'opt imisat ion  n'a  ete  faite  pour  diminuer  les  temps  de  calcul,  l'interet  pre- 

i  •  r  !•  tir*  .  t  ■  n  i  *  ■  it.mt  tie  demontrec  ce  que  1 'on  peut  attendre  d'un  calcul  avec  couplage  fort. 

=  o'*  6m »  n" 

l.fi  Sjguri's  »  et  t>  permettent  de  comparer  les  calculs  visqueux  et  non-v  i  squeux ,  ainsi  que  les 
e.ssais  eflettues  par  ll.ILKMAN  I  1  lj  1 .  I  .a  prise  en  compte  de  la  couche  limite  entratne  un  meilleur  posit  i- 
t  i'umement  du  i  hoc  ,  ainsi  qu'une  diminution  de  son  intenslte  due,  a  la  fois  a  une  baisse  du  niveau  de  Kp 


Les  deux  figures  ne  se  distinguent  que  par  le  maillage  utilise  sur  le  profile  60  points  pour  la 
figure  5,  110  points  pour  Xa  figure  6.  Un  raffinement  du  maillage  n'introduit  pas  de  changements  notables 
sur  les  resultats  :  cette  conclusion  ne  saurait  cependant  etre  general isce  sans  experiences  numeriques 
coraplementaires  dans  la  mesure  ou  les  parametres  de  forme  de  couche  limite  sont  ici  moderes  et  que  les 
iuu- linear  it  os  visqueuses  apparaissant  aux  voisinages  des  decollements  ne  sont  done  pas  pleinement  mises 
en  jeu.  On  peut  cependant  noter,  pour  le  calcul  visqueux,  un  bon  comportement  au  niveau  du  choc,  celui- 
ci  se  rapprochant  des  points  exper  iruentaux  ;  par  contre,  on  observe  des  valeurs  de  Kp  legerement  super ieu- 
res  juste  en  ament  du  choc,  aussi  bien  pour  le  calcul  couple  que  pour  le  calcul  fluide  parfait. 

L' influence  de  la  prise  en  compte  du  sillage  dans  le  calcul  couple  est  mise  en  evidence  sur  la 
figure  7,  et  se  caracterise  princ  i  pa  lenient  par  un  recul  de  la  position  du  choc,  les  Kp  apres  choc  au  voi- 
s  inage  du  bord  de  fuite  remontant  au  niveau  des  points  expet imentaux . 

11  ne  faut  pas  ici  accorder  une  trop  grande  importance  a  la  comparaison  des  calculs,  effectues  en 
atmosphere  illimitee,  avec  les  resultats  exper imentaux  obtenus  en  soufflerie,  avec  des  parols  poreuses 
situees  a  3  cordes  du  prof  11.  Les  effets  de  parois  qui  sont  ici  negliges  dans  les  calculs,  expl iquent  pro- 
bablement  le  posit ionnement  trop  arriere  du  choc. 

Les  distributions  sur  le  profil  du  frottement  cf  ,  de  l'cpaisseur  de  deplacement  6*et  de  l’epaisseur 
de  quantite  de  mouvement6(f igure  8)  nous  montrent,  d'une  part  une  variation  rapide  de  ces  parameties  au 
niveau  du  choc,  et  d*autre  part  que  ces  distributions  dependent  peu  du  maillage  utilise.  Avant  de  gernra- 
liser  cette  remarque  il  serait  toutefois  souhaitable  de  faire  des  calculs  couples  sur  des  couches  limites 
plus  fortement  destabilisees . 

i  instat  ionnaires 

NACA  M^=  .854  -  k  =  . 358  -  6i  =  1° 

Les  figures  9  a  12  presentent  les  pressions  instat ionnaires  mesurees  et  calculees  pour  un  cas  avec 
zone  supersonique  et  onde  de  choc.  Les  calculs  sont  compares  aux  essais  de  lijdomau  l  14,  IS]  aux  figures 
9  et  10  sous  la  forme  du  premier  harmonique  du  coefficient  de  pression  normalise  par  1 'amplitude  du  do- 
battement  de  la  gouverne  (  ici  6j  =  1").  Ici  encore  la  comparaison  aux  essais  est  difficile  car  les 
effets  de  parois  sont  non-negiigeables  eomme  l'ont  montre  a  partir  de  corrections  semi experiment ales  les 
calculs  de  Magnus  L16J. 


On  remarquera  toutefois  que  le  calcul  en  fluide  parfait,  figure  9,  d  if  fere  des  essais  par  1  *  inten- 
site  des  Cp  instat ionnaires  dans  la  region  traversee  par  le  choc. La  prise  en  compte  des  phenomenes  vis¬ 
queux  sur  le  profil  diminue  sensiblement  l'intensite  du  pic  et  de  plus  le  deplace  vers  l'amont,  figure 
lO.Ceci  s'explique  facilement  a  partir  des  pressions  instantanees  presentees  en  figure  11.  bn  effet, 
tout  eomme  en  stat ionnaire ,  la  presence  de  la  couche  limite  deplace  sensiblement  l’onde  de  choc  et  diminue 
son  saut  de  pression.  Toutefois  les  pressions  instat ionnaires  restent  trop  importantes  au  droit  du  choc, 
ce  qui  implique  que  l'onde  de  choc  est  de  trop  forte  intensite.  Afin  de  verifier  si  cette  difference  ne 
provient  pas  du  sillage  visqueux,  celui-ci  a  ete  introduit  dans  le  code  de  calcul  avec  les  hypotheses 
simplif icatrices  indiquees  plus  haut  probablement  peu  restrict  Ives ,  au  moins  pour  les  faibles  frequences 
reduites.  La  figure  12  presente  la  comparaison  des  calculs  visqueux  avec  et  sans  prise  en  compte  du  silla¬ 
ge.  On  remarque  que  la  prise  en  compte  du  sillage  n'apporte  pas  une  modification  importanlo  des  pressions 
instat ionnaires  aussi  bien  en  module  qu*en  phase.  Tout  au  plus  on  note  que  le  choc  se  deplace  vers  !'a\  il¬ 
ia  zone  supersonique  est  done  plus  importante  ce  qui  modifie  les  phases  sur  la  partie  amont  du  profil  et 
entralne  une  legere  augmentation  des  modules  au  niveau  du  choc.  t\  s  differences  sont  at t r  ibuables  a  la 
modification  du  champ  stationnaire  moyen  et  ne  sont  probablement  pas  une  consequence  de  Involution  ins- 
tationnaire  du  sillage. 


Le  comportement  de  la  phase  a  proximile  du  herd  de  fulte  est  plus  regul ier  si  1 'on  t  lent  compte 
du  sillage  visqueux  eomme  on  le  presente  figure  12.  Toutefois  cette  difference  ne  pent  pas  ent  miner  une 
modification  importante  des  coefficients  de  portance  et  de  moments  car  les  modules  des  pressions  insta- 


tionnaires  sont  faibles  a  proximite  du  bord  de  fuite.  Les  differences  qui  subsistent  cut  re  les  essais  <L 


Ti  pieman  (14,15]  et  If  calcul  (Kig.lO)  sont  dune  probah  1  en.ent  imputublos  aux  rtt.  ts 
c<>nl  theor i e-exper  ience  passerait  done  ici  par  la  prise  en  compte  s  irml  t  an«*  ,|,s  p. 
i  or.lt  i  on)  et  des  effets  visqueux.  Ma  I  heureusemerH.  s '  i  }  est  possible,  ...mr  h-  ni,>nin 
simulfi*  des  parois  a  fentes,on  doit  s'appuyer  sur  des  «  oe  I  t  i  c  nut  s  exper  iment  au 
est  loin  <|e  malt  riser  en  i  ns  t  a  L  i  onuai  re . 


i  s  <  a Ve«  I  cut  pc  !  -• 
■t.po  1  ,i, 

1  I  i  i  1  fill  ^  I  |  l  u  i  ' 


La  comparaison  des  coefficients  gl*d».mx  cK  portance  «  i  de  moments  .-ntr. 
visqueux  permet  de  faire  res sort  i  r  I  '  impor  t  an«»-  <h-  |  a  viscosite  : 
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Phase 

Mod  u 1 e 

Phase 

Modu 1 e 

Phase 

. 

Fluide  Par fait 

3.57 
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1.73 

1  b4° 

.0815 
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sans  sillage 

Re  =  2.49  10 

3.1b 

-  40° 

1 .40 

168° 

.0489 

-  1  5b° 

Fluide  visqueux 
avec  sillage 

Re  *  2.49  10 

3.2  3 

-  40° 

in 

<T 

165° 

.0570 

-  158° 

Ce  tableau  montre  clairement  (ce  qui  recoupe  ties  observations  preeedontes,  ref.  I)  quo  si  la  pha- 
se  des  coefficients  globaux  est  peu  affectee  par  les  effets  visqueux  les  modules  sont  sens i b 1 einent  diffi— 
rents.  Par  exemple  on  observe  de  30  a  40  %  de  reduction  sur  Ie  module  du  moment  de  charniere  Cng  ,  correc¬ 
tion  non  negligeable  si  l*on  envisage  une  application  au  controle  actif  generalise  (C.A.O.  ou  C,C4V.). 

On  peut  egalement  indiquer  que  I'on  se  trouve  ici  en  presence  d’une  couche  t imi te  relativement  peut  char¬ 
gee.  En  effet,  les  parametres  de  forme  que  i'on  presentera  plus  loin  sont  encore  assez  different s  de  ceux 
d  une  couche  iimite  fortement  destabi  1  isee .  Dans  le  cas  de  profils  plus  charges,  ct>nime  les  prol'ils  super¬ 
critiques,  on  doit  done  s'attendre  a  des  effets  visqueux  sensiblement  plus  importants,  11  nVst  pas  exciu 
d'ailleurs  que  dans  des  cas  plus  severe.*?  (en  presence  de  deeol lements)  les  phases  toivnl  egalement  tr<s 
affectees  par  les  effets  visqueux.  D*  plus,  si  le  decollement  s'etend  au  dela  du  bord  de  fuite  on  ne  pourra 

pas  ignorer  les  effets  visqueux  dans  le  sillage.  Kn  effet,  le  comport ement  de  In  zone  decollee  a  I’av.il 
du  prof  il  doit  alors  jouer  un  role  t res  important  dans  la  determination  du  champ  des  press  ions  aussi 
bien  st at  ionna  i res  qu ' instat ionna ires . 


Cons  ide  rons  maintenant  plus  part  icul  ii^rcment  ,  1  V-volut  ion  d.  s 
parametres  de  couche  Iimite.  Dans  les  regions  ou  les  effets  non- l inoai res  sont  fuihlt-s,  on  constate 
que  les  grandeurs  de  couche  Iimite  varient,  en  une  abscisse  donn^e  ,  de  fatjon  s i nusotda 1 e  en  function 
du  temps,  mais  avec ,  d'une  part,  un  dephasage,  function  de  i'abscisse,  par  rapport  au  mouvement  de  gou- 
verne  et  d'autre  part,  un  dephasage  entre  les  grandeurs  visquouses  elles-memes.  Ceci  est  il lustre  par 
la  figure  13,  ou  nous  avons  trace  devolution  sur  une  periode  du  parametre  de  forme  H t  et  de  l’epaisseur 
de  deplacement  6*  ,  au  bord  de  fuite.  Far  contre,  cette  menu-  figure  nous  fait  constater  que  1 ' evo Inti  on 
de  Hj  et  6*,  dans  la  region  oil  se  deplace  le  choc,  n'est  plus  sinusoTdale.  Ceci  est  probab I ement  une  con¬ 
sequence  des  phenomenes  non-1 ineaires  dans  cette  region  comportant  not ammo nt  ('apparition  et  la  dispar i- 
tiun  du  choc  a  I’abscrsse  consideree.  La  oomparaison  des  figures  I  1  et  H  montre  que  h  ,  e  t  5  •uigmen t on t  au 
fur  et  a  rnesure  que  le  choc  se  deplace  vers  l'amont,  en  se  rapprochant  du  point  considere,  passent  par  un 
maximum  quand  le  choc  atteint  ce  point,  puis  decroissent  au  fur  et  a  rnesure  qui*  le  choc  s’eloigne  vers 
l'amont  et  disparait. 


Les  distri  '  tions  H  j  (  *\  a  ditterents  instants  sont  representees  sur  la  figure  I  4 .  lire  compa- 
raison  avec  les  Cp  instantanes  (figure  11)  met  en  evidence  la  variation  rapide  de  H  au  dr  'it  du  d^- 

(d'autant  plus  rapide  que  I* intensite  du  choc  est  e levee)  et  une  variation  heaucoup  plus  Unite  et  n-gu- 
liere  en  1 'absence  de  choc  (  (*)  t  =  180"). On  re  trouve  egalement  sur  res  combes  U-  dephasage  dependant  de 
1  abscisse  dans  devolution  do  Hj  sur  une  peri  tide  du  mouvement  de  gouverm*. 


CONCLUSIONS 


L'objectif  de  cette  etude  r-tait  d'i'-tudier  les  p«*ss  i  h  i  1  i  t ,  ..tfejies  >  n  tlmde 
instat ionnai re  par  une  met  bode  d«‘  couplage  Uirt  dans  laquelle  le  ealeul  visqueux  est  realise  ;a 
methode  integrale  impliiite,  et  le  calcul  du  fluide  par  fait  par  une  methode  implii  lie  <  de  dire>  liens 
ternees)  pour  la  resolution  de  1 'equation  des  pel i les  per t urba t i ons  t ranssuni ques  et  i ns  I  ,i  t  i enna i t «  s  . 


~tre  p  csentees  sous  la  forme  des  remarques  sin  vault 
iu  respect  du  couplage  fort  a  pu  etre  resolu  pat  m« 


Les  cone  1  us i ons  peuvrn 
-  Ie  pr»)l>leme  immeriqu*  li 
tuls  visqueux  et  n«»n-v  i  squeux ,  a  >  li.iqiir  pas  de  temps,  a  condition  d '  i  nt  rodu  i  re  une  s 
bilisatriie,  t  ion  not  .imneut  du  pas  de  temps  et  il-i  pas  d'espaie.  Pour  1*  instant 

de  cette  relaxation  n'a  etc  enf  repr  i  se ,  »e  qui  pena  1  i  se  les  temps  de  calcul,  penal  it 
reduite  que  par  une  analyse  the.rj  pie  du  vouplage  au  niveau  loeal. 


ix.it  i '  *  n  s  t  a- 
'  p  t  imisat  ion 
p-  'in  r  ,i  tiii 


o  i r 
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-  Le  t  jicul  couple  a  permi s  de  geiierer  les  champs  des  pressions 
transi toire)  ft  inst.it  i onna ire  s  sur  uu  profil  NACA  b.AOOh  equipe  d'une 
et  trans Sonique . 


(.  !  I 


st  at  i  onna  i  res  (comme  limite  li'uii 
gou Verne  uscillante  en  suhsonique 


-  L.i  comparaison  de  O'S  calculs  avec  1  e  t  luide  parfail  a  perrois  de  me  tire  en  ev  idence  1  1  i  mpor  t  am  * 
ties  effets  visqueux  sur  le  profil  ft  dans  If  sillage.  Kn  regime  transsonique  la  position  do  1* ende  df  chut 
et  son  intfiisite  semblent  tres  sensibles  a  la  prise  mi  compte  des  effets  visqueux. 


-La  prise  en  compte  des  effets  visqueux  va  Lien  dans  le  sens  J'un  meillcur  afford  avec  les  t-ssais. 
Cette  amelioration  toute  qualitative  souligno  le  besoin  d'essais  exempts  d’effet  de  parois  ou  pour  le 
moins  d’essais  entre  parois  pleines  qu’il  serai t  done  possible  de  trailer  de  man i ere  r i go u reuse  dans  K 
calcul v 


-La  prise  en  compte  des  effets  visqueux  reduit  notablement  les  modules  des  pressions  instat ion- 
naires  dans  la  region  balayee  par  le  choc  ee  qui  est  en  bon  accord  avec  les  observations  exper inuMit a ! cs . 

-La  prise  ell  compte  des  etfets  visqueux  est  tout  part i cul ierement  sensible  sur  le  module  du  coel- 
ficient  dt*  charniere  bien  quo  celui-ci  dans  le  cas  considere  lie  soit  pas  sous  l'action  directe  du  choc. 

-Dans  les  cas  considrres  on  a  pu  montrer  <jue  le  calcul  couple  soluble  peu  sensible  an  maillage. 

Des  caleuls  complement  a i res  sunt  toutelois  souhaitables  pour  verifier  si  cette  cone 1  us i  on  rcste  valable 
a  I ’approebe  du  decollement  on  pour  des  interactions  onde  de  choc-couche  limite  plus  sevCres. 

-Les  possibilites  d'etendre  le  eouplage  fort  p.ir  utilisation  d’une  me  tingle  inverse  ou  srmi-inv.  i  !•<• 
doivent  etre  etudiees  afin  de  pouvoir  traiter  des  ecouleinents  avec  decol lemenl s . 
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Fig.  2  :  Organigramme  de  resolution  au 
couplage 


Fig.  3  :  Erreur  de  couplage  au  lx? rd  de  fuite 
en  fonction  des  iterations  de  cou¬ 
plage  N,  t  fixe. 
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- -  Calcul  visquaui  sans  sillaqe 

- -  Calcul  fluide  parfait 
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Fig.  5  :  Compara ison  des  pressions  station- 
naires  calcul£es  avec  un  naillage 
grossit-r  aux  mesures. 
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Fig.  6  :  Comparaison  des  precsions 
stat ionnaires  calcul ees 
avec  un  maillage  fin  aux 
mesures . 


-  Calcul  visqueui  sans  sillaqe 

.  Calcul  fluids  parfait 

NACA  64A006  Ma>  =  0  875  crmrO°  Re 


Cp 

0  6  < 


•••••ESSAIS  TIJDEMAN  j!4) 
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Fig.  7  ;  Influence  du  si  11  age  sui  If 
champ  de  pression  stati-.n- 
naire . 
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—  Calcul  fluide  farfiit  .  Chimp  infmi 
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Fig.  9  :  Champs  des  pressions  instationnaires  normalises.  Oscillation 
de  gouverne  1°. 
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Fig.  13  :  NACA  64  A  006  avec  gouverne 
oscillante 
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Appendix  by  J.  C.  A.  Baldock 
Royal  Aircraft  Establishment,  Structures  Department 
"The  Reason  for  the  Large  Increase  in 
Critical  Flutter  Speed  with  Mach  Number" 

SUMMARY 

Half-model  flutter  tests,  of  a  symmetrical  high-aspect-ratio  wing  at  streaf  Mach 
numbers  M  between  0.75  and  90  are  described.  Equivalent  air  speeds  at  flutter, 
calculated  with  aerodynamics  from  subsonic  lifting-surface  theory,  are  in  fairly  gc<  <i 
agreement  with  the  measured  values  up  to  M  =  0.86.  In  the  range  0.86  •  V,  ■  0.5 9  the 
measured  flutter  speed  increases  rapidly  until  the  flow  is  stable,  contrary  to  t.ne  pre¬ 
dictions  with  the  linear  theoretical  aerodynamics .  However,  the  use  of  approximate 
theories  compatible  with  steady  and  quasi-steady  aerodynamics  from  transonic  stall  per¬ 
turbation  ( TFP )  theory  lead.;,  to  the  correct  qualitative  behaviour  of  flutter  speed .  With 
inviscid  TSP  aerodynamics  the  rapid  rise  in  flutter  speed  is  anticipated  by  about  0.02  it. 
M  ,  but  allowance  for  the  boundary  layers  is  shown  to  halve  this  discrepancy.  The  most 
crucial  aerodynamic  force  coefficient  is  identified  and  its  behaviour  and  influence  are 
analysed.  Further  calculations  illustrate  the  effects  of  mean  incidence  and  Reynolds 
number  on  flutter  speed.  Typical  chances  in  the  oscillator''  aerodynamic  load  distribu¬ 
tion  are  discussed. 
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1  INTRODUCTION’ 

The  prediction  of  flutter  boundaries  in  the  transonic  speed  range  suffers  from 
inadequacy  of  aerodynamic  data  in  several  respects.  In  the  first  place,  the  completely 
linearized  data  from  subsonic  oscillatory  lifting-surface  or  doublet-lattice  theory 
become  increasingly  suspect  as  the  onset  of  supercritical  flow  is  approached.  Their 
defects  are  apparent  from  the  evidence  of  two-dimensional  transonic  theory.  A  second 
consideration,  which  can  only  be  transitory,  is  the  non-availability  of  a  general  method 
of  solving  the  three-dimensional  equations  of  unst.e  idy  transonic  flow.  The  present  pa  -or 
explores  the  results  of  flutter  predictions  based  on  approximate  three-dimensional  method 
A  third  importa: t  factor  is  the  influence  of  the  boundary  layer.  As  many  workers  have 
pointed  out,  to  include  the  effects  of  winu  thickness  without,  those  cf  the  boundary  layer 
may  improve  the  qualitative  picture  of  the  pressure  distribution  while  the  ter* ndynur a c 
force  coefficients  may  become  .  ss  representative  of  the  real  flow.  The  approximate 
theoretical  methods  can  ineerpo  ate  boundary- 1 ayer  efforts  on  a  quasi-steady  basis, 
that  some  account,  of  Reynolds  n  eber  wi  11  ho  t  ikon.  A  fourth  eon  si  derat  ion  is  the 
influence  of  the  mean  flow  on  th  ■  aerodynamic  f;  i  -,-  itrix  for  a  uiven  Mach  number  and 

frequency  parameter,  while  the  per  tar  hat  i  •  -ns  d-  «.;t  .e  r-sin  flow  remain  linear.  "iris 
characteristic  will  be  .illustrated  in  the  predict  i  •  :  1  luttei  speed  as  a  dine!  m  -  f 

me'n  incidence. 

The  focal  point  of  the  present  .study  i ..  the  wi  nd-f  urme  i  invest  mat  i  -n  -  r  r  d  ed  at 
a  high-aspect  -  ratio  flutter  model  in  the  L.AK  hit  •  *■  ’  urine  1  'Vet  t  he  i  mue  d  V.  rh 

numbers  from  0.70  t.n  0.00.  An  arc*  .grit  '  t  h  j  s  inv<-sf  mat  i  n  is  given  in  he.-t  ion  <  .  'Ms' 
theoretical  backgrovind  is  described  m  .  oct  i-  r:  *  ,  :.}  t  hi-  *  ratter  -■  ilrulat  mns  n  e  i  i  s- 

cussed  in  feet  i  on  4.  The  Appendix  oxt>I  tins  ii-  v  i  physmi!  under ;>t  a;p. }  i  n-t  f  f  he  * 
ha  r  act  er  i.  st.  i  m:  e.f  the  mode  1  is  ga  i  nod  f  r  «  a  1  :r  it  y  •  aniens  it  ;  ■  -n  »f  t  he  pr-hle;-  i:d 
graphical  display. 
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It  should  not  be  assumed  that  the  present  results  are  typical  of  modern  wings 
designed  for  supercritical  The  essence  of  the  experiment  is  its  simplicity.  The 

planform  is  uncranked,  t* .  <  '  1  section  is  symmetrical  and  uniform,  and  the  model  was 

tested  at  zero  lift.  V  e  experiment  was  designed  to  produce  flutter  and  to  provide 
a  straightforward  test  of  c..  itical  methods,  the  flutter  actually  disappears  at  the  top 

end  of  the  Mach  number  range.  Therefore,  special  interest  attaches  to  the  ability  to 
predict  this  disappearance  by  che  available  theoretical  means. 

2  WIND-TUNNEL  FLUTTER  TEST 

The  experimental  programme  stemmed  from  a  proposal  to  design,  build  and  test  a  wing 
model  to  help  to  assess  the  accuracy  of  flutter  predictive  methods  at  high  subsonic  speed. 
The  model  was  designed  for  testing  in  the  RAE  8  ft  *  8  ft  Tunnel  at  Bedford,  and  as  this 
was  to  be  the  first  test  in  this  tunnel  of  a  flutter  model,  particular  care  was  taken  to 
reduce  the  possibility  of  model  failure  which  could  damage  the  tunnel  compressor  blades. 
Static  and  fatigue  loads  were  given  careful  consideration  and  the  decision  taken  to  use 
mainly  fast-frequency-sweep  testing,  to  reduce  test  time,  instead  of  the  discrete- 
frequency  method  customary  at  that  time.  Ref  1  discusses  the  model  design  and  testing 
and  Ref  2  the  theoretical  studies  and  analysis  of  the  wind-tunnel  results. 

2.1  Design  of  Model 

The  model  was  designed,  in  the  first  place,  as  a  simple  representation  of  the  port 
half  of  a  high-aspect-ratio  clean  wing,  designed  for  a  BAe  rear-engined  project.  The 
simplifications  included  the  use  of  straight  leading  and  trailing  edges,  no  camber  and  a 
constant  streamwlse  NACA  64A010  section  (see  Fig  1).  Stiffnesses  were  scaled  so  that  a 
flutter  speed  could  be  found  within  the  tunnel  operating  limits  and  within  the  Mach 
number  range  0.75  to  0.90. 

The  design  finally  used  was  based  on  a  single  box  spar  centred  at  40%  chord  which 
provided  the  majority  of  the  bending  and  torsional  stiffness  of  the  model.  The  external 
shape  of  the  wing  was  achieved  by  shaping  balsa  wood  glued  to  the  spar  with  fibreglass 
strengthening.  The  spar  root  terminated  in  a  solid  block  which  was  mounted  on  a  two- 
flexure  support  system  which  allowed  the  wing  to  pitch.  Excitation  was  applied  to  the 
root  block  through  an  electro-magnetic  vibrator.  The  wing  projected  through  a  fixed  non¬ 
representative  body  provided  to  contain  the  support  and  excitation  system  and  to  achieve 
suitable  flow  in  the  tunnel  test. 

The  tests  described  were  all  carried  out  at  zero  mean  incidence,  but  there  remains 
the  possibility  of  further  tests  at  small  incidence. 

2.2  Bench  Tests 

Throughout  the  manufacture  period,  bench  tests  were  carried  out  in  order  to  test 
the  structural  data  to  be  incorporated  in  the  mathematical  model  to  be  used  for  the 
flutter  predictions. 

The  spar  was  bench  tested  before  the  addition  of  fibreglass  and  balsa  cladding. 

Both  bending  and  torsional  stiffness  tests  were  carried  out,  followed  by  resonance  tests, 
and  small  adjustments  made  to  the  data  calculated  from  the  drawings.  On  completion  of 
the  model,  further  stiffness  and  resonance  tests  were  carried  out.  Structural  influence 
coefficients  were  measured  over  a  grid  of  45  points  (9  x  5)  used  for  both  load  applica- 
ion  and  deflection  measurement.  Resonance  tests  were  conducted  with  the  model  mounted  in 
the  support  rig,  which  was  itself  attached  to  a  massive  bench  structure,  and  the  first 
five  normal  modes  of  the  model  were  measured  together  with  the  pitch  mode  on  the  root 
mounting  block.  Final  adjustments  were  then  made  to  the  structural  mathematical  model. 

The  overall  changes  made  from  both  the  spar  tests  and  the  complete  model  tests  were 
as  follows: 


All  mass  data  factored  by  1.20 

Bending  stiffness  factored  by  0.90 

Torsional  stiffness  factored  by  1.20  . 

Measured  modes  are  shown  in  Fig  2  and  the  calculated  modes  obtained  by  using  the  empirical 
factors  are  shown  in  Fig  3.  Modal  frequencies  are  listed  in  Table  l. 

2.3  Wind-Tunnel  Test  Procedures 

The  wind-tunnel  tests  took  place  at  Bedford  in  May  1976,  and  covered  the  Mach  number 
range  0.75  to  0.90.  Model  response  was  measured  by  flexure  strain  gauges  mounted  on  the 
model  at  the  root  and  at  60%  span.  At  first  results  were  obtained  from  automated  analysis 
of  fast  frequency  sweeps  with  the  aid  of  fast  Fourier  transform  techniques,  although  scxne 
spot  checks  were  made  by  using  response  at  discrete  frequencies  together  with  vector-plot 
techniques.  It  was  found,  however,  that  the  lowly-damped  root-mounting-block  pitch  mode, 
excited  by  tunnel  turbulence,  dominated  the  response  throughout  the  sweep,  thereby  reduc¬ 
ing  considerably  the  levels  at  which  the  model  mode  responses  could  be  recorded.  The 
response  of  the  model  to  tunnel  noise  alone  was  also  recorded  at  each  stagnation  pressure, 
and  it  was  found  that,  although  the  root-mounting-block  response  again  dominated  the 
signal,  those  signals  contained  adequate  definition  to  permit  analysis.  This  change  in 
excitation  allowed  some  additional  tests  with  the  mounting  block  rigidly  locked. 
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2.4  Wind-Tunnel  Test  Results 

A  list  of  the  Mach  numbers  at  which  tests  were  carried  out  together  with  the 
inferred  flutter  speeds  and  frequencies  is  given  in  Table  2.  Typical  plots  of  experimen¬ 
tal  modal  critical  damping  ratio,  ?  ,  and  frequency,  f  ,  versus  airspeed  are  shown  in 
Fig  4  for  a  Mach  number  of  0.803.  Two  roots  are  traced  over  the  speed  range  tested,  and 
root  1  is  seen  to  be  approaching  flutter  at  an  extrapolated  speed  of  278  m/s. 

Tests  showed  clearly  that  the  effect  of  the  mounting-block  freedom  was  negligible 
and  results  for  both  conditions  of  mounting  block,  free  and  locked,  are  plotted  together 
in  Fig  5,  in  which  the  variations  of  flutter  speed  and  frequency  with  Mach  number  are 
shown.  The  sudden  upturn  in  both  critical  speed  and  frequency  is  seen  in  the  Mach  number 
range  between  0.87  and  0.89. 

3  THEORETICAL  AERODYNAMICS 

In  past  decades  flutter  prediction  has  relied  increasingly  on  the  completely 
linearized  aerodynamics  of  the  lifting-surface  or  doublet-lattice  methods.  In  the 
present  investigation  the  lifting-surface  theory  of  Davies3  has  been  used.  In  industrial 
applications  it  has  been  common  practice  to  make  allowance  for  aerofoil  section,  boundary 
layers  and  other  effects  not  represented  in  the  theory,  by  applying  empirical  factors, 
based  on  wind-tunnel  or  flight  experience,  to  the  force  coefficients.  Empirical  correc¬ 
tions  of  this  kind  stand  a  reasonable  chance  of  success  when  the  qualitative  changes 
between  the  calculated  and  the  real  load  distributions  are  minor  ones.  At  high  speeds, 
however,  this  is  no  longer  the  case. 

From  two-dimensional  considerations  it  is  apparent  that,  with  the  development  of 
local  supersonic  regions  and  eventually  shock  waves ,  transonic  flow  introduces  major 
changes  in  the  character  of  the  steady  aerodynamic  loading.  The  consequences  for  the 
oscillatory  aerodynamic  loading  are  even  greater.  The  topic  has  been  reviewed  by 
Tijdeman4,  and  Fig  10.7  of  Ref  4  illustrates  the  large  effects  on  the  incremental 
pressure  distribution  due  to  a  change  of  incidence  mainly  on  account  of  the  displacement 
of  a  well-developed  shock  wave.  An  example  of  the  measured  frequency  effect  on  the 
oscillatory  pressure  distribution  is  given  in  Fig  10.11  of  Ref  4,  and  this  is  a  further 
illustration  of  the  deficiencies  of  linear  flat-plate  theory.  Theoretical  progress  in 
unsteady  two-dimensional  transonic  flow  is  reviewed  in  Part  IV  of  Ref  4,  where  Fig  13.5 
makes  the  point  that  inviscid  transonic  theory  can  introduce  qualitative  improvement  at 
the  expense  of  large  quantitative  inaccuracy.  By  theoretical  allowance  for  the  boundary 
layer  and  by  correction  of  the  experimental  results  for  wall  interference  the  agreement 
between  them  is  improved  considerably.  Viscous  effects  can  be  expected  to  grow  rapidly 
as  transonic  conditions  develop  and  to  influence  the  location  of  shock  waves.  Empirical 
factors  to  the  force  coefficients  are  unlikely  to  succeed  in  this  flow  regime. 

It  cannot  even  be  said  that  there  is  an  available  method  for  solving  the  equations 
of  inviscid  three-dimensional  unsteady  transonic  flow.  There  is  a  pilot  program  by 
Weatherill  et  al^ ,  which  has  been  run  for  a  rectangular  wing  in  pitching  oscillation,  and 
it  can  only  be  a  matter  of  time  and  costly  effort  before  there  will  emerge  a  general 
method  for  solving  a  finite-difference  approximation  to  the  transonic-small-perturbation 
equations  for  oscillatory  flows  past  finite  wings.  In  the  interim  there  is  a  place  for 
approximate  methods,  two  of  which  are  used  in  the  present  investigation.  One  is  an 
adaptation  of  strip  theory  to  be  considered  in  Section  4.3.  The  other,  to  be  discussed 
in  Sections  3.1  and  3,2,  has  been  described  in  Refs  6  and  7. 

3 . 1  Description  of  Theory 

The  basic  equations  of  the  approximate  method  are  derived  in  Ref  6.  The  underlying 
principles  and  the  key  equations  are  summarized  in  Section  3  of  Ref  7.  The  local  pressure 
coefficient  is  expressed  as 

cp  =  <p  -  pj/^p.o  =  cp0  +  ,  u) 

where  p^,  and  are  the  pressure,  density  and  velocity  of  the  undisturbed  stream, 

Cp0  corresponds  to  the  mean  flow  and  a  is  the  circular  frequency  of  oscillation.  It  is 

sufficient  here  to  say: 

(i)  that  a  one-dimensional  form  of  Bernoulli's  equation  is  used  to  relate  the  local 
values  of  the  oscillatory  pressure  coefficient  Cp  ,  the  mean  value  CpQ  ,  the 

complex  oscillatory  velocity  potential  <l>(x,y)  and  its  derivative  3<l>/3x  ; 

(li)  that  the  ratio  of  3$/3x  to  its  value  as  frequency  tends  to  zero  is  set  equal  to 
the  corresponding  ratio  from  linear  theory3; 

(Hi)  that  the  ratio  of  the  quasi-steady  rate  of  change  of  surface  pressure  to  the  corres¬ 
ponding  quantity  from  linear  theory  is  assumed  to  be  the  same  for  each  mode  of 
deformation,  so  as  to  equal  the  ratio  for  the  mode  of  rigid  pitching  calculated  with 
the  aid  of  steady  pressure  distributions  over  a  range  of  incidence  covering  the  mean 
flow  condition. 


The  final  expression  for  the  oscillatory  part  of  the  pressure  coefficient  at  a  given 
section  of  y  =  ns  is 
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CpU)  =  F(S)KU)  + 


ivcJnJGU) 


FU'IKtt'lU, 

G(C')U0(t') 


F(C)  = 


( 3Cp/3a ) a_a  (from  steady  data) 
3(ACp)/3a  (from  linear  theory) 
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K(t)  =  —  — — —  for  the  upper  surface 


v  =  uic/U  is  the  frequency  parameter  , 


G  (?)  =  1  +  %yM.cp0U> 


1  1/y 

J  ’ 


V5>  =  u»  1  - 


— - 5  [ 

-  DM  L 
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1  +  ^M»CpOU) 


t,  =  [x  -  x  (n)]/c(n)  , 


and  other  basic  quantities  are  defined  in  the  List  of  Symbols. 

The  approximate  method  has  achieved  sufficient  success  in  reproducing  supercritical 
experimental  pressure  distributions  to  justify  its  application  to  the  present  flutter 
problem.  As  described  briefly  in  Section  5  of  Ref  7,  the  method  has  been  programmed  so 
that  different  modes,  frequencies  and  mean  incidences  can  be  handled  in  the  same  calcula¬ 
tion.  Although  the  running  time  is  relatively  short,  a  lot  of  preliminary  effort  is 
needed  in  preparing  the  PLATEDATA  and  WINGDATA  files. 

The  PLATEDATA  file  contains  the  results  of  previous  calculations  from  lifting- 
surface  theory  for  the  appropriate  modes,  frequencies  and  Mach  number. 3  In  the  present 
work  there  has  been  a  slight  complication  in  that  the  method  of  Davies  is  used  in  place 
of  Ref  8.  An  extra  program  has  been  written  to  convert  the  pressures  at  the  loading 
points  into  the  quantities  r  and  r  required  in  equations  (18)  and  (20)  of  Ref  7, 

i  — 1  __ 

which  determine  the  respective  quantities  3(ACp)/3a  in  Eq.  (3)  and  K(£)  in  Eq .  (4).  A 

further  complication  has  arisen  in  the  representation  of  modal  data.  The  PLATEDATA  files 
for  the  present  work  comprise  the  values  of  for  steady  flow  at  a  uniform  incidence 

and  for  each  value  of  the  frequency  parameter  v  the  values  of  the  real  and  imaginary 
parts  of  for  the  following  eight  modes: 


2m ,  ,rin 

n  (x/c) 


(m=0,l,2,3  and  n=0,l)  . 


The  program  is  then  run  to  give  the  generalized  force  coefficients  as  a  pair  of  8  *  8 
matrices  corresponding  to  the  real  and  imaginary  parts  of 


ilc  //<-  zi 


)  (flCp>  ,dS 


where  Zy  is  the  downward  vertical  displacement  from  Eq.  (9)  for  the  appropriate  mode 
and  (fiCp)^  is  the  complex  loading  for  the  appropriate  mode  of  oscillation  z  =  z^  whe 
the  surface  pressure  coefficients  Cpu  and  C  defined  as  in  Eq.  (1)  are  differenced 
to  give 
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AC 


'P* 


pu 


AC1  +  iAC" 
P  P 


(11) 


A  5  x  8  matrix  T*  is  formed  to  express  each  of  the  first  five  flexible  modes  of  the 
flutter  model  to  a  sufficient  approximation  as  a  linear  combination  of  the  eight  modes  in 
Eq.  (9).  Then,  if  Q  denotes  either  of  the  8x8  matrices,  the  required  matrix  for  the 
flutter  calculation  is 


=  T 


°1T 


(12) 


where  T  is  the  transpose  of  T*  . 

The  WINGDATA  file  contains  the  steady-state  data,  either  theoretical  or  experimen¬ 
tal,  at  the  given  Mach  number  for  an  appropriate  set  of  incidences.  In  the  calculations 
of  Ref  7  the  choice  lay  between  an  early  version  of  the  transonic-small-perturbation 
(TSP)  method  for  isolated  wings  and  measured  static  pressures  on  the  wind-tunnel  model 
concerned.  In  the  present  investigation  a  later  version  of  the  TSP  method  is  used,  which 
incorporates  two  important  new  developments.  The  first,  not  relevant  to  the  investiga¬ 
tion,  is  the  extension  to  treat  wing-body  combinations  developed  by  Albone  et  al* .  The 
second,  to  be  discussed  in  Section  3.2,  is  the  allowance  for  boundary  layers  due  to 
Firmin10.  Thus  the  inviscid  steady  flows  for  the  isolated  wing  can  be  calculated  with 
improved  accuracy,  and  it  is  no  longer  necessary  to  have  detailed  experimental  pressure 
plotting  in  order  to  represent  viscous  transonic  flow  in  the  WINGDATA  file.  Moreover, 
the  effect  of  Reynolds  number  can  be  considered. 

The  present  applications  of  the  program  of  Ref  7  to  the  flutter  model  of  Fig  1 
cover  Mach  numbers  and  frequency  parameters  in  the  ranges  0.80  4  M  0.89  and 
0  <  v  «  0.855.  Figs  6  and  7  illustrate  the  effects  of  these  parameters  on  the  inviscid 
oscillatory  chordwise  loading  at  an  outboard  station  n  =  0.809  ,  when  the  wing  at  zero 
mean  incidence  is  pitching  about  the  axis  through  the  root  leading  edge.  With  reference 
to  Eq.  (11)  the  distributions  of  ACp/Oj  and  AC^/fa^  v)  are  plotted,  where  is 

amplitude  of  oscillation  in  radians.  In  Fig  6  both  distributions  depart  further  and 
further  from  typical  subsonic  shapes  as  M  increases  from  0.80  to  0.88  and  v  is  fixed 
at  0.428.  As  the  shock  wave  develops  in  strength  and  moves  aft  with  increasing  M  ,  so 
do  the  peaks  until,  at  M  =  0.88  ,  AC'/a.  reaches  about  70  and  AC"/(°>,  v)  reaches 

»  pi  pi 

about  100.  At  the  higher  stream  Mach  numbers  of  0.885  and  0.89  the  peak  values  are  still 
large  but  decreasing;  the  evidence  suggests  that,  although  the  shock  wave  continues  to 
strengthen  slightly  and  move  aft,  its  smaller  rate  of  movement  with  respect  to  a 
accounts  for  the  falling  peak  values  with  increasing  Mm  . 

The  effect  of  frequency  parameter,  illustrated  for  =  0.86  in  Fig  7,  stems 
primarily  from  the  lifting-surface  calculations  of  Ref  3.  ?he  high  aspect  ratio  of  the 
wing  is  responsible  for_large  changes  while  the  frequency  parameter  is  fairly  small, 
especially  in  AC^/fo^  v)  .  It  looks  as  if  the  trends  in  both  the  real  and  imaginary 

quantities  with  increasing  v  have  reversed  over  the  forward  part  of  the  chord  between 
v  =  0  and  v  =  0.855  .  It  is  likely  that  the  results  for  this  highest  frequency  para¬ 
meter  suffer  in  accuracy  because  no  account  is  taken  of  the  decreasing  shock-wave  motion 
as  frequency  increases.  But  the  frequency  effects  outside  the  shock-wave  region  should 
be  realistic. 

3.2  Effect  of  Boundary  Layers 

In  the  present  investigation  the  TSP  method  of  Ref  10  is  used  for  both  inviscid  and 
viscous  steady  flows.  The  inviscid  TSP  calculations  are  more  reliable  than  those  used  in 
Ref  7  on  account  of  an  improved  relaxation  scheme  for  solving  the  finite-difference 
equations  of  the  flow  field.  The  viscous  TSP  calculations  allow  for  the  boundary  layers 
by  modifications  to  the  boundary  conditions  near  the  wing  and  wake.  The  modifications 
are  introduced  into  the  iterative  scheme  in  steps  as  the  calculation  proceeds,  but  after 
each  revision  of  the  boundary-layer  development  the  changes  in  boundary  condition  need  to 
be  under-relaxed  to  achieve  convergence  in  the  pressure  distribution. 

At  the  outset  it  is  necessary  to  prescribe  the  location  of  transition  from  laminar 
to  turbulent  flow.  The  laminar  or  turbulent  boundary  layer  is  calculated  from  an  attach¬ 
ment  line.  For  use  in  the  region  between  the  transition  front  and  the  trailing  edge  the 
lag-entrainment  method  of  Green  et  aZ11  has  been  extended  by  Smith1^  to  three-dimensional 
flow.  Firmln1®  makes  a  further  extension  of  the  turbulent-boundary-layer  method  to 
calculate  the  wake. 

There  is  no  question  that  boundary-layer  effects  are  important.  Ref  10  allows  for 
these  reasonably  well  provided  that  the  shock  waves  are  not  too  strong  and  that  the 
boundary  layers  remain  attached.  There  are  residual  uncertainties  about  the  accuracy  of 
the  boundary-layer  theory  in  the  region  of  any  shock-wave  boundary-layer  interaction  and 
as  the  trailing  edge  is  approached.  Moreover,  the  treatment  of  the  wake  does  not  allow 
for  the  strong  vorticity  near  the  wing  tips  or  any  subsequent  rolling  up  into  discrete 
trailing  vortices.  But,  judged  from  the  comparisons  with  experimental  pressure  distri¬ 
butions  in  Ref  10,  the  method  has  achieved  a  satisfactory  measure  of  success. 


Although  there  is  little  understanding  of  unsteady  boundary  layers  in  transonic 
flow,  it  is  feasible  now  to  allow  for  Reynolds  number  in  three-dimensional  steady  flow 
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subject  to  the  transonic-small-perturbation  approximation.  Hence,  by  numerical  differen¬ 
tiation  with  respect  to  incidence,  the  quasi-steady  effect  of  the  boundary  layers  can  be 
calculated  and  used  in  the  method  of  Ref  7.  The  primary  effect  is  on  F(£)  in  Eq.  (3) 
through  the  quantity  3Cp/3a  at  a  =  aQ  ,  but  through  their  dependence  on  Cp0  both 

G(£)  and  Ug(£)  in  Eqs.  (6)  and  (7)  are  also  changed  by  the  boundary  layers.  All  three 
functions  influence  Cp  in  Eq.  (2)  and  thereby  the  generalized  forces  in  Eqs. (10)  and  (11). 

The  results  in  Figs  8  to  10  illustrate  the  character  and  magnitude  of  the  viscous 
effects.  In  Fig  8  the  lift  slope  3CT/3a  and  aerodynamic  centre  x  are  calculated 

Li  aC 

f-om  the  inviscid  TSP  solutions  and  are  compared  with  the  linear  theoretical  values  for 
stream  Mach  numbers  between  0.80  and  0.89.  The  effect  of  the  10%  thick  aerofoil  section 
on  3CL/3a  increases  from  13%  at  =  0.80  to  27%  at  =  0.875,  above  which  the  percen 

tage  falls.  The  rearward  shift  in  aerodynamic  centre  due  to  aerofoil  thickness  increases 
from  0.02c  to  0.16c  as  increases  over  the  range.  The  influence  of  the  boundary 

layers  at  the  wind-tunnel”Reynolds  number  of  3.4  x  10°  with  transition  at  5%  chord  is 
shown  in  the  range  0.86  ^  M^  4  0.885.  The  loss  in  lift  slope  due  to  viscous  effects  is 
seen  to  increase  with  increasing  until  it  exceeds  the  large  increase  due  to  aerofoil 

section.  The  aerodynamic  centre  is°°found  to  lie  somewhat  closer  to  inviscid  TSP  theory 
than  to  linear  theory.  For  =  0.86  an  extra  calculation  is  made  for  a  typical  full- 

scale  Reynolds  number  of  3.5  x  10^  with  transition  still  at  5%  chord,  and  the  results  for 
both  3C  /3a  and  x  /c  lie  roughly  midway  between  those  for  R  =  3.4  x  10*^  and  for 

Li  clC 

inviscid  flow. 

Fig  9  shows  the  symmetrical  steady  pressure  distribution  at  =  0.88  when  a  =  0 
and  the  quasi-steady  lower-surface  distribution 

3C  /3a  =  -  3C  /3a  when  a.  =  0 

P  *  P1^  U 

for  sections  inboard  at  n  =  0.210  and  outboard  at  n  =  0.809  .  The  curves  derived  from 
the  viscous  TSP  solutions  for  R  =  3.4  x  10®  are  compared  with  those  from  inviscid  TSP 
solutions  and  from  linear  theory  which  gives  -  Cpg  =  0  .  The  TSP  curves  all  show  the 

expected  qualitative  changes  from  the  distributions  given  by  linear  theory.  The  behaviour 
of  3Cp|[/3a  and  the  peaks  associated  with  shock-wave  movement  are  of  primary  importance 

as  regards  the  calculations  of  oscillatory  pressure.  The  inclusion  of  the  boundary  layer 
is  seen  to  spread  the  recompression  near  the  shock  wave  and  to  halve  the  peaks  in 
3C  ./3a  at  both  sections.  The  shock  wave  is  distinctly  stronger  at  the  outer  section, 

P  * 

which  is  the  more  important  in  relation  to  flutter. 

For  most  of  the  stream  conditions  considered,  the  TSP  solutions  are  carried  out  for 
only  three  incidences  a  =  0,  and  1°  .  Because  of  the  symmetry  of  the  aerofoil 

section  these  provide  values  of  C  „  (and  C  )  for  the  five  incidences 

pi  pu 

a  =  -1°,  -%°,  0,  and  1°  ,  from  which  to  evaluate  3C  /3a  (and  3C  /3a  ) .  In  the 

P  P 

particular  case  of  inviscid  flow  at  =  0.86  additional  solutions  are  obtained  for 

a  =  1  %i° ,  2°,  2^°  and  3°  ,  so  that  the  effect  of  mean  incidence  can  be  studied.  It  is 
interesting  in  Fig  10  tc  compare  the  relative  effects  of  the  changes  from  inviscid  to 
viscous  flow  and  from  Oq  =  0  to  a^  =  2°  .  The  chordwise  distributions  of  the  real  and 

imaginary  parts  of  the  oscillatory  loading  at  r  =  0.809  due  to  pitching  motion  about 
the  axis  through  the  root  leading  edge  at  v  =  0.428  show  contrasting  changes.  The 
effect  of  viscosity  is  to  weaken  the  peaks  near  midchord  and  to  displace  them  upstream, 
while  the  increase  in  mean  incidence  from  0  to  2°  strengthens  the  peaks  and  displaces 
them  downstream.  The  consequences  for  flutter  are  surprising  and  will  be  discussed  in 
Section  4.5. 

4  FLUTTER  CALCULATIONS 

The  wind-tunnel  flutter  test,  described  in  Section  2,  has  yielded  the  experimental 
values  of  the  equivalent  air  speed  at  flutter  in  Table  2  for  the  range  of  stream  Mach 
number  from  0.75  to  0.90.  The  aerodynamic  theory,  outlined  in  Section  3,  is  used  to 
provide  matrices  of  generalized  force  coefficients  for  the  five  modes  included  in  Table  1 . 
The  solution  of  the  flutter  equations  is  discussed  in  Section  4.1. 

The  selection  of  flow  conditions  for  the  calculations  is  considered  in  Section  4.2. 
The  primary  aim  is  to  evaluate  the  influence  of  the  boundary  layers  on  flutter  speed  at 
the  Reynolds  number  of  the  experiment.  A  further  objective  is  to  examine  the  scale 
effect  in  increasing  this  Reynolds  number  to  a  value  typical  of  full  scale.  As  the 
flutter  testing  was  all  at  zero  mean  incidence  and  there  is  the  possibility  of  conducting 
further  tests  at  small  non-zero  values  of  mean  incidence  aQ  ,  a  subsidiary  aim  is  to 

assess  the  importance  of  a^  as  a  flutter  parameter. 

Section  4.3  concerns  the  use  of  the  three-dimensional  TSP  solutions  in  conjunction 
with  strip  theory  as  an  alternative  to  Ref  7.  The  comparisons  and  discussion  of  the 
flutter  characteristics  follow  in  Sections  4.4  and  4.5. 
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4.1  Metnod  of  Analysis 

The  flutter  equation  to  be  solved  is 


+ 


p  U  Bq  + 
00  00  * 


U?cq  + 


Eq 


o 


(13) 


where  A  is  the  structural  inertia  matrix  and  E  is  the  structural  stiffness  matrix  for 
the  first  five  flexible  modes  discussed  in  Section  2.2.  The  complex  generalized  force 
coefficients  are  first  calculated  as  in  Eq.  (10)  and  are  then  transformed  through  Eq.  (12) 
to  a  complex  5x5  matrix  Q  .  The  aerodynamic  damping  matrix  B  and  the  aerodynamic 
stiffness  matrix  C  for  prescribed  values  of  and  v  are  given  by 


ScQ  =  C  +  ivB  .  (14) 


The  complex  column  matrix  q  represents  the  magnitudes  and  phases  of  oscillatory 
displacements  in  the  five  modes  with  frequency 


f  =  U^v/Uttc) 


(15) 


A  flutter  condition  occurs  when  Eq.  (13)  is  satisfied  for  an  undamped  root  with  compatible 
values  of  the  frequency  parameter  v  and  the  stream  density  p  ,  velocity  U  ,  Mach 
number  and  stagnation  temperature  Tg  . 

In  the  present  analysis  is  matched  to  the  given  wind-tunnel  value  of 

Tg  (=  298  K)  and  the  prescribed“value  of  M  used  to  obtain  the  aerodynamic  force 
matrices  in  Eq.  (14)  .  Than,  for  the  prescriEed  value  of  v  ,  the  density  and  hence 

the  equivalent  air  speed 


vc  = 


(16) 


where  pQ  is  the  standard  air  density  at  sea  level,  is  increased  until  at  p„  =  Pc  ,  say, 

Eq.  (13)  gives  an  undamped  root  of  frequency  f  ,  say.  If  fc  exists,  the  corresponding 

frequency  parameter  vc  is  then  calculated  from  Eq.  (15)  and  will,  in  general,  be  found 

to  differ  from  the  assumed  frequency  parameter  v  .  A  matched  critical  flutter  condition 
is  ootained  when 

vc  =  V  =  Vf  ,  say  .  (17) 


A  simple  graphical  procedure  is  used  to  determine  this  condition,  the  corresponding 
density  pc  =  pf  and  hence  the  equivalent  air  speed  at  flutter 


vf  =  . 


(18) 


It  is  found  that  the  most  influential  modes  are  fundamental  bending  (37  Hz)  and 
fundamental  torsion  (326  Hz)  designated  as  modes  1  and  4  in  Table  1,  while  flutter  was 
measured  at  about  v  =  9.4  (90  Hz)  .  Aerodynamic  force  matrices  (C  +  ivB)  for  these  two 
modes  with  Mw  =  0.88  and  ">  =  0.428  are  illustrated  in  Table  3.  There  are  large  varia¬ 
tions  between  the  calculated  results 


(a)  from  linear  theory  (Ref  3), 

(b)  by  using  Ref  7  with  inviscid  TSP  data, 

(c)  by  using  Ref  7  with  viscous  TSP  data. 

The  predicted  values  of  Vf  for  =  0.88  vary  widely  from  370  m/s  with  (a)  to  a  value 

in  excess  of  400  m/s  with  (b) .  As  the  matrices  seem  to  indicate,  the  viscous  case  (c)  is 
found  to  give  an  intermediate  flutter  speed  =  326  m/s  .  The  Appendix  shows  how  a 

simplified  binary  analysis  in  terms  of  modes  1  and  4  can  elicit  the  dominant  aerodynamic 
influences. 

4.2  Results 

The  range  of  the  stream  conditions  in  the  present  calculations  is  indicated  in 
Fig  8.  Lifting-surface  calculations  by  the  method  of  Ref  3  hav«>  been  made  for 

-_0.80,  0.84,  0.86,  0.88,  0.885  and  0.89  for  various  frequency  parameters  in  the  range 
o  <  V  <  0.855,  the  particular  value  v  =  0.428  being  used  for  each  as  it  is  close 

to  the  expected  value  at  flutter.  Table  4a  gives  the  critical  f lutter”speeds  Vf  and 

frequency  parameters  vf  from  the  calculations  with  lifting-surface  aerodynamics  at 
selected  Mach  numbers  including  =  0.75  from  the  earlier  calculations  of  Ref  2.  It  is 


only  above  Mn  =  0.86  that  the  trends  In  the  measured  flutter  speed  In  Table  2  become  very 
different  from  the  monotonic  behaviour,  a  decrease  as  increases,  shown  by  these 

preliminary  calculations. 

The  inviscid  TSP  calculations  for  a  =  0,  and  1°  have  been  made  for  each  of  the 
six  values  of  from  0.80  to  0.89.  Table  4b  shows  that  the  flutter  calculations  for 

zero  mean  incidence  based  on  inviscid  TSP  aerodynamics  yield  no  flutter  in  the  range  of 
the  experiments  at  M_  =0.88  j  nor  is  it  found  at  M^  =  0.885  and  0.89.  The  viscous  TSP 
calculations  for  the  wind-tunnel  Reynolds  number  R  =  3.4  x  10°  are  confined  to 
Mo  =  0.86,  0.88  and  0.885  .  This  is  the  region  of  greatest  interest,  where  the  shock 
waves  are  well-developed  and  their  locations  are  influenced  by  boundary-layer  growth.  The 
corresponding  flutter  calculations  in  Table  4b  give  a  critical  equivalent  air  speed  at 
=  0.88  ,  but  it  has  disappeared  out  of  range  at  Mb  =  0.885  .  An  analysis  of  these 
results  is  made  in  Section  4.4. 

To  extend  the  information  on  boundary-layer  effects,  a  further  calculation  with 
viscous  7  P  aerodynamics  has  been  carried  out  for  =  0.86  at  the  Reynolds  number 

3.5  x  107  typical  of  full  scale.  Predictably  this  gives  a  flutter  speed  in  Table  4b 

intermediate  to  those  for  R  =  3.4  x  10®  and  for  inviscid  flow.  Also  for  Ma  =  0.86 
the  steady  inviscid  TSP  solutions  are  extended  to  a  =  1^°,  2°,  2^°  and  3°  to  provide 
aerodynamic  data  for  flutter  calculations  when  the  mean  incidence  is  varied  in  the  range 
0  {  Ojj  .<  2°  .  The  surprising  result  in  Table  4b  is  that  the  equivalent  air  speed  at 

flutter  goes  outside  the  experimental  range  as  tig  is  increased  from  1*5°  to  2°.  The 
effects  of  Reynolds  number  and  mean  incidence  are  discussed  further  in  Section  4.5. 

4.3  Strip-Theory  Analysis 

The  TSP  calculations,  which  form  the  basis  of  the  Ref  7  approach,  produce  as  a  by¬ 
product  spanwise  lift  and  moment  distributions  due  to  rigid  incidence.  This  information 
has  been  used  to  form  simplified-strip-theory  in-phase  lift  and  moment  flutter  deriva¬ 
tives,  along  the  span,  and  by  means  of  Ref  13  to  obtain  the  corresponding  out-of -phase 
derivatives.  Flutter  calculations  were  carried  out  for  comparison  with  the  Ref  7 
results  and  the  experimental  values. 

Results  of  the  calculations  for  zero  mean  incidence  are  listed  in  Table  4c  and  are 
shown  plotted  in  Fig  11.  The  derivatives  from  the  inviscid  flow  give  the  curve  shown  as 
a  full  line,  whose  shape  is  influenced  by  an  upper  flutter  point  for  =  0.86  .  This 
shape  of  curve  is  also  apparent  for  the  viscous  case,  in  which  no  flutter  instability  was 
calculated  for  M  =  0.88  .  Strip  theory  is  seen  to  predict  successfully  the  upturn  in 
flutter  speed  witK  Mach  number,  but  the  estimation  of  flutter  speeds  at  lower  Mach 
numbers  is  seen  to  be  low  by  approximately  15%.  This  mis-match  is  partially  explained  by 
the  over-estimation  of  the  aerodynamic  forces  as  a  result  of  using  the  rigid  incidence 
load  gradings  from  the  steady  TSP  data.  The  estimation  of  flutter  frequency  is  in  error 
by  some  50%,  but  improvements  in  the  out-of-phase  derivatives  can  reduce  this  error. 

The  flutter  trends  are  better  indicated  by  the  local  aerodynamic  centre  C ( n )  than 
by  the  overall  quantity  xac/5  in  Fig  8.  The  upper  diagram  of  Fig  12  shows  a  strong 

early  influence  of  supercritical  flow  on  5a  over  the  inner  part  of  the  wing,  while  the 
strong  influence  over  the  outer  part  is  considerably  delayed  in  Mach  number.  The  inboard 
values  of  ?ac  have  the  greater  effect  on  xac/5  ,  but  it  is  the  rearward  shift  outboard 
that  first  deters  and  finally  precludes  flutter.  Study  of  the  lower  diagram  of  Fig  12 
therefore  explains  the  adverse  effect  of  viscosity  on  flutter  in  the  present  investigation 
and  suggests  that  an  increase  in  mean  incidence  may  be  favourable. 

4.4  Comparison  with  Experiment 

The  experimental  results  in  Table  2  comprise  equivalent  air  speed  Vf  and  frequency 
of  oscillation  f^  at  critical  flutter  conditions.  In  the  calculations  the  primary 

objective  is  to  predict  .  The  quantity  ff  is  derived  in  the  process  and  provides  a 

secondary  check. 

The  curve  of  drawn  as  a  full  line  in  Fig  13,  calculated  with  completely 

linearized  theoretical  aerodynamics,  shows  two  characteristic  differences  when  compared 
with  the  experimental  data.  Up  to  M_  =  0.85  the  downward  theoretical  trend  is  too 
small,  while  above  Mm  =  0.87  the  same  gentle  trend  continues  where  a  steep  increase  in 
flutter  speed  has  been  measured.  The  remaining  points  in  Fig  13  are  taken  from  Table  4b 
and  correspond  to  aerodynamics  based  on  Ref  7  as  described  in  Section  3.1.  With  inviscid 
TSP  data,  the  Initial  downward  trend  has  become  consistent  in  slope  with  the  measurements; 
moreover,  as  with  the  strip-theory  aerodynamics  in  Fig  11,  the  approximate  allowance  for 
the  effects  of  supercritical  flow  have  resulted  jn  the  prediction  of  the  steep  increase 
in  Vj  .  But  the  lateral  displacement  of  about  1  . 02  in  M^  between  the  inviscid  TSP  and 

experimental  curves  shows  that  the  calculated  disappearance  of  flutter  is  premature.  When 
the  TSP  data  incorporate  the  calculated  boundary  layers  with  Reynolds  number  3.4  «  106 
and  transition  to  turbulence  at  5%  chord  as  in  the  wind-tunnel  tests,  the  lateral  dis¬ 
placement  is  reduced  to  about  0.01  in  M  .  Discrepancies  are  thus  extremely  small,  and 
it  may  be  said  that  the  viscous  TSP  aero3ynamics  achieve  an  excellent  measure  of  agreement 
with  the  experiment. 
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One  aspect  of  the  flutter  tests  that  has  called  for  explanation  is  the  large 
Increase  in  flutter  frequency  at  =  0.889  in  Table  2.  Fig  14  presents  the  informa¬ 
tion  on  ff  against  to  correspond  to  Fig  13.  The  remarkable  agreement  between 

linear  theory  and  experiment  in  the  range  0.84  <  <  0.88  is  perhaps  fortuitous. 

Although  the  frequencies  based  on  TSP  calculations“in  this  range  of  are  10  to  15% 

high,  the  discrepancy  is  reduced  slightly  when  viscous  effects  are  taken  into  account.  It 
is  also  reassuring  that,  in  supercritical  flow  where  Fig  13  shows  the  rapid  increase  in 
,  Fig  14  shows  the  upward  trend  in  ff  towards  the  high  measured  value  of  120  Hz, 

whether  or  not  the  viscous  effects  are  included  in  the  TSP  calculations.  The  matching 
procedure  in  the  calculations  (Section  4.1)  is  such  that  f^  is  derived  indirectly  and 
can  be  quite  sensitive  to  changes  in  the  solution. 

Since  the  structural  characteristics  in  the  calculations  are  independent  of  stream 
conditions,  the  disappearance  of  flutter  at  the  higher  supercritical  Mach  numbers  is 
aerodynamic  in  origin.  The  Appendix  describes  how  a  simple  explanation  e^orges  from 
Niblett's1^  graphical  representation  of  a  binary  approximation  to  the  fl’  cer  equations. 

It  is  first  verified  that  the  overtone  bending  modes  2,  3  and  5  in  Table  1  can  be  elimin¬ 
ated  to  leave  binary  flutter  in  modes  1  and  4  with  similar  characteristics,  as  shown  in 
Table  5.  Typical  aerodynamic  force  matrices  for  M  =0.88  after  this  simplification 
are  given  in  Table  3.  It  is  in  fact  one  of  the  smaller  coefficients  Q^4  (=  -0.008  in 

Table  3b)  that  plays  the  dominant  role;  this  aerodynamic  stiffness  in  the  torsion  mode  is 
strongly  influenced  by  the  rearward  shift  in  aerodynamic  centre  xac  as  increases 

in  Fig  8,  and  more  especially  by  the  corresponding  behaviour  in  local  aerodynamic  centre 
Sac  over  the  outer  part  of  the  span  in  the  upper  diagram  of  Fig  12.  The  direct  stiff¬ 
ness  and  damping  coefficients  in  the  fundamental  torsion  mode,  Q44  and  Q44  ,  are 
plotted  against  in  Fig  15.  While  the  variation  in  OJJ^  against  M^  is  no  greater 

with  TSP  theory  than  with  linear  theory,  it  is  the  fall  in  -Q'4  inherent  in  the  tran¬ 
sonic  flow  conditions  that  matters.  Moreover,  the  delay  of  this  fall  by  about  0.01  in  M 
when  viscous  effects  are  included  brings  the  improved  prediction  of  flutter  speed  in 
Fig  13. 

To  check  the  simple  explanation  in  the  Appendix,  the  flutter  calculations  for 
M^  =  0.84  with  inviscid  TSP  aerodynamics  have  been  repeated  with  identical  aerodynamic 
data,  except  that  the  values  of  Q^4  are  replaced  by  those  for  M^  =  0.88  .  The  calcula¬ 
ted  flutter  speed  Vf  =  255  m/s  then  increases  to  a  value  in  excess  of  400  m/s,  just 

like  the  result  for  M^  =  0.88  with  inviscid  TSP  aerodynamics.  It  is  reasonable  to 
suppose  that  the  same  mechanism  was  at  work  in  the  experiments. 

4.5  Effects  of  Reynolds  Number  and  Incidence 

Having  calculated  critical  flutter  speeds  for  the  wind-tunnel  test  conditions  as 
far  as  available  transonic  theoretical  techniques  will  permit,  we  now  sample  the  effects 
of  Reynolds  number  and  mean  incidence  not  covered  by  the  experiments.  As  a  preliminary 
we  apply  the  arguments  of  the  Appendix  and  consider  what  might  be  expected  in  the  light 
of  the  calculated  aerodynamic  centres.  Fig  8  shows  that  a  factor  of  10  on  Reynolds 
number  at  M^  =  0.86  brings  the  value  of  xgc  roughly  half-way  towards  the  value  for 

inviscid  flow;  a  similar  effect  is  expected  in  the  local  aerodynamic  centres  in  lower 
diagram  of  Fig  12,  where  the  bottom  curve  corresponds  to  the  wind-tunnel  conditions,  and 
a  rearward  shift  of  about  0.02  in  £ac  is  envisaged.  The  effect  of  incidence  in 

inviscid  flow  over  the  outer  part  of  the  span  is  a  somewhat  larger  rearward  shift  of 
0.05  in  £ac  as  a  is  increased  from  0  to  2°.  Thus,  for  the  particular  model,  an 

increase  in  either  Reynolds  number  or  mean  incidence  should  have  a  favourable  influence 
on  flutter  speed. 

The  Reynolds  number  R  =  3.5  x  10^  is  chosen  as  typical  of  full  scale,  and 
boundary-layer  transition  is  retained  at  5%  chord.  The  results  of  the  flutter  calcula¬ 
tion  are  included  on  the  right-hand  side  of  Fig  16.  The  factor  of  10  on  Reynolds  number 

at  Mm  =  0.86  raises  flutter  speed  by  only  1%  and  gives  a  marginal  increase  in  flutter 

frequency,  as  Table  4b  shows., The  collected  information  with  plotted  against  log1QR 

in  Fig  16  puts  the  various  results  for  Mm  =  0.86  and  =  0  into  perspective  and 

shows  that  strip-theory  analysis  (Section  4.3)  underestimates  the  measured  flutter  speed 
where  the  use  of  Ref  7  leads  to  a  much  smaller  over-estimate. 

It  would  have  been  interesting  to  have  calculated  the  effect  of  mean  incidence  in 
viscous  flow,  but  even  at  a  =  1°  the  state  of  the  boundary  layer  on  the  upper  surface 
just  aft  of  the  shock  wave  is  thought  to  be  critically  close  to  separation.  Therefore 
the  calculations  are  restricted  to  inviscid  flow.  Mean  incidence  was  varied  from 
Og  =  0  to  2°  in  steps  of  0.5°,  and  the  curve  of  against  aQ  on  the  left  of  Fig  16 

is  found  to  be  roughly  parabolic  in  shape.  The  increase  in  flutter  speed  is  even  larger 

than  might  have  been  expected  from  Fig  12  in  contrast  to  the  small  effect  of  Reynolds 
number.  The  result  emphasises  the  importance  of  the  dependence  of  unsteady  aerodynamic 
data  upon  mean  flow  conditions  at  transonic  Mach  numbers.  The  equivalent  flutter  speed 
has  increased  from  278  m/s  to  about  475  m/s  beyond  the  range  of  the  experiments  as  aQ 
increases  from  0  to  2°,  that  is  as  the  mean  lift  coefficient  CT  increases  from 

L 


J 


0  to  0.29.  Practical  restrictions  on  CL  in  wind-tunnel  flutter  testing  are  therefore 
to  be  regretted.  L 

5  CONCLUDING  REMARKS 

The  flutter  tests  confirm  both  the  usefulness  and  the  shortcomings  of  completely 
linearized  aerodynamics.  In  subsonic  flows,  calculated  wing  forces  are  often  more 
realistic  when  both  thickness  and  viscosity  are  neglected  than  when  only  one  of  these 
effects  is  taken  into  account.  Indeed,  the  flutter  calculations  are  reasonably  success¬ 
ful  in  giving  flutter  speed  within  ±8%  for  stream  Mach  numbers  M  from  0.75  to  0.88. 

On  the  other  hand,  the  predicted  downward  slope  of  equivalent  flulter  speed  against  M 
around  0.8  is  less  than  half  the  slope  from  experimental  data.  Moreover,  this  gentle 
slope  continues  beyond  Mo  =  0.86  with  no  trace  of  the  observed  sharp  rise  in  flutter 
speed  and  the  rapid  disappearance  of  flutter. 

The  effect  of  supercritical  flow  on  the  flutter  model  at  zero  lift  is  unlikely  to 
be  typical  of  lifting  wings  designed  for  this  speed  range.  The  investigation  is  viewed 
as  a  demonstrator  of  the  order  of  magnitude  of  transonic  effects  on  flutter,  and  more 
especially  as  an  indirect  test  of  aerodynamic  calculations  in  the  absence  of  pressure 
measurements.  It  would  be  interesting  to  make  a  comparable  study  for  a  supercritical 
wing  at  the  design  condition. 

The  simplest  scheme  of  transonic  calculation  is  to  use  the  incremental  spanwise 
loading  and  distribution  of  aerodynamic  centre  from  TSP  theory  in  conjunction  with  strip 
theory  (Section  4.3)  to  modify  the  completely  linearized  aerodynamic  force  coefficients. 
Although  the  calculated  flutter  speeds  are  less  good  quantitatively,  it  is  significant 
that  the  qualitative  trend  is  now  correct.  This  use  of  strip  theory  underestimates  both 
the  flutter  speed  at  subcritical  Mo  and  the  value  of  associated  with  the  sharp 

rise  in  flutter  speed,  but  this  essential  characteristic  of  the  flutter  tests  is 
modelled. 

The  aerodynamic  calculations  by  means  of  Ref  7  utilize  the  complete  pressure 
distribution  as  distinct  from  the  local  lifts  and  moments  from  TSP  theory.  The  allowance 
for  frequency  is  fully  three-dimensional  and  compatible  with  lifting-surface  theory,  when 
the  steady  and  quasi-steady  data  are  taken  from  inviscid  TSP  theory,  the  measured  flutter 
speed  is  predicted  within  ±4*  when  M  <  0.855  ,  and  the  downward  slope  of  the  curve  is 
also  correct.  Although  the  calculate3  sharp  rise  is  premature  by  about  0.02  in  Mach 
number,  this  discrepancy  is  roughly  halved  when  viscous  TSP  theory  is  used  instead  with 
Reynolds  number  and  transition  position  corresponding  to  the  wind-tunnel  conditions. 

The  availability  of  a  steady  three-dimensional  viscous  TSP  theory  (Ref  10)  in  con¬ 
junction  with  Ref  7  makes  possible  a  flutter  calculation  for  full-scale  Reynolds  number. 

A  factor  of  ten  on  Reynolds  number  gives  a  marginal  increase  in  flutter  speed  at 
Ma  =  0.86  .  By  contrast,  the  effect  of  mean  incidence  in  inviscid  flow  at  this  Mach 
number  is  found  to  be  large  for  the  particular  wing. 

The  calculated  25%  increase  in  equivalent  air  speed  at  flitter  as  mean  incidence  is 
increased  from  0  to  1.5°  suggests  that  an  extension  of  the  experimental  investigation  to 
non-zero  mean  lift  is  desirable.  There  are  opposing  factors  however,  first  that  viscous 
TSP  calculations  at  the  higher  Incidence  are  likely  to  be  unreliable  at  M  =0.86 
because  of  shock-induced  boundary-layer  separation,  and  second  that  the  stiffness  of  the 
flutter  model  is  Insufficient  to  prevent  considerable  static  deformation.  The  fact 
remains  that  the  lift  dependence  of  transonic  flutter  characteristics  needs  attentive 
study. 

It  has  been  possible  to  isolate  the  particular  aerodynamic  force  coefficient  that 
has  the  greatest  influence  on  flutter  speed,  and  the  quantity  (QJ4)  is  akin  to  a  direct 

pitching  moment.  The  gentle  trend  of  decreasing  flutter  speed  against  M^  in  the  sub¬ 
sonic  and  low  supercritical  ranges  is  associated  with  an  increasing  lift  slope.  But  the 
trend  towards  stability  against  flutter  with  increasing  supercritical  Mach  number  and 
with  increasing  mean  incidence  is  allied  to  a  rearward  movement  in  local  aerodynamic 
centre  over  the  outer  portion  of  the  span. 
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Appendix 

THE  REASON  FOR  THE  LARGE  INCREASE  IN  CRITICAL  FLUTTER  SPEED  WITH  MACH  NUMBER 

by 

J.  C.  A.  Baldock 

The  reason  for  the  large  increase  in  flutter  speed  has  been  investigated  by  using 
Niblett's14  'graphical  representation'  of  binary  flutter.  This  technique  requires  the 
flutter  problem  to  be  in  two  degrees  of  freedom  with  matrix  equation 

Aq  +  a^VBq  +  V2Cq  +  Eq  =  0  ,  { A—  1 ) 


where  V  =  U^/p^/pg  is  the  equivalent  air  speed, 

o  =  p„/Pq  is  air  density  relative  to  standard  air  density  at  sea  level, 
q  corresponds  to  a  set  of  normal  modes. 


The  representation  shows  variations  with  V  as  parameter  and  requires  constant 
matrices  A,  B,  C  and  E  and  a  constant  value  of  o  .  Techniques*-"  are  available  for  con¬ 
densing  a  flutter  condition  from  many  degrees  of  freedom  to  a  similar  condition  in  two 
derived  degrees  of  freedom,  but  they  have  not  been  necessary  with  this  example.  As  will 
be  seen,  the  two-degree-of-freedom  system  with  the  normal  modes  of  fundamental  bending 
and  fundamental  torsion  gives  a  variation  in  flutter  speed  with  Mach  number  similar  to 
that  with  the  basic  f ive-degree-of-f reedom  system  used  in  the  main  flutter  calculations. 


The  form  of  Eq.  (A-l)  is  different  from  the  one  in  the  main  report  in  that  Eq.  (13) 
represents  the  model  conditions  in  the  wind  tunnel  where  U  ,  M  and  stagnation  tempera¬ 
ture  Tg  are  constant  and  equivalent  air  speed  V  is  varied  by  changing  the  air  density. 
With  Eq.  (A-l)  the  effects  of  air  density  and  equivalent  air  speed  are  separated.  The 
aerodynamic  matrices  B  and  C  are  regarded  as  constant  although  they  are  functions  of 
frequency  parameter  v  as  well  as  M  .  For  fixed  M  the  aerodynamic  matrices  for 
v  =  0.428  nearest  to  the  critical  frequency  parameter”have  been  used  for  all  V  .  As  a 
further  simplification  an  average  value  of  a  has  been  used  throughout.  Table  5  shows 
that  for  inviscid  flow  the  equivalent  binary  solutions  give  a  similar  variation  of 
critical  equivalent  air  speed  Vf  with  Mach  number. 

In  the  'graphical  representation'  of  binary  flutter,  the  real  and  imaginary  parts 
of  the  characteristic  equation  at  flutter  are  separated;  with  a  suitable  choice  of 
coordinates,  it  is  shown  that  flutter  is  given  at  the  intersection  of  a  conic  and  a 
straight  line.  Fig  17  shows  a  typical  representation.  Coordinate  y  is  proportional  to 
V2  and  coordinate  u>2  is  proportional  to  the  square  of  frequency.  The  conic  labelled 
"a  =  0"  is  given  by  scaled  coefficients  of  the  matrices  A,  C  arid  E  ,  and  the  point 
marked  FC  gives  the  conditions  at  'frequency  coalescence'  flutter,  ie  with  o  =  0  in 
Eq.  (A-l).  Flutter  at  finite  a  is  given  by  the  intersection  of  the  other  conic  and  a 
line,  called  the  'damping  line'  because  it  depends  largely  on  the  coefficients  in  the 
aerodynamic  damping  matrix  B  .  The  flutter  point  moves  along  the  damping  line  towards 
the  o=0  conic  as  the  relative  density  o  is  decreased.  Properties  of  the  conics  can 
be  related  to  the  scaled  aerodynamic  coefficients,  and  some  of  those  relevant  to  the 
present  problem  are  shown  on  Fig  17;  viz,  the  slopes  of  the  o  =  0  conic  at  y  =  0  are 
equal  to  the  scaled  direct  aerodynamic  stiffness  coefficients  cix  and  c22  ,  and  the 

differences  between  the  conics  is  proportional  to  ob  ,  where  b  is  the  determinant  of 
the  scaled  matrix  B  . 


The  graphical  representations  for  M^  =  0.84,  0.86  and  0.88  are  shown  in  Figs  18 
to  20.  The  most  obvious  differences  between  the  graphs  lie  in  the  finite  a  conics,  and 
especially  in  the  upper  slopes  of  the  conics  at  y  =  0  .  As  Mach  number  increases,  there 
is  some  increase  in  the  upper  angle  between  the  "o  =  0"  and  "finite  o"  conics,  indica¬ 
ting  some  increase  in  ob  ,  but  the  largest  differences  are  in  the  upper  slopes  of  the 
o=0  conics,  which  equal  c22  (Fig  17).  The  modes  are  numbered  in  increasing 

frequency,  so  that  mode  1  is  the  fundamental  bending  mode  and  mode  2  is  the  fundamental 
torsion  mode.  Therefore  c22  is  the  direct  aerodynamic  stiffness  term  for  the  torsion 

mode.  The  enormous  increase  in  the  turning-point  values  of  y  with  finite  o  ,  arising 
from  the  increased  upper  slopes,  is  not  entirely  matched,  however,  by  similar  increases 
in  y  for  the  flutter  point;  due  to  the  low  position  of  the  damping  line  the  inter¬ 
sections  take  place  in  the  lower  parts  of  the  conic.  The  net  result  is  that,  for  this 
particular  application,  the  clue  to  variations  in  flutter  speed  lies  in  the  inter¬ 
sections  of  the  damping  line  and  the  o  =  0  conics. 

The  dependence  on  Mach  number  of  the  intersection  with  the  o  =  0  conics 
resembles  that  for  the  turning  value  of  y  for  the  a  =  0  conics  (FC  in  Fig  17).  There¬ 
fore  this  turning  value  of  y  for  'frequency  coalescence'  relates  closely  to  flutter 
speed.  The  turning  value  is  given  by  the  comparatively  simple  expression  from  Ref  14: 
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When  the  values  of  these  scaled  coefficients  for  increasing  are  inserted,  it  becomes 

clear  that  c 22  is  the  most  significant  coefficient,  variations  in  c^,  c12  and  C2l 

tending  to  have  smaller  effects.  Therefore  c22  has  been  found  to  have  two  effects 

relating  to  the  increased  flutter  speed  through  its  influence  on  the  turning  value  of  y 
for  the  o=0  conics  and  on  the  upper  slopes  of  these  conics. 

Coefficient  c22  corresponds  to  the  direct  aerodynamic  stiffness  in  the  wing 

torsion  mode,  and  its  value  obviously  relates  to  the  spanwise  distributions  of  local  lift 
curve  slope  and  local  aerodynamic  centre,  especially  over  the  outer  part  of  the  span. 
Coefficient  cl2  ,  representing  the  force  in  the  bending  mode  due  to  the  torsional  motion, 

will  depend  mostly  on  the  values  of  the  local  lift  curve  slope.  As  M  increases  from 
0.84  to  0.88,  cl2  is  increased  by  about  22%,  but  the  value  of  c22  Is  reduced  to  18% 

of  its  value  at  M  =  0.84  .  This  reduction  is  associated  primarily  with  a  rearward 
shift  of  local  aerodynamic  centre  which  mere  than  compensates  for  the  effect  of  increased 
lift  curve  slope.  Coefficient  c21  from  the  force  in  the  torsion  mode  due  to  wing  bend¬ 
ing  is  reduced  to  43%  of  its  M  =  0.84  value  as  is  increased  to  0.88.  A  reduction 

in  this  coefficient  would  also  Se  expected  from  a  rearward  shift  in  local  aerodynamic 
centre.  It  is  concluded  that  the  rearward  shift  in  Kac  with  increasing  in  the 

upper  diagram  of  Fig  12  is  playing  a  large  part  in  the  increasing  flutter  speeds  in 
Table  b. 

The  significance  of  the  direct  aerodynamic  stiffness  coefficient  in  the  wing 
torsion  mode  could  no  doubt  have  been  found  by  an  automatic  process  of  repeated  flutter 
solutions  with  arbitrary  variations  in  each  of  the  aerodynamic  damping  and  stiffness 
coefficients  in  the  original  f ive-degree-of-f reedom  calculation.  The  advantage  of  the 
graphical  representation  of  Ref  14  is  that  the  computation  required  is  very  much  less. 
Moreover,  the  bird's-eye  view  of  the  problem  is  valuable  for  its  indication  of  the 
flutter  mechanism  and  for  guidance  on  the  effect  of  various  coefficients  in  combination, 
which  would  usually  result  from  physical  changes  in  the  aerodynamics. 
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Table  4 

CALCULATED  EQUIVALENT  AIR  SPEEDS  AT  FI, UTTER 
Lif tina-surf ace  aerodynamics 


Aerodynamics 


Lif ting- surf ace 


aQ  (deg) 


Vf  (m/s) 


(b)  Aerodynamics  by  means  of  Ref  7 


Aerodynamics 


Inviscid  TSP 


aQ  (deg) 


TSP  (R  =  3.4  x  10”) 


TSP  (R  =  3.5  x  10) 


(c)  Strip-theory  aerodynamics 

Aerodynamics 

M 

00 

a0  (deg) 

Vf  (m/s) 

Zf 

Inviscid  TSP 

0.80 

0 

241 

0.70 

0.84 

0 

225 

0.65 

0.86 

0 

288 

0.56 

TSP  (R  =  3.4  x  1 06 ) 

0.86 

0 

232 

0.63 

0.88 

0 

- 

- 

Table  5 

COMPARISON  OF  FLUTTER  SPEEDS  FROM  FULL  SOLUTIONS  AND  EQUIVALENT  BINARY  SOLUTIONS 


Inviscid  TSP 

Values  of  Vj  (m/s) 

M„  =  0>84 

M^  =  0.86 

=  0.88 

Full  solution 

255 

278 

>400 

Binary  solution 

265 

294 

398 
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Fig  3  Calculated  modes  with  root  mounting 
block  free 


Fig  4  Measured  critical  damping  and  frequency 
of  two  bending  modes 


Fig  5 


Measured  flutter  speed  and  frequency  Fig  6  Calculated  effect  of  Mach  number  on 

against  Mach  number  oscillatory  chordwise  loading 
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Fig  8  Calculated  lift  slope  and  aerodynamic 
centre  aoainst  Mach  number 


Fig  9  Calculated  steady  and  quasi-steady 
pressure  distributions 


Fig  II  Flutter  speeds  predicted  using 
strip- theory  aerodynamics 


ANALYSIS  OF  TURBULENT  FLOW  ABOUT  AN  ISOLATED 
AIRFOIL  USING  A  TIME-DEPENDENT  NAVIER-STOKES  PROCEDURE 
by 
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H.  J.  Gibeling,  Research  Scientist 
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Glastonbury,  Connecticut  06033,  U.S.A. 


SUMMARY 

A  compressible  time-dependent  Navier-Stok.es  calculation  procedure  which  includes  a  transition  turbulence 
model  is  applied  to  the  isolated  airfoil  problem.  The  procedure  solves  the  Navier-Stokes  equations  by  the 
consistently  split  linearized  block  implicit  method  of  Briley  and  McDonald  in  a  body  fitted  coordinate  system. 
The  procedure  is  described  and  results  are  presented  for  flow  about  an  airfoil  whose  incidence  changes  from 
6  degrees  to  19  degrees  at  a  Reynolds  number  of  one  million  and  Mach  number  of  0.2.  In  addition,  the  unsteady 
flow  about  an  airfoil  held  at  a  constant  19  degree  incidence  is  examined  and  compared  to  data. 


INTRODUCTION 

The  continued  rapid  development  of  computer  hardware  accompanied  by  rapid  advances  in  numerical  tech¬ 
niques  have  led  to  a  very  significant  broadening  of  the  practical  choices  available  for  analyzing  viscous 
flow  fields.  Prior  to  recent  computational  advances  predictive  methods  for  viscous  flow  were  confined 
primarily  to  empirical  correlations  or  integral  boundary  layer  solutions;  however,  computational  techniques 
now  allow  routine  solutions  of  the  two-dimensional  laminar  and  turbulent  boundary  layer  equations.  More 
recently  attention  has  focused  upon  complex  viscous  flow  fields  which  are  not  suited  to  analysis  by  two- 
dimensional  boundary  layer  approaches  and  one  important  problem  of  this  type  is  the  general  flow  about  a 
two-dimensional  isolated  airfoil. 

The  isolated  airfoil  flow  problem  Is  a  classical  problem  of  practical  importance  which  arises  in  a 
variety  of  flow  applications.  Much  of  the  initial  impetus  for  predicting  the  isolated  airfoil  flow  field 
was  generated  by  the  need  to  determine  the  lift  characteristics  of  various  airfoil  shapes  as  a  function  of 

the  Incidence  angle.  Although  initial  studies  focused  upon  the  case  of  an  airfoil  at  constant  incidence, 

later  studies  Include  airfoils  with  time  varying  motion,  and  more  recent  efforts  have  begun  to  consider  the 
aerodynamic  flutter  problem  where  aerodynamic  and  aeroelastic  phenomena  interact  to  determine  the  flow  field 
solution. 

If  the  airfoil  flow  field  is  well-behaved;  i,e»,  if  the  boundary  layer  remains  unseparated,  then  good 
predictions  of  lift  for  airfoils  in  steady  flow  can  be  obtained  from  a  purely  inviscid  analysis.  Obviously, 
an  inviscid  analysis  does  not  contain  a  loss  mechanism  and  if  aerodynamic  losses  are  required,  they  can  be 
obtained  from  an  empirical  correlation  or  from  a  boundary  layer  type  analysis.  The  prediction  of  the  airfoil 

flow  field  at  higher  incidences  where  boundary  layer  separation  occurs  is  more  difficult. 

When  the  viscous  layer  on  the  airfoil  surface  exhibits  regions  of  significant  separation,  a  purely  in¬ 
viscid  analysis  will  not  suffice  even  if  only  lift  predictions  are  of  interest.  In  the  presence  of  signifi¬ 
cant  separation,  the  observed  pressure  distribution  will  differ  considerably  from  that  predicted  from  inviscid 
flow  considerations.  The  actual  pressure  distribution  corresponds  to  that  around  a  body  equivalent  in  shape 
to  the  airfoil  plus  a  displacement  correction  (for  viscous  displacement  effects),  and  in  the  presence  of 
large  separated  regions  the  displacement  correction  is  not  small.  In  such  cases  an  analysis  which  is  more 
complete  than  a  purely  inviscid  analysis  is  required.  One  possibility  for  solving  the  separated  airfoil  flow 
field  problem  is  the  boundary  layer  strong  interaction  approach.  In  this  approach  an  inviscid  analysis  and 
a  boundary  layer  type  analysis  are  solved  so  that  the  viscous  displacement  effects  resulting  from  boundary 
layer  growth  influence  the  inviscid  pressure  distribution.  Although  this  approach  can  give  good  results  for 
some  cases,  it  does  have  certain  drawbacks.  Usually,  the  approach  requires  an  iteration  between  the  two  solu¬ 
tions  and  in  the  case  of  subsonic  flow  the  iteration  is  a  global  one;  i.e.,  the  inviscid  analysis  is  solved 
for  a  given  displacement  surface.  The  inviscid  pressure  distribution  is  then  imposed  upon  the  boundary  layer 
equations  and  these  equations  are  solved  to  predict  the  boundary  layer  development  including  a  new  displace¬ 
ment  surface  and  the  process  is  repeated.  This  iteration  process  may  be  difficult  to  converge  under  some 
circumstances,  for  example  when  large  regions  of  separation  occur  or  when  the  flow  is  transonic.  Furthermore, 
assumptions  may  be  required  to  treat  the  boundary  layer  equations  in  separated  regions  and  normal  pressure 
gradients  must  be  assumed  negligible  in  the  viscous  flow  region.  The  drawbacks  associated  with  boundary 
layer  strong  interaction  techniques  have  led  some  investigators  to  seek  an  alternate  means  of  predicting  air¬ 
foil  flow  fields;  one  such  alternate  approach  is  a  solution  of  the  full  Navier-Stokes  equations. 

One  early  application  of  the  Navier-Stokes  analysis  to  the  isolated  airfoil  flow  problem  was  performed 
by  Mehta  and  Lavan  (Ref.  1)  who  solved  a  stream  function  vorticity  formulation  of  the  laminar  Incompressible 
Navier-Stokes  equations  to  predict  flow  about  an  impulsively  started  airfoil.  Although  this  method  required 
considerable  computer  run  time,  its  excellent  results  convincingly  demonstrated  the  practical  benefits  which 
could  be  realized  from  Navier-Stokes  solutions.  In  another  early  investigation  Lugt  and  Haussltng  (Kef.  7) 
utilized  an  incompressible  stream  function-vorticity  approach  to  investigate  flow  about  an  abruptly  started 
elliptical  cylinder.  More  recent  incompressible  stream  function-vorticity  analyses  have  focused  upon  various 
aspects  of  the  airfoil  flow  field  problem.  For  example,  Mehta  (Ref.  3)  used  a  numerical  scheme  considerably 
more  efficient  than  that  of  Ref.  1  to  solve  incompressible  laminar  flow  about  an  airfoil  osci Mating  through 
Incidence  regimes  in  which  stall  occurs.  Wu  and  Sampath  (Ref.  4)  and  Wu,  Sampath  and  Sanknr  (Kef.  3)  applied 
the  Wu-Thompson  integro-dif ferent tal  formulation  (Ref.  6)  to  both  the  impulsively  started  airfoil  and  the 
oscillating  airfoil  problem.  In  a  similar  vein  Kinney  and  Cielak  (Refs.  7  and  8)  have  investigated  unsteady 
airfoil  flow  fields  and  I.ugt  and  Haussllng  (Ref.  9)  have  investigated  the  t ime  scale  required  t”  establish 
the  Joukowski  condition  in  incompressible  flow.  Finally,  Thompson  and  his  coworkers  (e.g.  Kef.  10)  have  «al- 
culated  the  flow  about  a  variety  of  airfoil  shapes  and  Hodge  and  Stone  (Ref.  11)  have  investigated  stalled 
airfoils  using  an  Incompressible  primitive  variable  approach. 
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Although  arguments  can  be  made  In  favor  of  one  of  these  procedures  versus  the  other,  it  is  clear  that 
as  a  group  these  efforts  have  demonstrated  that  application  of  Navier-Stokes  formulations  to  the  airfoil 

problems  are  both  feasible  and  practical.  However,  these  procedures  all  have  been  limited  by  assumptions  j 

of  (i)  incompressibility  and  (ii)  laminar  flow.  In  regard  to  the  first  of  these  items,  the  preceding  analyses 
all  are  incompressible  and  none  except  possibly  that  of  Hodge  and  Stone  can  be  extended  readily  to  the  com¬ 
pressible  case.  In  regard  to  the  second  limitation,  all  these  analyses  assume  the  flow  to  be  laminar, 
although  presumably  this  assumption  can  be  relieved  in  a  straightforward  manner  if  simple  eddy  viscosity  and 
forced  transition  concepts  are  accepted. 

The  problem  of  eliminating  the  incompressible  assumption  from  the  full  Navier-Stokes  equations  for  air¬ 
foil  flow  field  calculations  has  been  the  subje; i  of  a  number  of  investigations.  Verhoff  (Ref.  12)  applied 
MacCormack’s  fully  explicit  method  (Ref.  13)  to  the  airfoil  problem;  however,  since  the  procedure  is  fully 
explicit,  a  small  time  step  is  necessary  to  maintain  numerical  stability  as  a  result  of  the  locally  refined 
mesh  in  the  boundary  layer  and  long  computer  run  times  result.  In  this  regard  conditionally  stable  schemes 
such  as  fully  explicit  schemes  are  not  an  optimum  choice  when  mesh  refinement  is  required  for  boundary  layer 
definition;  in  these  schemes  the  maximum  allowable  time  step  size  is  limited  by  the  spatial  step  size  leading 
to  large  run  times.  The  time-step  limitation  problem,  which  is  severe  even  in  laminar  flows,  'is  magnified 
considerably  in  turbulent  flows  where  a  much  finer  spatial  resolution  is  required  in  the  boundary  layer.  On 
the  other  hand,  unconditionally  stable  schemes  (in  a  linear  sense)  such  as  some  of  the  implicit  schemes  do 
not  uffer  from  this  characteristic.  Both  Deiwert's  (Ref.  14)  and  Levy’s  (Ref.  15)  analyses  are  based  upon 
MacCorraack's  more  recent  hybrid  implicit-explicit-characteristics  scheme  (Ref.  16).  By  virtue  of  an  enlarged 
stability  bound  this  new  procedure  Is  more  efficient  than  the  original  MacCormack  procedure  (Ref.  13)  for 
airfoil  calculations;  however,  it  does  present  formidable  coding  problems.  Implicit  schemes,  although  more 
complicated  to  code  than  explicit  schemes,  do  not  present  the  formidable  coding  problems  associated  with  the 
hybrid  scheme.  An  implicit  solution  of  the  full  Navier-Stokes  equations  has  been  developed  by  Gibeling, 

Shamroth  and  Eiseman  (Ref.  17)  who  applied  the  Br iley-McDonald  (Ref.  18)  numerical  technique  to  the  airfoil 
flow  field.  A  similar  approach  has  since  been  used  by  SanVpr  and  Tassa  (Ref.  19)  to  study  an  oscillating 
airfoil  in  a  compressible  low  Reynolds  number  fluid.  In  another  approach  Steger  (Ref.  20)  used  the  thin 
shear  layer  equations  in  conjunction  with  the  coordinate  generation  procedure  of  Thompson,  Thames  and 
Mastin  (Ref.  21)  to  predict  laminar  flow  about  an  airfoil.  The  equations  solved  in  Ref.  20  are  a  reduced 
set  of  equations  which  retain  only  the  viscous  stress  terms  important  in  thin  shear  layer  flows. 

Although  these  various  approaches  have  focused  upon  the  compressible  problem,  they  have  been  confined  to 
laminar  flow  whereas  most  flow  fields  of  practical  interest  are  turbulent.  In  principle  a  laminar  procedure 
can  be  extended  to  turbulent  flow  in  a  straight  forward  manner  if  eddy  viscosity  and  forced  transition  con¬ 
cepts  are  accepted.  However,  in  the  general  airfoil  flow  field  the  eddy  viscosity  assumption  which  relates 
the  eddy  viscosity  to  the  mean  flow  via  an  algebraic  equation  is  expected  to  be  Inadequate.  The  eddy  vis¬ 
cosity  assumption  is  particularly  suspect  in  regions  of  strong  pressure  gradients  and  may  be  inappropriate 
In  regions  of  separated  flow.  In  addition,  an  important  component  of  the  flow  field  development  may  be  the 
transition  process  since  earlv  transition  may  inhibit  separation.  In  this  regard  a  forced  transition  model, 
where  the  transition  location  is  uniquely  related  to  some  mean  flow  parameter  such  as  a  boundary  layer  in¬ 
tegral  thickness,  may  lead  to  serious  errors  in  the  predicted  results.  Thus,  a  more  general  turbulence 
model  is  sought.  Finally,  the  airfoil  flow  field  contains  regions  of  laminar,  transitional  and  turbulent 
flow  and,  therefore,  any  model  used  must  be  appropriate  for  all  three  flow  regimes.  Such  a  model  has  been 
applied  by  Shamroth  and  Gibeling  to  the  airfoil  flow  field  problem  (Ref.  22).  The  model  used  combines  a 
turbulence  energy  partial  differential  equation  with  an  algebraic  length  scale  equation,  and  in  Ref.  22  the 
model  was  used  to  predict  airfoil  flow  fields  at  both  zero  and  six  degrees  incidence.  Although  the  predicted 
results  at  these  incidence  angles  were  encouraging,  they  did  not  address  the  problem  of  the  stalled  airfoil 
in  a  high  Reynolds  number  turbulent  flow.  The  present  paper  focuses  upon  the  airfoil  at  high  incidence 
angle  as  it  considers  flow  about  an  airfoil  in  ramping  motion  as  well  as  flow  about  an  airfoil  at  high 
i  incidence. 


ANALYSIS 

The  Coordinate  System 

The  presence  of  bounding  surfaces  of  a  computational  domain  which  do  not  fall  upon  coordinate  lines  pre¬ 
sents  significant  difficulties  for  numerical  techniques  which  solve  the  Navier-Stokes  equations.  If  a  bound¬ 
ing  surface  (such  as  the  airfoil  surface)  does  not  coincide  with  a  coordinate  line,  serious  numerical  errors 
may  arise  in  the  application  of  boundary  conditions  and  considerable  effort  may  be  required  to  reduce  these 
errors  to  an  acceptable  level.  Although  this  problem  arises  in  both  viscous  and  inviscid  flows,  it  Is  more 
severe  in  viscous  flows  where  no-slip  conditions  on  solid  walls  can  combine  with  boundary  condition  trunca¬ 
tion  error  to  produce  numerical  solutions  which  are  both  qualitatively  and  quantitatively  in  error.  Thus 
coordinate  systems  are  sought  in  which  each  no-slip  surface  of  the  specific  problem  falls  on  a  coordinate 
line.  Such  a  system  Is  termed  a  body-fitted  coordinate  svstem.  Several  approaches  are  available  to  form  a 
body-fitted  coordinate  system.  Among  the  coordinate  system  candidates  are  conformal  coordinate  systems  such 
as  that  used  by  Mehta  (Ref.  3),  systems  based  upon  solution  of  a  Poisson  equation  such  as  those  developed  bv 
Thompson  and  his  coworkers  (e.g.  Ref.  21)  or  Haussling  (Ref.  23)  and  a  constructive  system. 

The  approach  used  in  the  present  effort  is  a  constructive  approach  in  which  the  required  airfoil  is  by 
definition  a  coordinate  line  and  in  which  grid  point  placement  is  specified  by  the  user.  The  procedure  was 
developed  originally  for  the  isolated  airfoil  problem  bv  Gibeling,  Shamroth  and  Fiseman  (Ref.  17)  and  ex¬ 
tended  to  the  cascade  by  Fiseman  (Ref.  24);  the  application  of  the  procedure  to  the  airfoil  problem  is 
described  in  Ref.  25.  The  coordinate  svstem  generated  bv  the  constructive  process  has  several  advantages. 

The  svstem  allows  packing  of  grid  points  in  regions  where  high  grid  resolution  is  required.  In  genes al,  the 
high  resolution  regions  are  required  near  the  airfoil  surface  (where  the  boundary  layer  is  found)  and  in  the 
vicinity  "f  the  airfoil  leading  edge  where  rapid  streamwlse  changes  are  present.  In  addition,  although  the 
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grid  has  a  branch  cut  emanating  from  the  airfoil  trailing  edge,  metric  data  is  continuous  across  the  branch 
cut.  Furthermore,  although  the  grid  is  nonorthogonal ,  the  amount  of  nonorthogonality  is  not  large.  Finally, 
as  applied  to  the  airfoil  problem  the  metric  data  remains  smooth  from  grid  point  to  grid  point.  A  sketch  of 
the  coordinate  system  is  shown  in  Fig.  1  and  a  fuller  discussion  is  presented  in  Refs.  24  and  25. 


Mean  Flow  Equations 

A  solution  of  the  compressible,  time-dependent  Navier-Stokes  equations  in  conjunction  with  a  suitable 
turbulence  model  would  serve  to  predict  the  flow  field  for  both  laminar  and  turbulent  flows.  The  form  of  the 
equations  expressed  in  the  more  common  coordinate  systems  can  be  found  in  standard  fluid  dynamic  texts  and  the 
equations  themselves  have  been  derived  in  general  tensor  form  by  McVitte  (Ref.  26)  for  inviscid  flow  and  by 
Walkden  (Ref.  27)  for  viscous  flow. 

One  possible  approach  for  solving  the  equations  in  general  nonorthogonal  form  is  the  strong  conservation 
approach  such  as  that  used  by  Steger  (Ref.  20)  and  Thomas  and  Lombard  (Ref.  28).  A  second  possible  approach 
solves  a  set  of  equations  in  which  the  metric  coefficients  do  not  appear  within  derivatives  (quaslllnear 
form).  In  both  cases  the  independent  spatial  variables  are  transformed  from  the  Cartesian  coordinates  (x,y) 
to  a  new  set  of  coordinates  (£,n)  where 
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The  stong  conservation  form  of  the  equations  then  becomes 
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The  quasilinear  form  of  the  equations 


is  expressed  as 
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It  should  be  noted  that  in  both  approaches  the  dependent  variables  are  the  density,  p,  and  the  Cartesian 
velocity  components. 


The  problem  of  proper  equation  form  in  non-Cartesian  spatial  variables  has  been  discussed  by  several 
investigators  (e.g.,  Refs.  22  and  28).  If  the  strong  conservation  form  of  the  equations  is  to  be  used  then 
care  must  be  taken  to  evaluate  the  metric  data  by  a  method  which  is  consistent  with  a  control  volume  approach 
(Ref.  28).  Usually  this  requires  numerical  evaluation  of  the  metric  data  even  if  an  analytic  functional 
relationship  for  the  transformation  is  available.  The  analytic  representation  of  the  metric  data,  C  , 

etc.,  when  combined  with  the  strong  conservation  form  of  the  equations  leads  to  significant  error 
for  as  straightforward  a  calculation  as  low  Reynolds  number  flow  about  a  circular  cylinder  (Ref.  22).  In  a 
private  communication  (Ref.  29)  Thompson  has  suggested  that  the  discrepancy  shown  In  Ref.  22  would  he  de¬ 
creased  or  eliminated  by  use  of  numerically  evaluated  metric  coefficients.  Tims  in  the  case  of  a  time- 
independent  Jacobian,  either  approach  can  be  expected  to  yield  satisfactory  results.  The  quasilinear  form 
was  used  in  the  present  effort. 
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The  Turbulence  Model 

Since  the  present  effort  addresses  the  problem  of  turbulent  flow,  it  is  necessary  to  specify  a  tur¬ 
bulence  model  suitable  for  this  problem.  One  complicating  factor  in  hypothesizing  and  applying  a  turbulence 
model  for  the  isolated  airfoil  flow  field  is  that  the  flow  is  not  turbulent  everywhere.  Far  from  the  air¬ 
foil  the  flow  is  inviscid  and  irrotational.  In  addition,  even  near  the  airfoil  surface  the  flow  is  laminar 
in  the  vicinity  of  the  airfoil  leading  edge.  Thus  any  proposed  model  must  be  capable  of  dealing  with 
laminar,  transitional  and  turbulent  flow.  Although  a  turbulent  calculation  could  be  obtained  by  assuming 
an  eddy  viscosity  model,  eddy  viscosity  (or  equilibrium  mixing  length)  models  are  not  appropriate  for  flows 
containing  large  separated  regions  (e.g.  Ref.  30).  In  addition,  if  an  eddy  viscosity  model  were  to  be  used, 
then  the  transition  location  must  be  specified  and  the  various  transition  location  correlations  may  not  be 
appropriate  for  the  very  strong  pressure  gradients  found  in  flow  about  airfoils  at  incidence. 

The  approach  taken  in  the  present  effort  assumes  an  isotropic  turbulent  viscosity,  p  »  relating  the 
Reynolds  stress  tensor  to  mean  flow  gradients. 


Pui'ui 
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The  turbulent  viscosity  is  related  to  the  turbulence  energy,  k,  and  the  turbulence  energy  dissipation  rate, 
e,  via  the  Prandtl-Kolmogorov  constituti  e  equation 


Mt  1  pCMk2/t  f(y/S) 

(6) 

where  is  a  turbulence  structural  coefficient  and  f(y/5)  is  a  factor  used  to  ensure  small  turbulent  vis¬ 
cosities  at  locations  far  from  the  airfoil.  The  function  f(y/6)  is  taken  as 

f(y/S)  =  i.o  y  <  8 
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where  b  is  a  constant.  Tie  present  approach  utilizes  the  turbulence  energy  equation,  an  algebraic  length 
scale  equation  and  a  functional  form  for  in  which  is  dependent  upon  turbulence  Reynolds  number.  When 

this  model  is  used  in  conjunct ion  with  the  mean  flow  equations,  both  the  mean  flow  and  turbulent  viscosity 
emerge  from  the  solution. 


The  turbulence  energy  equation  has  been  given  by  many  investigators  (e.g.  Ref.  31)  and  can  be  written  as 
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The  turbulence  energy  dissipation  rate  e,  is  related  to  a  length  scale  the  turbulence  energy  k,  and  the 
structural  coefficient  via  the  equation 
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The  length  scale  is  taken  as  a  minimum  value  of  two  lengths;  a  wall  length  and  a  wake  length.  The 
wall  length  is  assumed  to  be  given  by  a  conventional  wall  damped  Prandtl's  mixing  length,  via 
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with  a  maximum  value  of  0.09  6.  In  Eq .  (10)  <  is  the  von  Karman  constant  taken  as  0.43,  v  is  the  dimension¬ 
less  distance  from  the  airfoil  surface  and  <S  is  the  boundary  layer  thickness.  The  wake  length  scale  was  taken 
as  ?.*.05<5  where  <5  Is  the  wake  thickness.  In  regions  of  separated  flow  the  length  scale  is  modified  so  that 
fc^imin  where 
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where  h  is  the  local  height  of  the  separated  region. 
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Finally,  the  coefficient  is  evaluated  following  the  procedure  of  McDonald  and  his  coworkers  (Refs. 

32-34)  which  has  been  very  successful  in  predicting  boundary  layers  in  forward  and  reverse  transition.  This 
approach  relates  to  a  new  coefficient  where 
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and  is  taken  as  a  function  of  a  turbulence  Reynolds  number,  R^,  of  the  form 
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and  a  cubic  curve  is  fit  for  values  of  R  between  1  and  40. 

T 

It  should  be  noted  that  with  the  current  turbulence  model  the  turbulence  equations  are  solved  in  conjunc¬ 
tion  with  the  mean  flow  equations  throughout  the  flow  field.  The  analysis  predicts  some  regions  having  a  tur¬ 
bulent  viscosity  much  larger  than  the  laminar  viscosity  (turbulent  regions),  other  regions  having  a  turbulent 
viscosity  on  the  order  of  the  laminar  viscosity  (transitional  regions),  and  finally,  some  regions  having  tur¬ 
bulent  viscosity  less  than  the  laminar  viscosity  (laminar  regions).  No  transition  location  is  input  into  the 
analysis. 


The  Numerical  Procedure 

The  numerical  procedure  used  to  solve  the  governing  equations  is  a  consistently  split  linearized  block 
implicit  scheme  originally  developed  by  Briley  and  McDonald  (Ref.  18)  which  is  embodied  in  a  computer  code 
termed  MINT,  an  acronym  for  Multi-dimensional  Implicit  Nonlinear  Time-dependent.  The  basic  algorithm  was 
further  developed  and  applied  to  both  laminar  and  turbulent  flows  in  a  variety  of  studies  (e.g.  Refs.  22, 

35,  36).  A  recent  comprehensive  description  of  the  method  is  given  by  Briley  and  McDonald  in  Ref.  37. 

The  method  can  be  outlined  as  follows:  the  governing  equations  are  replaced  by  an  implicit  time  dif¬ 
ference  approximation,  optionally  a  backward  difference  or  Crank-Nicolson  scheme,'  the  backward  difference 
approach  was  used  in  the  present  calculations.  Terms  involving  nonlinearities  at  the  implicit  time  level  are 
linearized  by  Taylor  expansion  about  the  solution  at  the  known  time  level,  and  spatial  difference  approxima¬ 
tions  are  introduced.  The  result  is  a  system  of  multidimensional  coupled  (but  linear)  difference  equations 
for  the  dependent  variables  at  the  unknown  or  implicit  time  level.  To  solve  these  difference  equations,  the 
Douglas-Gunn  (Ref.  38)  procedure  for  generating  alternating-direction  implicit  (ADI)  schemes  as  perturbations 
of  fundamental  implicit  difference  schemes  is  introduced  in  its  natural  extension  to  systems  of  partial  dif¬ 
ferential  equations.  This  technique  leads  to  systems  of  coupled  linear  difference  equations  having  narrow 
block-banded  matrix  structures  which  can  be  solved  efficiently  by  standard  block-elimination  methods.  Details 
of  the  procedure  are  given  in  Refs.  18,  22  and  37. 


Boundary  Conditions 

An  important  component  of  the  airfoil  analysis  concerns  specif ication  of  boundary  conditions.  The 

present  analysis  requires  boundary  conditions  to  be  set  along  the  lines  5=5  .  ,  D“n  ,  and 

min  max  min 

n*n  ,  With  the  coordinate  system  sketched  in  Fig.  I,  5=£  .  (line  EH)  and  5=5  (line  DF)  are  downstream 
max  min  max 

boundaries.  In  the  original  formulation  (Refs.  17  and  22)  first  derivatives  of  all  quantities  were  set  to 
zero  along  these  lines  and  function  conditions  for  all  variables  were  set  on  the  outer  boundary  HJNKF.  On 
the  airfoil  surface  no-slip  conditions  were  used  In  conjunction  with  an  inviscid  momentum  equation  (which  for 
no  motion  reduced  to  zero  pressure  gradient)  as  boundary  conditions  and  either  the  turbulence  energy  or  its 
derivative  was  specified  at  the  surface.  The  results  presented  in  Refs.  17  and  22  were  obtained  with  these 
boundary  conditions.  More  recently  the  boundary  conditions  were  modified  based  upon  a  suggestion  by  Brilev 
and  McDonald  (Ref.  36).  Following  this  suggestion,  static  pressure  is  specified  along  with  velocity  deriva¬ 
tives  along  the  downstream  boundaries  (lines  F.H  and  DF)  and  along  the  aft  portion  of  the  outer  boundary 
(line  segments  HJ  and  KF) .  Total  pressure,  angle  of  incidence  and  the  density  derivative  are  specified  along 
the  outer  boundarv  segment  JNK.  This  approach  was  used  successfully  by  Shnmroth,  (•Ibellng  and  McDonald 
(Ref.  39)  in  a  Navter-Stokes  solution  to  the  cascade  problem  and  has  since  bee  incorporated  into  the  airfoil 


analysis.  The  ramp  motion  and  nineteen  degree  incidence  results  presented  here  were  obtained  with  this 
latter  set  of  boundary  conditions. 


Grid  Spacing  and  Artificial  Viscosity 


The  solution  of  the  Navier- Stokes  equations 
for  an  isolated  airfoil  at  high  Reynolds  number 
presents  a  formidable  grid  resolution  problem. 

If  the  regions  having  rapid  changes  in  dependent 
variables  are  to  be  adequately  resolved  and  if  the 
outer  boundary  is  to  be  placed  in  a  region  only 
modestly  perturbed  by  the  airfoil  flow  field, 
then  considerable  grid  stretching  must  be  used. 

In  the  present  calculations* the  grid  was  very 
highly  resolved  in  the  vicinity  of  the  airfoil 
where  the  first  grid  point  was  placed  0.00002 
chords  from  the  airfoil  surface.  In  contrast,  the 
grid  spacing  in  the  outer  region  of  the  flow  was 
of  the  order  of  0.6  chords.  Similarly  grid  points 
were  concentrated  in  the  airfoil  leading  edge 
region.  Hence,  high  resolution  was  obtained  in 
regions  where  the  dependent  variables  changed 
rapidly . 

A  second  problem  which  arises  in  high  Reynolds 
number  flow  is  the  spurious  oscillations  associ¬ 
ated  with  the  so-called  "cell  Reynolds  number 
problem".  In  the  present  approach  these  oscilla¬ 
tions  were  damped  bv  adding  a  normal  diffusion  term  to  the  equations  in  which  the  diffusive  coefficient  p 
was  set  bv  the  criterion  chat  the  cell  Reynolds  number  be  less  than  or  equal  to  2.  The  cell  Reynolds 
number  is  defined  as  cu^  ***j/l‘a  wlu're  is  the  velocity  component  in  the  direction  and  Ax^  is  the  grid 

spacing  in  the  itl*  direction.  If  the  cell  Reynolds  number  at  a  given  location  is  less  than  2,  no  artificial 
diffusion  term  is  added  at  that  location.  In  the  present  calculations  the  cell  Reynolds  number  in  the 
direction  normal  to  the  airfoil  surface  is  less  than  two  in  the  vicinity  of  the  airfoil  and,  therefore,  no 
artificial  diffusion  term  need  be  added  to  the  momenta  equations  in  this  region.  Therefore,  the  major 
diffusion  process  in  the  calculation  is  not  altered  by  this  artificial  damping  term. 


RESULTS 

Low  Incidence  Cases 

A  preliminary  assessment  of  the  code  was  made  by  calculating  flow  about  a  NACA0012  airfoil  at  zero  degrees 
incidence.  The  Reynolds  number  for  this  case  was  10^  and  the  Mach  number  was  0.147.  Two  calculations  were 
made:  the  first  calculation  used  a  coordinate  grid  of  41x30  points  to  calculate  flow  about  one-half  the 

symmetric  airfoil  flow  field.  The  second  calculation  did  not  assume  symmetry  and  utilized  a  grid  which  gives 
better  resolution  in  the  vicinity  of  the  airfoil.  The  grid  in  this  case  consisted  of  81  pseudo-radial  lines 
arid  39  pseudo-az i muthal  lines  with  the  first  pseudo-radial  grid  point  located  0.00002  chords  from  the  airfoil 
surface  and  the  last  pseudo-radial  grid  point  (the  outer  boundary)  located  approximately  four  chords  from  the 
airfoil  surface.  The  low  incidence  calculations  were  initiated  from  an  approximate  inviscid  solution  with 
i  sinple  overwrite  near  the  airfoil  surface  bringing  the  flow  field  to  a  no-slip  condition.  Convergence  was 
obtained  in  approximately  130  time  steps. 

The  predicted  pressure  distribution  for  the  full  airfoil  calculation  along  with  the  results  of  Mehta 
(Ref.  3)  and  the  data  of  Gregory  and  O'Reilly  (Ref.  40)  are  shown  in  Fig.  2.  As  can  be  seen  in  Fig.  2,  the 
results  of  the  present  calculation  are  in  good  agreement  with  the  data  except  in  the  aft  region  of  the  air¬ 
foil.  In  this  region  the  difference  between  Mehta's  results  and  the  data  may  result  from  Mehta's  analysis 
(Ref.  3)  being  laminar  and  the  data  being  taken  in  the  turbulent  regime.  A  laminar  boundary  layer  is  more 
susceptible  to  separation  than  a  turbulent  one  and  indeed,  the  prediction  of  Mehta  does  show  separation  up¬ 
stream  of  the  trailing  edge  whereas  the  data  show  the  boundary  layer  to  remain  attached  over  the  entire 
suction  surface.  Therefore,  the  discrepancy  between  the  data  of  Ref. 40  and  the  analysis  of  Mehta  could  be 
the  result  of  the  computed  laminar  boundary  layer  separating  and  modifying  the  trailing  edge  pressure  dis¬ 
tribution.  Likewise,  although  the  present  prediction  includes  a  turbulence  model,  the  grid  resolution  in 
the  vicinity  of  the  airfoil  surface  still  may  not  be  sufficiently  fine;  consequently  a  discrepancy  in  the 
predicted  surface  pressure  distribution  may  result.  This  possibility  is  given  weight  in  Ref.  22  where  an 
improvement  in  the  aft  region  surface  pressure  distribution  with  Increased  boundary  layer  resolution  is 
noted . 

Following  the  zero  incidence  calculation  attention  was  focused  upon  prediction  of  the  airfoil  flow 
field  at  six  degrees  incidence.  Once  again  the  Reynolds  number  was  10^  and  the  Mach  number  was  0.147.  The 
predicted  pressure  distribution  is  compared  with  the  data  of  Gregory  and  O'Reilly  (Ref.  40)  taken  for  a 
Reynolds  number  2.8x10^  in  Fig.  3.  As  shown  in  Fig.  3  the  major  discrepancy  between  data  and  analytic 
prediction  occurs  in  the  leading  edge  region  where  the  analysis  falls  to  predict  the  correct  suction  peak. 

This  discrepancy  is  at  least  partially  a  result  of  grid  resolution.  The  strong  favorable  pressure  gradient 
region  leading  to  the  suction  peak  occurs  in  a  very  limited  region  of  the  flow  field  between  O^x/rM) . 01 . 

This  region  extends  over  only  one  percent  of  the  airfoil  chord  and  onlv  one  tenth  of  one  percent  of  the 
entire  grid  extent.  In  Interest  of  computer  run  time  economy  the  grid  was  limited  to  81x30  points  (a  total 
of  2430  grid  points)  and  even  though  points  were  packed  into  the  lending  edge  region,  onlv  four  pseudo- 
radial  lines  were  placed  within  the  favorable  pressure  gradient  region.  Thus  even  with  a  total  of  2430  grid 
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Figure  2.  -  Surface  pressure  distribution  for 

NACA  0012  airfoil  at  zero  incidence 
(full  airfoil  calculation) 
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Figure  1.  -  Surface  pressure  distribution  for 
NACA  0012  airfoil  at  6°  incidence- 
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points  and  significant  leading  edge  grid  pack¬ 
ing,  resolution  in  this  region  was  marginal.  It 
is  expected  that  increased  resolution  would  result 
in  better  agreement  with  the  data. 

In  regard  to  other  aspects  of  the  flow  field 
the  predicted  suction  surface  transition  location 
occurs  at  x/c«s0. 08.  The  data  of  Gregory  and 
O'Reilly  gives  transition  at  x/c--  0.04  for  a 
Reynolds  number  of  2.8x11)6  and  x -'c  %  0.08  for  a 
Reynolds  number  of  1.48x11)6.  Thu  .  the  predicted 
transition  location  is  in  excellent  agreement  with 
data.  The  transition  location  predicted  on  the 
pressure  surface  is  x/c  ~  0.30;  thus  the  pressure 
surface  boundary  layer  remains  laminar  considerably 
longer  than  does  the  suction  surface  boundary 
layer,  as  expected.  In  addition,  as  shown  ir.det  il 
in  Ref.  22,  the  analysis  gives  many  of  the  experi¬ 
mentally  observed  flow  phenomena  including  rapid 
acceleration  around  the  leading  edge,  different 
development  of  pressure  and  suction  surface  boundary 
’avers  and  different  development  of  pressure  and 
suction  surface  turbulence  energy  fields. 

Airfoil  in  Ramp  Motion 

The  next  case  considered  is  the  NACA00i2 
airfoil  in  ramp  motion.  In  this  case  the 
Reynolds  number  was  taken  as  10^  and  the  Mach 
number  as  0.147.  A  solution  was  allowed  to 
develop  for  an  airfoil  at  six  degrees  incidence 
and  when  the  flow  approached  steady  state  the 
incidence  was  changed  from  6  to  19  degrees  via 
the  equation 

a=a  +  (Aa)  (1.0-cos  u>(t-t  )]  t  <t<  (t  +H) 
o  — ^  0  o  o 

where 

a  =6°.  Aa=13°,  u>=5,  C  =1.20 
o  0 

For  t>(t  +n)/w,  the  incidence  was  held  constant  at 
o 

a=a  +Aa 
o 

The  results  of  the  calculation  during  the 
ramping  period  are  presented  in  Figs.  4  and  5. 
Figure  4  shows  the  pressure  coefficient  distri¬ 
bution  at  various  incidence  angles.  At  six 
degrees  the  pressure  distribution  is  typical  of 
that  found  for  a  steady  airfoil;  the  suction  peak 
has  been  smeared  and  diminished  due  to  insufficient 
streamwise  resolution  as  discussed  previously.  As 
the  incidence  changes  from  6  to  9  degrees  the 
rapid  motion,  particularly  in  the  trailing  edge 
region,  causes  high  pressure  to  appear  on  the 
lower  side  of  the  airfoil  and  low  pressures  to 
appear  on  the  upper  side.  It  should  be  noted  that 
the  velocity  of  the  airfoil  trailing  edge  relative 
to  the  inertial  frame  reaches  a  maximum  value  of 
0.4  and,  therefore,  large  deviations  from  the 

steady  solution  are  to  be  expected.  The  situation 
becomes  more  pronounced  at  12.5  degrees;  however, 
by  14  degrees  a  tendency  to  return  to  the  usual 
static  airfoil  pressure  distribution  appears. 
Finally,  at  the  last  incidence  angle,  19  degrees, 
(t=1.93),  the  basic  pressure  distribution  is  ap¬ 
proaching  the  type  expected  for  a  steady  airfoil 
with  no  evidence  of  stall.  The  location  of  the 
separation  points  is  presented  in  Fig.  5.  At  the 
initiation  of  the  ramp  motion  no  separated  flow 
was  present;  however,  separation  appeared  soon 
after  the  ramp  motion  began  and  the  trailing  edge 
separation  point  moves  continuously  upstream  as 
shown  in  the  figure.  During  this  process  the 
separated  region  remains  very  thin  and  has  only  a 
minimum  viscous  displacement  effect  upon  the 
outer  nominally  inviscid  flow. 


Pressure  coefficient,  C  Pressure  coefficient 


K-£ 


T  -  1.93 


Figure  4.  -  Pressure  coefficient  for 
airfoil  in  ramp  motion. 


Leading  edge  separation  bubble 
appears  between  12.5°  and  14° 

Figure  3.  -  Location  of  separation  points 
for  airfoil  in  ramp  motion. 
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Figvire  6.  -  Pressure  distribution  for  19®  airfoil 
after  cessation  of  airfoil  motion 
(airfoil  motion  ceases  at  T=1.83). 


After  cessation  of  the  motion  the  flow  con¬ 
tinues  to  develop  and  the  pressure  distribution 
undergoes  radical  changes  as  shown  in  Figs.  6  and 
7.  The  major  changes  occur  in  the  airfoil  leading 
edge  region  where  the  suction  peak  appearing  on 
the  airfoil  upper  surface  continues  to  drop  in 
magnitude  from  a  value  of  approximately  6.8  at 
t“1.83  (just  after  the  cessation  of  airfoil  motion) 
to  a  value  of  approximately  1.2  at  t-5.38.  A  unit 
increment  in  t  represents  the  time  required  for  a 
particle  moving  at  free  stream  velocity  to  tra¬ 
verse  a  distance  of  one  chord.  The  drop  in  the 
suction  peak  and  the  accompanying  decrease  in 
airfoil  lift  exhibited  in  Figs.  4,  6  and  7  are 
consistent  with  the  development  of  airfoil  stall. 
The  calculation  also  predicts  a  minor  movement  of 
the  airfoil  front  stagnation  point  towards  the 
geometric  leading  edge.  In  addition  to  the  loss 
of  lift,  the  analysis  predicts  a  pressure  pertur¬ 
bation  to  initiate  at  t  «  3.7  (see  Fig.  6)  and 
then  move  downstream  at  a  speed  of  approximately 
362  free  stream  velocity.  Although  quantitative 
comparisons  between  this  prediction  and  data  are 
not  available,  the  predicted  flow  seems  physically 
realistic . 


The  Stalled  Airfoil  - 
19  Degrees  Incidence 

Upon  reaching  19  degrees,  the  motion  ceased 
and  as  discussed  in  the  previous  section  the  air¬ 
foil  flow  field  was  allowed  to  develop  at  19®. 

A  comparison  of  the  calculated  results  and  the 
measured  data  of  Young,  Meyers  and  Hoad  (Ref.  41) 
for  an  airfoil  at  19.4°  incidence  is  presented  in 
Fig.  8.  Figure  8  compares  the  predicted  and 
measured  values  of  the  zero  velocity,  line.  Below 
this  line  the  flow  is  directed  toward  the  leading 
edge  and  above  this  line  the  flow  is  directed 
toward  the  trailing  edge.  The  predicted  values 
are  shown  as  a  function  of  time.  During  the 
ramping  process  the  separated  region  present  was 
too  thin  to  be  shown  on  the  scale  of  Fig.  8  and 
the  results  shown  are  at  times  well  past  the  ces¬ 
sation  of  the  ramping  motion  which  ceases  at 
t  »  1.9.  The  results  presented  in  Fig.  8  show 
the  growth  of  the  backflow  velocity  zone  with  time, 
and  at  the  latter  times  shown  the  backflow  zone 
position  has  converged  over  most  of  the  airfoil 
as  continued  growth  is  confined  to  regions  in  the 
vicinity  of  the  airfoil  trailing  edge.  As  can  be 
seen  the  comparison  between  predicted  zone  location 
and  that  measured  by  Young,  Meyers  and  Hoad 
(Ref.  41)  is  very  encouraging. 

A  vector  plot  of  the  velocity  field  as 
measured  by  Young,  Meyers  and  Hoad  is  shown  in 
Fig.  9.  These  results  show  a  large  separated 
region  to  be  present  over  the  airfoil  upper  sur¬ 
face  with  separation  initiating  in  the  immediate 
vicinity  of  the  airfoil  leading  edge.  A  vortex 
appears  to  be  centered  at  roughly  the  eighty  per¬ 
cent  chord  location.  The  data  (not  shown  on  this 
figure)  indicated  that  the  wake  closure  point  was 
located  well  downstream  of  the  airfoil  trailing 
edge  and  above  the  airfoil  suction  surface. 

Another  feature  is  the  appearance  of  a  very 
strong  shear  layer  in  the  airfoil  trailing  edge 
vicinity  where  the  suction  surface  and  pressure 
surface  flow  fields  meet.  Finally,  the  calculated 
results  indicate  that  flow  is  entrained  into  the 
recirculation  region  from  two  sources.  One  source 
is  the  flow  region  above  the  recirculation  zone. 

The  second  source  is  the  flow  which  originates  on 
the  airfoil  pressure  surface,  then  passes  into 
the  mixing  layer  which  forms  at  the  airfoil  trail¬ 
ing  edge  and  finally  is  entrained  into  the  re¬ 
circulation  region  from  below. 
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Predicted  velocity  vector  fields  .ire  shown  in  Figs.  10  and  11.  These  figures  represent  the  flow  field 
at  times  and  t  j  ►At  where  At  is  the  time  required  for  a  free  stream  particle  to  move  a  distance  of  one 
chord  length.  As  can  be  seen  in  the  figures,  the  analysis  predicts  the  formation  of  a  large  separation 
region  which  initiates  verv  near  the  airfoil  leading  edge;  this  is  in  agreement  with  the  data  shown  in  Fig.  8. 
Other  similarities  between  data  and  analytic  prediction  can  be  found  in  the  vortex  formation  and  in  the  strong 
shear  layer  which  appears  at  the  airfoil  trailing  edge.  In  addition,  the  calculated  flow  field  was  charac¬ 
terized  by  significant  flow  unsteadiness  in  the  leading  edge  region  which  limited  the  permissible  maximum 
time  step.  This  characteristic  of  unsteady  leading  edge  flow  also  appeared  in  the  experimental  study. 

In  regard  to  other  features  the  analysis  showed  the  vortex  to  be  moving  downstream  at  a  velocity  of  ap¬ 
proximately  0.2  U  ;  however,  no  regular  shedding  pattern  was  observed  in  the  experiment.  Some  comments  on 
this  are  in  order.  First  of  all  the  calculation  has  not  yet  been  run  long  enough  to  determine  if  a  regular 
shedding  will  result  although  the  first  vortex  being  formed  definitely  appears  to  be  in  the  process  of  shed¬ 
ding.  Secondly,  although  the  experiment  did  not  detect  any  regular  shedding  pattern,  it  is  possible  that  an 
irregular  shedding  did  occur.  Finally,  the  turbulence  model  used  may  cause  a  spurious  prediction  of  shedding. 

A  second  feature  to  be  considered  is  the 
backflow  velocity.  The  maximum  reversed  flow 
velocity  measured  in  the  experiment  was  of  the 
order  0.25  U  .  The  maximum  backflow  values 
shown  in  Fig.  10  are  approximately  0.50  U  . 
Although  this  value  is  high,  modifications 
in  the  choice  of  the  separated  zone  turbulence 
length  scale  could  decrease  this  quantity.  In 
calculations  performed  during  this  study  modi¬ 
fying  this  length  scale  significantly  changed 
the  backflow  velocity  without  significantly 
changing  other  flow  features.  Finally,  it  should 
be  noted  that  the  length  of  the  separated  zone 
is  still  increasing  as  the  wake  reattachment 
point  is  continuing  to  move  downstream  (see 
Fig.  8).  As  the  separated  zone  becomes  longer, 
it  is  possible  that  the  predicted  backflow 
velocity  will  decrease. 


Calculated  vorticity  contours  at  the  two 
times  are  shown  in  Figs.  12  and  13.  The  vor¬ 
ticity  contours  presented  correspond  to  normal¬ 
ized  values  of  -100,  -25,  -10,  -5,  0,  5,  10, 

25,  100.  In  both  figures  the  vorticity  on  the 
airfoil  pressure  surface  is  confined  to  the 
boundary  layer  whereas  that  on  the  suction  sur¬ 
faces  occurs  in  two  locations.  One  region  of 
vorticity  is  located  in  the  wall  layer  close  to 
the  airfoil  surface;  the  second  region  is  a 
’tongue-like'  region  extending  from  the  vicinity 
of  the  airfoil  leading  edge  into  the  'free 
stream' .  This  contour  line  represented  by  the 
value  5  is  a  region  of  a  local  maximum  vorticity. 
As  can  be  seen  by  comparing  Figs.  12  and  13,  the 
tongue-like  region  of  vorticity  appears  to  break 
off  and  be  convected  downstream  as  a  local  con¬ 
centrated  region  (See  Fig.  13).  This  may  be  in¬ 
terpreted  as  the  initiation  of  a  shed  vortex. 

A  third  area  of  high  vorticity  concentration 
occurs  at  the  airfoil  trailing  edge  where  the 
sharp  mixing  layer  is  present.  The  two  contour 
lines  in  each  figure  which  are  upstream  of  the 
airfoil  are  the  locus  of  zero  vorticity  and 
these  lines  separate  regions  of  very  low  posi¬ 
tive  and  very  low  negative  vorticity  present  in 
the  calculation. 


A  closer  examination  of  the  predicted  flow 
field  shows  the  emergence  of  an  inner  counter¬ 
clockwise  rotating  separation  zone  which  occurs 
under  the  main  suction  surface  separation  zone. 

As  can  be  seen  in  Figs.  9-11,  the  major  separated 
region  is  a  large  region  of  clockwise  rotation.  However,  a  detailed  vector  plot  of  the  mid-chord  portion  of 
the  suction  surface  presented  in  Fig.  14  shows  a  secondary  separation  region  of  counter-clockwise  rotation 
developing  very  close  to  the  surface.  This  region  is  characterized  by  having  flow  in  the  immediate  vicinity 
of  the  airfoil  surface  directed  in  the  downstream  direction  and  the  region  is  completely  embedded  within  the 
primary  separation  zone.  A  final  velocity  vector  plot  is  shown  in  Fig.  15  which  details  the  leading  edge 
region.  The  stagnation  point  location,  the  flow  separation  at  the  stagnation  point,  the  acceleration  about 
the  leading  edge  and  the  initiation  of  flow  separation  are  all  shown  clearly. 

Plots  of  static  pressure  contours  are  presented  in  Figs.  16  and  17.  The  results  correspond  to  physical 
times  tj  and  tj+At^  where  At^  is  the  time  required  for  a  free  stream  particle  to  travel  one  chord  in  distance; 

these  Items  are  identical  to  those  used  for  the  velocity  vector  plots,  Figs.  10  and  11,  and  the  vorticity 
contour  plots,  Figs.  12  and  13.  The  contours  plotted  represent  values  of  (p-p^/Cp  -p  )  where  p  is  the 

local  static  pressure,  is  the  undisturbed  free  stream  static  pressure  and  p°  is  the  undisturbed  free  stream 
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Streamwise  location,  x/c 

Figure  7.  -  Pressure  distribution  for  19°  airfoil 
after  cessation  of  airfoil  motion 
(airfoil  motion  ceases  at  T=1.83). 


0  Data  of  Young,  Meyers  and  Hoad 
(NASA  Technical  Paper  1266 
AVRADCOM  Technical  Report  78-50) 
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Figure  8.  -  Development  o-f  backflow  velocity 
zone  for  airfoil  at  19®. 


Figure  9.  -  Experimentally  measured  velocity 
field,  a=  19.4°.  (Data  of  Young, 
Meyers  and  Hoad) 


Figure  10.  -  Computed  velocity  vector  field, 
a  -  19°,  t  =  tr 


Figure  11.  -  Computed  velocity  vector  field, 
a  -  19°.  t  *  t,  +  At,  At  -  1.0. 


atr 
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Figure  12.  -  Vorticity  contours, 
a  «  19°,  t  =  tr 


t  »  tj  +  At,  At  «  1 .0. 


Figure  14.  -  Velocity  vector  plot,  detail  of 
suction  surface,  a  =  19°. 
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Figure  15.  -  Velocity  vector  plot,  detail  of 
leading  edge  region,  a  =  19® 


Figure  16.  -  Static  pressure  contours, 


stagnation  pressure.  The  two  pressure  contours 
are  remarkably  alike  with  the  major  difference 
being  a  convection  of  the  pressure  field  in  the* 
downstream  direction.  The  convection  velocity  is 
approximately  0.25  U^.  Contour  lines  of  (p-pw)/ 

(P®~P»)  are  Pl°tte<*  for  values  1.0,  .8,  .5,  .3, 

0,  -.3,  -.5,  -.8,  -1.0.  The  increase  in  static 
pressure  as  the  flow  approaches  the  front  stag¬ 
nation  point  is  clearly  shown  in  both  figures .  In 
addition  no  sharp  suction  peak  occurs  on  the  air¬ 
foil  upper  surface.  Rather  a  gradual  pressure 
drop  occurs  over  the  front  portion  of  the  suction 
surface  and  this  is  followed  \?y  a  pressure  rise. 

The  pressure  field  Is  consistent  with  a  stalled 
airfoil. 

Measurements  of  the  resultant  standard  devia¬ 
tion  of  velocity  as  given  by  Young,  Meyers  and 
Hoad  (Ref.  41)  are  presented  in  Fig.  18.  The 

2  2  2 

results  represent  lines  of  constant  (u*  /U^+v*  / 

2  1/2  ° 

U^)  and  include  all  non-steady  contributions; 
l.e.,  contributions  due  to  large  scale  unsteadi¬ 
ness  as  well  as  turbulence.  Furthermore,  only 
the  contributions  of  two  fluctuating  velocity 
components  were  measured.  Finally,  the  free 
stream  value  of  the  resultant  standard  deviation 
measured  in  the  tunnel  is  approximately  0.04. 

If  it  is  assumed  w'^u’^v'  then  the  maximum  value 
of  k*(u' 2-fv1  ^4w' ^)/2U^  is  approximately  equal  to 

0.09.  As  shown  in  Fig.  18  measured  regions  of 
high  resultant  standard  deviation  occur  in  the 
vicinity  of  the  free  mixing  region;  a  second 
region  of  high  resultant  standard  deviation  values 
occurs  at  the  airfoil  trailing  edge.  Predicted 
values  of  k  are  shown  in  the  contour  plot  of 
Fig.  19.  The  contour  line  values  plotted  are 
0.001,  0.005,  0.01,  0.02,  0.03,  0.04,  0.05,  0.06. 
The  locus  of  the  line  having  the  maximum  turbulence 
energy  at  each  streamwise  station  is  also  shown 
in  Fig.  19.  It  should  be  noted  that  this  line  has 
the  same  general  shape  as  that  experimentally 
measured;  it  is  nearly  parallel  to  the  free  stream 
over  most  of  the  airfoil  and  then  turns  downward 
at  a  streamwise  location  in  the  vicinity  of  the 
trailing  edge.  The  magnitude  of  k  on  this  line 
varies  between  0.02  and  0.03;  however,  the  measured 
velocity  resultant  standard  deviation  includes  all 
unsteadiness  and  the  calculation  Includes  only 
that  unsteadiness  associated  with  turbulence. 
Furthermore,  the  measured  free  stream  resultant 
standard  deviation  was  0.04  and  the  free  stream 
turbulence  level  used  in  the  calculation  was 
0.001.  Therefore,  the  measured  data  and  pre¬ 
dicted  values  are  consistent  and  even  appear  to  be 
in  reasonable  agreement. 


CONCLUSION 

The  present  paper  describes  the  application  of 
a  time-dependent,  compressible  Navier-Stokes  cal¬ 
culation  procedure  to  the  isolated  airfoil  problem. 
The  analysis  solves  the  full  Navier-Stokes  equa¬ 
tions  in  conjunction  with  a  turbulence  energy 
model  to  predict  the  flow  field  development. 

When  applied  to  airfoils  at  relatively  low  inci¬ 
dence,  solutions  obtained  within  150  time  steps 
showed  good  general  agreement  with  data  and  exhi¬ 
bited  many  of  the  experimentally  observed  flow 
phenomena.  Discrepancies  between  the  calculated 
results  and  data  appear  due  primarily  to  grid 
resolution  and  turbulence  modeling  effects.  The 
analysis  also  was  applied  to  ramp  motion  between 
6  and  19  degrees  and  to  an  airfoil  held  at  19 
degrees  incidence.  Although  no  comparisons  were 
made  with  data  for  the  ramp  motion  case,  the  com¬ 
puted  flow  field  appears  to  be  physically  realis¬ 
tic.  Hie  19  degree  case  was  compared  with  experi- 
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Figure  17.  -  Static  pressure  contours, 
a  -  19°,  t  -  t.  +  At, 

At  -  1.0. 


Figure  18.  -  Measured  resultant  standard 

deviation  of  velocity  (Young, 
Meyers  and  Hoad). 
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mental  data  and  the  results  were  very  en¬ 
couraging  as  the  calculated  flow  field  was  in 
good  qualitative  agreement  with  the  measure¬ 
ments,  In  particular,  both  the  calculation 
and  data  showed  the  appearance  of  a  large 
separated  region  initiating  in  the  immediate 
vicinity  of  the  airfoil  leading  edge,  leading 
edge  unsteadiness,  a  strong  shear  region  at 
the  airfoil  trailing  edge  and  the  same  general 
level  and  location  of  the  maximum  turbulence 
energy  region.  In  addition,  it  should  be 
noted  that  the  calculated  wake  closure  point 
was  still  moving  downstream  and  further  develop¬ 
ment  of  the  calculation  may  lead  to  improved 
agreement . 


ACKNOWLEDGMENT 

This  work  was  supported  under  a  joint 
NASA/Army  program  between  the  Structures 
Laboratory,  U.  S.  Army  Research  and  Technology 
Laboratory  (AVRADCOM)  and  NASA  Langley  Research 
Center  under  Contract  NAS1-15214. 


f 


8-13 


REFERENCES 

1.  Mehta,  U.  B.  and  Lavan,  Z.:  Starting  Vortex,  Separation  Bubble  and  Stall:  A  Numerical  Study  of 
Laminar  Unsteady  Flow  about  an  Airfoil.  J.  Fluid  Mech.,  Vol.  67,  1975,  pp.  227-256. 

2.  Lugt,  H.  J.  and  Haussllng,  H.  J.:  Laminar  Flow  about  an  Abruptly  Accelerated  Elliptic  Cylinder  at 
45°  Incidence.  J.  Fluid  Mech.,  Vol.  65,  1974,  pp.  711-734. 

3.  Mehta,  U.  B. :  Dynamic  Stall  of  an  Oscillating  Airfoil.  Proceedings  of  AGARD  Conference  mi  Unsteady 
Aerodynamics,  September  1977. 

4.  Wu,  J.  C.  and  Sampath,  S.:  A  Numerical  Study  of  Viscous  Flow  About  an  Airfoil.  AIAA  Paper  76-337, 

1976. 

5.  Wu,  J.  C.,  Sampath,  S.  and  Sankar,  N.  L.:  A  Numerical  Study  of  Unsteady  Viscous  Flows  Around  Airfoils. 
Proceedings  of  AGARD  Conference  on  Unsteady  Aerodynamics ,  September  1977. 

6.  Wu,  J.  C.  and  Thompson,  J.  F.:  Numerical  Solutions  of  Time-Dependent  Incompressible  Navier-Stokes 
Equations  Using  an  Integro-Dif ferential  Formulation.  Computers  and  Fluids,  Vol.  1,  1973,  pp.  197-215. 

7.  Kinney,  R.  iu.  and  Cielak,  Z.  M. :  Analysis  of  Unsteady  Viscous  Flow  Past  an  Airfoil:  Part  I  - 
Theoretical  Development.  AIAA  Journal,  Vol.  15,  No.  12,  December  1977,  pp.  1714-1719. 

8.  Cielak,  Z.  M.  and  Kinney,  R.  B.:  Analysis  of  Unsteady  Viscous  Flow  Past  an  Airfoil:  Part  II  - 
Numerical  Formulation  and  Results.  AIAA  Journal,  Vol.  16,  No.  2,  February  1978,  pp.  105-110. 

9.  Lugt,  H.  J.  and  Haussllng,  H.  J.:  The  Acceleration  of  Thin  Cylindrical  Bodies  in  s  Viscous  Fluid. 

Journal  of  Appl.  Mech.,  Vol.  45,  1978,  pp.  1-6. 

10.  Thames,  F.  C.,  Thompson,  J.  F. ,  Mastin,  C.  W.  and  Walker,  R.  L. :  Numerical  Solutions  for  Viscous  and 
Potential  Flow  about  Arbitrary  Two-Dimensional  Bodies  Using  Body  Fitted  Coordinate  Systems.  Journal  of 
Comp.  Phys.,  Vol.  24,  1977,  pp.  245-273. 

11.  Hodge,  J.  K.  and  Stone,  A.  L. :  Numerical  Solution  for  Airfoils  Near  Stall  in  Optimized  Body  Fitted 
Curvilinear  Coordinates.  aIAA  Paper  78-284,  1978. 

12.  Verhoff,  A.:  Numerical  Solution  of  Subsonic  Viscous  Inviscid  Interacting  Flows.  AFFDL-TR- 76-64 , 

July  1976. 

13.  MacCormack,  R.  W. :  The  Effect  of  Viscosity  in  Hypervelocity  Impact  Cratering.  AIAA  Paper  No.  69-354, 
1967. 

14.  Deiwert,  G.  S.:  Recent  Computation  of  Viscous  Effects  in  Transonic  Flow.  Proceedings  of  the  Fifth 
International  Conference  on  Numerical  Methods  in  Fluid  Dynamics,  Springer-Verlag,  New  York,  1976. 

15.  Levy,  L.  L. ,  Jr.:  An  Experimental  and  Computational  Investigation  of  the  Steady  and  Unsteady  Transonic 
Flow  Fields  about  an  Airfoil  in  a  Solid  Wall  Test  Channel.  AIAA  Paper  77-678,  1977. 

16.  MacCormack,  R.  W. :  An  Efficient  Explicit-Implicit  Characteristic  Method  for  Solving  the  Compressible 
Navier-Stokes  Equations.  SIAM-AMS  Proceedings  of  the  Symposium  on  Computational  Fluid  Dynamics,  1977. 

17.  Glbeling,  H.  J.,  Shamroth,  S.  J.  and  Eiseman,  P.  R.:  Analysis  of  Strong-Interaction  Dynamic  Stall  for 
Laminar  Flow  on  Airfoils.  NASA  CR-2969,  April  1978. 

18.  Briley,  W.  R.  and  McDonald,  H. :  Solution  of  the  Multidimensional  Compressible  Navier-Stokes  Equations 
by  a  Generalized  Implicit  Method.  J.  Comp.  Physics,  Vol.  24,  No.  4,  A  gust  1977,  p.  372. 

19.  Sankar,  N.  L.  and  Tassa,  Y.:  Reynolds  Number  ar.d  Stability  Effects  on  Dynamic  Stall  of  an  NACA0012 
Airfoil.  AIAA  Paper  No.  80-0010,  1980. 

20.  Steger,  J.  L.:  Implicit  Finite  Difference  Simulation  of  Flow  About  Arbitrary  Two-Dimensional  Geometries. 
AIAA  Journal,  Vol.  16,  1978,  pp.  679-686. 

21.  Thompson,  J.  F.,  Thames,  F.  C.  and  Mastin,  C.  W.:  Automatic  Numerical  Generation  of  Body  Fitted  Curvi¬ 
linear  Coordinate  System  for  Field  Containing  Any  Number  of  Arbitrary  Two-Dimensional  Bodies.  J.  Comp. 
Physics,  Vol.  15,  1974,  pp.  299-319. 

22.  Shamroth,  S.  J.  and  Gibeling,  H.  J.:  A  Compressible  Solution  of  the  Navier-Stokes  Equations  for  Tur¬ 
bulent  Flow  About  an  Airfoil.  NASA  CR-3183,  1979.  (See  also  AIAA  Paper  79-1543). 

23.  Haussllng,  H.  I.:  Body  Fitted  Coordinates  for  Accurate  Numerical  Solution  of  Multibody  Flow  Problems. 
Journal  of  Comp.  Phys.,  Vol.  30,  1979,  pp.  107-124. 

24.  Eiseman,  P.  R.:  A  Coordinate  System  for  a  Viscous  Transonic  Cascade  Analysis.  J.  Comp.  Physics, 

Vol.  26,  March  1978,  pp.  307-338. 

25.  Shamroth,  S.  J.  and  Levy,  R. :  Description  of  a  Constructive  Coordinate  System  Generation  Computer 
Code  for  Isolated  Airfoils.  Scientific  Research  Associates  Rpt .  R80-1,  1980. 

26.  McVitte,  G.  C. :  A  Systematic  Treatment  of  Moving  Axes  in  Hydrodynami rs .  Proceedings  of  the  Roval 
Society  A,  1965,  pp.  285-300. 


8-14 


27.  Walkden,  F. :  The  Equations  of  Motion  of  a  Viscous,  Compressible  Gas  Referred  to  an  Arbitrarily  Moving 
Coordinate  System.  Royal  Aircraft  Establishment,  Technical  Report  No.  66140,  April  1966. 

28.  Thomas,  P.  D.  and  Lombard,  C.  K. :  Geometric  Conservation  Law  and  Its  Application  to  Flow  Computations 
on  Moving  Grids.  AIAA  Journal,  Vol.  17,  1979,  pp.  1030-1037. 

29.  Thompson,  J.  F. :  Private  Communication,  1979. 

30.  Simpson,  R.  L. :  A  Review  of  Some  Phenomena  in  Turbulent  Flow  Separation.  ASME  Symposium  on  Turbulent 
Boundary  Layers,  1979,  pp.  1-14. 

31.  Launder,  B.  E.  and  Spalding,  D.  B.:  The  Numerical  Computation  of  Turbulent  Flows.  Computer  Methods 
in  Applied  Mechanics  and  Engineering,  Vol.  3,  1974,  pp.  269-289. 

32.  McDonald,  H.  and  Fish,  R.  W. :  Practical  Calculation  of  Transitional  Boundary  Layers.  Int.  J.  Heat 
and  Mass  Transfer,  Vol.  16,  No.  9,  1973,  pp.  1729-1744. 

33.  Shamroth,  S.  J.  and  McDonald,  H.:  Assessment  of  a  Transitional  Boundary  Layer  Theory  at  Low  Hypersonic 
Mach  Numbers.  Int.  J.  Heat  and  Mass  Transfer,  Vol.  18,  1975,  pp.  1277-1284. 

34.  Kreskovsky,  J.  P.,  Shamroth,  S.  J.  and  McDonald,  H. :  Application  of  a  General  Boundary  Layer  Analysis 
to  Turbulent  Boundary  Layers  Subjected  to  Strong  Favorable  Pressure  Gradients.  J.  Fluid  Eng.,  Vol.  97, 
June  1975,  pp.  217-224. 

35.  Gibeling,  H.  J.,  Buggeln,  R.  C.  and  McDonald,  H»:  Development  of  a  Two-Dimensional  Implicit  Interior 
Ballistics  Code.  Army  Ballistics  Research  Laboratory  Rpt.  ARBRL-CR-00411 ,  1980. 

36.  Briley,  W.  R.  and  McDonald,  H.:  Computation  of  Three-Dimensional  Horseshoe  Vortex  Flow  Using  the 
Navier-Stokes  Equations.  Seventh  International  Conference  on  Numerical  Methods  in  Fluid  Dynamics, 

1980. 

37.  Briley,  W.  R.  and  McDonald,  H. :  On  the  Structure  and  Use  of  Linearized  Block  Implicit  Schemes. 

Journal  of  Comp.  Phys. ,  Vol.  34,  1980,  pp.  54-73. 

38.  Douglas,  J.  and  Gunn,  J.  E.:  A  General  Formulation  of  Alternating  Direction  Methods.  Numerische  Math., 
Vol.  6,  1964,  pp.  428-453. 

39.  Shamroth,  S.  J.,  Gibeling,  H.  J.  and  McDonald,  H.:  A  Navier-Stokes  Solution  for  Laminar  and  Turbulent 
Flow  Through  a  Cascade  of  Airfoils.  AIAA  Paper  80-1426,  1980. 

40.  Gregory,  N.  and  O'Reilly,  C.  L.:  Low  Speed  Aerodynamic  Characteristics  of  NACA0012  Airfoil  Section, 
Including  the  Effects  of  Upper  Surface  Roughness  Simulating  Hoarfrost.  Aero  Report  1308,  National 
Physics  L^^ratory,  1970. 

41.  Young,  W.  H. ,  Jr.,  Meyers,  J.  F.  and  Hoad,  D.  R. :  A  Laser  Velocimeter  Flow  Survey  Above  a  Stalled 
Wing,  NASA  Technical  Paper  1266,  AVRADCOM  Technical  Report  78-50,  19/8. 


EXPERIMENTAL  STUDIES  OF  SCALE  EFFECTS  ON 
OSCILLATING  AIRFOILS  AT  TRANSONIC  SPEEDS 
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SUMMARY 


Experimental  data  are  presented  on  the  effect  of  Reynolds  number  on  unsteady  pressures  induced  by  the 
pitching  motion  of  an  oscillating  airfoil.  Scale  effects  are  discussed  with  reference  to  a  conventional 
airfoil  (NACA  64A010)  and  a  supercritical  airfoil  (NLR  7301)  at  mean-flow  conditions  that  support  both  weak 
and  strong  shock  waves.  During  the  experiment  the  Reynolds  number  was  varied  from  3  *  106  to  12  *  106  at 
a  Mach  number  and  incidence  necessary  to  induce  the  required  flow.  Both  fundamental  frequency  and  complete 
time  history  data  are  presented  over  the  range  of  reduced  frequencies  that  is  important  in  aeroelastic 
applications.  The  experimental  data  show  that  viscous  effects  are  important  in  the  case  of  the  supercrit¬ 
ical  airfoil  at  all  flow  conditions  and  in  the  case  of  the  conventional  airfoil  under  strong  shock-wave 
conditions.  Some  frequency-dependent  viscous  effects  were  also  observed. 
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Re  chord  Reynolds  number 

T  period  of  the  motion,  sec 
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U  free-stream  velocity,  m/sec 

x  distance  along  airfoil,  m 
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of  attack 

am  mean  angle  of  attack 

a(t)  instantaneous  angle  of  attack 

w  radian  frequency,  1/sec 

Complex  notations: 

Im[  J  imaginary  part  of  [  ] 

Mag[  ]  magnitude  of  (  ) 

Ph [  ]  phase  of  [  | ,  deg 

Ret  ]  real  part  of  [  1 


1.  INTRODUCTION 

Scale  effects  have  been  considered  an  important  element  in  aerodynamics  research  for  many  years.  In 
early  experimental  studies  of  steady  transonic  flows  in  the  1940s,  the  Reynolds  number,  as  it  affected  the 
state  of  the  boundary  layer  approaching  a  shock  wave,  was  recognized  as  a  critical  parameter  (Ref.  1).  In 
the  1950s  the  boundary-layer-trip  technique  was  developed  to  simulate  high  Reynolds  number  flows  in  the 
wind  tunnel  (Ref.  2).  With  the  development  of  thicker  and  more  highly  loaded  airfoil  sections  in  the  1960s, 
more  complicated  scale  effects  due  to  local  flow  separations  were  discovered  (Ref.  3),  and  extensive  experi¬ 
mental  programs  were  developed  to  quantify  these  viscous  interactions  (Refs.  4,  5).  Even  today,  a  con¬ 
certed  effort  Is  under  way  to  understand  the  effect  of  Reynolds  number  on  modern  supercritical  airfoil 
sections  (see  Gessow's  Introductory  remarks  to  a  recent  NASA  conference.  Ref.  6). 

In  the  field  of  unsteady  transonic  aerodynamics,  the  scale  effect  has  hardly  been  seriously  considered, 
either  experimentally  or  analytically.  In  the  original  chapter  on  boundary-layer  effects  in  the  AGARD 
Manual  or  Aeroelasticlty  (Ref.  7),  the  authors  of  that  work  found  no  studies  that  considered  the  coupling 
of  a  boundary  layer  to  the  unsteady-pressure  field.  In  Jones'  review  of  unsteady  aerodynamics  in  1963 
(Ref.  8),  the  need  for  such  research  was  reiterated;  current  review  articles  continue  to  cite  the  need  for 
such  research  (Refs.  9,  10). 

Recently,  numerical  solutions  to  the  Navler-Stokes  equations  were  applied  to  unsteady  transonic  flow 
problems  (Refs.  11-13).  They  were  used  to  model  passively  excited  oscillations  where  good  qualitative 
agreement  with  experiment  was  demonstrated.  Computations  for  a  forced  oscillation  problem,  including 
viscous  effects,  were  reported  in  Ref.  14.  All  these  codes,  mostly  concerned  with  mild  transonic  Inter¬ 
actions  where  simple  turbulence  models  suffice,  are  limited  by  long  executing  times,  even  on  powerful  com¬ 
puters.  Future  applications  of  the  numerical  method,  guided  by  experimental  data,  better  turbulence  models. 
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unsteady^erodynamic  ^sponsel  C°mPUterS  Wl"  Certair”y  contr1bute  t0  dur  understanding  of  scale  effects  on 

E*Perj.n'ental1y,  T*ddem?n  (Ref-  15>  analyzed  some  of  the  NLR  oscillatory  data  for  scale  effect  He 
huHnn<ed  Fne  boundary  ,ay|;r  by  '"eluding  the  displacement  effect  in  the  calculated  pressure  distri¬ 
butions.  For  subsonic  flows,  his  results  show  that  thickness  and  boundary-layer  effects  tend  to  counteract 
?hflnrw°thFn  '?  the  s®ns!.that  measured  unsteady-pressure  distributions  tend  to  follow  classical  flat-plate 
chi  branson’c  flows’  h's  analysis  showed  that  the  boundary  layer  had  a  profound  effect  on  both 

Ti tdeman  shnweiTthUt ldcab,on  a"d  the  characteristic  unsteady-pressure  peak  at  the  mean  shock  locations. 
Tijdeman  showed  that  inviscid  theories  are  inadequate  for  predicting  unsteady  transonic  flows,  but  his 
data,  measured  in  an  atmospheric  wind  tunnel,  did  not  address  the  effect  of  Reynolds  number  directly 
Similar  comparisons  and  conclusions  were  reported  by  Grenon  et  al .  (Ref.  16)  in  their  oscillatinq  flap 
studies.  J  r 

Cw».Inl.tt!1S.Paper  exPe,"1mental,  data  tests  in  the  11-  by  11-Foot  Transonic  Wind  Tunnel  at  Ames 
Research  Center  are  used  to  illustrate  the  importance  of  scale  effects  on  the  unsteady  aerodynamics  of 
both  conventional  and  supercritical  airfoils.  First,  the  integrated  upper-surface  unsteady-pressure  dis- 
nbutions  are  used  to  assess  global  variations  (Sec.  3.1).  More  detailed  infonnation  is  presented  wilh 
f“ndarnenbal  frequency  pressure  data  (Sec.  3.2),  and  ultimately  with  the  instantaneous  time 
nistories  (Sec.  3.3).  Many  of  the  effects  involve  complex  unsteady  viscous  interactions  that  are  not  yet 
completely  understood  nor  easily  modeled;  as  a  result,  theoretical  comparisons  will  be  restricted  to 
linearized,  inviscid,  unsteady  aerodynamic  theory. 

2.  EXPERIMENTAL  APPARATUS  AND  TEST  CONDITIONS 

The  experiment  was  conducted  during  the  early  part  of  1978.  The  11-  by  11-Foot  Transonic  Wind  Tunnel 
is  a  continuous  flow  facility  that  can  be  pressurized  between  50  and  200  kPa  for  independent  control  of  Mach 
and  Reynolds  number.  The  test  wings  -an  NACA  64A010  conventional  airfoil  section  and  an  NLR  7301  super- 
critical  airfoil  section  -were  mounted  between  two  floor- to-cei  1  i ng  splitter  plates  installed  in  the 
3.35-  by  3.35-m  slotted  test  section.  The  0.5-m-chord  by  1.35-m-span  wings  were  fabricated  from  a  light¬ 
weight  graphite-epoxy  composite  material.  A  sketch  of  the  test  apparatus  is  shown  in  Fig.  1.  and  a  complete 
description  of  the  test  hardware,  motion  generators,  and  models  is  given  in  Ref  17.  Tne  chord  Reynolds 
number  range  was  approximately  3  ■  10‘  to  12  •  10^.  No  boundary- layer  trips  were  used  in  this  test. 

The  data  reported  in  this  paper  form  a  small  portion  of  the  extensive  data  base  that  was  u’ letted 
during  the  test.  Some  of  the  data  were  previously  reported  in  Refs  18  and  19,  and  a  discussion  ,t  the 
method  used  to  acquire  and  validate  the  unsteady  data  is  presented  in  Ref  t*()  The  data  subset  relating  to 
scale  effects  is  presented  in  Table  1.  Two  broad  categories  are  represented  i,  unditions  \  to  1  represent 
attached  flows  and  conditions  4  and  b  are  examples  of  separated  flows  As  *i  r  be  show'  present1.,  bu". 
classes  of  flows  can  exhibit  scale  effects,  with  the  separated  flow  data  ind>  atmy  more  ena'i  'behavior 

3.  PRESENTATION  OF  DATA  AND  DISCUSSION 

3.1  Variation  of  the  Global  Parameter  ;  wur  •Veuvenc, 

A  convenient  measure  of  the  load  on  the  ,ppe>  t.,  ,.  r,  . 

pressure  distribution.  As  introduced  in  Re*  ;  V .  tm 


where  g  ■  0  is  a  measure  or  the  or  jtt ,  ,  f  : 
decomposition  of  ;  t,  define-,  tne  imp ■  • 


*  •  J  '  "Ujf  »!  !l 


Considering  first  tne  attained  Vow.,  .n.  1  t,  .  t  u.  . 

wi  t.h  frequent../  is  shown  in  rab  I  *•  ,  wife  Re/no  1 1  •  n,jmbe»  i,  parameter  I  ■$**■,  *  r  .mi  t  • .  , 

unsteady  aerodynami  theory  Ref  .  are  a1.  v..  shown  for  •  >n»pa  r  i  .or  ’hr  *  v  ,a »  *af  ’  <*  .  *  »,  i  * 

attached  transunn  flows  lecrea'k’ni^  rimpl  i  With  int  rising  frequent,  It  di  Kf*,'.  *  1.  • 

bers  The  data  also  show  decreasing  amp.  1 1  jdes  with  increasing  Reynolds  umbers  at  most  ♦ 

the  subsonii  flow  M  ">S0O,  f  h**  variations  are  minimal  and  mn  probabl  v  be  amounted  fur  i  :r,t . : 

sion  of  the  boundary  layer  1 1  spl  a>  emen  f  .  The  transom,  flows,  being  sensitive  to  sho.  ►-wa*e  .  t, 

mterac.  t.  tons .  show  si1  jht.lv  more  >ever>  effects 

A  graph  i  s  jimutr  v  'he  ,■..!*•  e'te.r  r,„  onditions  1-)  is  shown  in  Fig.  ?  where  i  he  vant''  >  ‘  • 

complex  amplitude  with  Reynolds  number  is  presented  at  a  reduced  frequency  k  -  U.U5.  As  expp.  tel, 
subsonic  flow  ond it  ion  is  least  affeited  by  Reynolds  number.  The  trend  for  both  the  conventional  mi 
s  uperi.r  i  t.  i  i  a  l  lata  at  transom  Mai  h  numbers  is  toward  decreasing  in-phase  and  out-of-phasp  (Re  an,',  In 
'  omponeni s  with  Reynolds  number  It  is  noteworthy  that,  for  each  flow  condition,  the  phase  does  no'  ha-, 
by  more  than  S’  iver  the  Reynolds  numbers  ranqe  considered. 

In  Refs  L-r  and  ir  i*  wa  .  .nown  that  the  aerodynamic  transfer  funct-'nn  (variation  of  load  wifi  ‘re 
luency;  was  not  even  quail  taf  ve  y  onsistent  with  linear  theory  wh'  ck  wave  was  stror.g  enough  ’ 

separate  the  boundary  layer  The  separated  boundary  layer  had  a  m jj  ut  on  the  loads,  and  it  is 

expected  that  vale  etfe.r,  would  also  be  very  important.  Table  3  shun,  the  magnitude  of  the  <omple> 
amplitudes  for  onditions  where  strong  unsteady  shock -wave/boundary- 1 ayer  interactions  are  encountered 
No  disiermble  trends  are  evident  »rom  these  data.  In  fact,  the  magnitudes  undergo  alarming  vanafi.it  . 
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with  Reynolds  number  when  compared  with  the  attached-flow  data.  Due  to  this  complex  behavior,  further 
information  must  be  gleaned  from  the  unsteady-pressure  data  itself. 

3.2  Unsteady-Pressure  Distributions 

The  first  harmonic  complex  unsteady  pressure  is  defined  by  the  following  expression: 

i  rT 

aCp  c S*'1  =  T  J  Cp^.OexpMwtJdt 

p>  o  p 

An  analysis  of  the  in-phase  and  out-of-phase  (Re  and  Im)  component  of  CPia  will  show  that  the  distribu¬ 
tions  for  attached-flow  conditions  are  qualitatively  consistent  with  the  simplest  theoretical  models  that 
include  viscous  effects  by  consideration  of  the  boundary-layer  displacement.  The  separated  flow,  however, 
shows  important  unsteady  effects  that  are  attributed  to  both  the  steady-flow  scale  effect  and  the  unsteady 
viscous  response  of  the  boundary  layer. 

The  data  for  attarhed-f low  conditions  1-3  are  shown  in  Figs.  3-5,  respectively.  For  each  frequency, 
the  mean,  in-phase,  and  out-of-phase  components  of  the  unsteady-pressure  distribution  are  presented. 

Figure  3  shows  that  the  subsonic  flow  (a  =  0,  M  =  0.5)  has  minimal  scale  effect.  The  only  difference 
between  Reynolds  numbers  is  the  slight  dip  in  the  in-phase  component  at  wing  station  x/c  =  0.5.  Subli¬ 
mation  photographs  showed  that  transition  occurred  at  this  location  at  Re  =  2.5  *  106;  at  Re  =  10  «  106, 
transition  was  very  close  to  the  leading  edge.  In  any  event,  the  state  of  the  boundary  layer  has  no  effect 
on  the  unsteady-pressure  distribution,  which  assumes  the  classical  shape  that  was  predicted  many  years  ago 
from  linearized  subsonic  theory.  The  same  airfoil  at  transonic  speeds  in  Fig.  4  (a  =  0,  M  =  0.8)  shows 
that  scale  effect  is  also  quite  minimal.  Aside  from  a  slight  upwind  movement  of  the  mean  shock  position 
that  affects  the  chordwise  location  of  the  unsteady-pressure  peak,  the  effect  is  minor.  Sublimation  photo¬ 
graphs  at  this  condition  showed  that  transition  occurs  at  the  shock  wave  at  Re  =  3.3  *  106;  while  leading- 
edge  transition  was  observed  at  Re  =  12.6  *  106.  The  last  attached  flow  condition,  shown  in  Fig.  5  for 
the  NLR  7301  supercritical  airfoil,  exhibits  more  severe  scale  effects.  Although  the  region  of  rapid  com¬ 
pression  (probably  not  a  shock  wave  at  this  supercritical  design  cond-'tion)  moves  only  slightly,  the 
unsteady  pressure  is  quite  different  at  the  three  Reynolds  numbers  indicated.  These  differences  are  prob¬ 
ably  due  to  the  large  extent  of  supercritical  flow  on  the  upper  surface  that  is  affected  by  the  change  in 
effective  airfoil  shape  due  to  the  unsteady  boundary- layer  growth.  The  difficulty  in  distinguishing  dif¬ 
ferences  by  examining  the  integrated  values  shown  previously  is  obvious  because  of  the  varying  contribution 
to  the  loads  from  positive  and  negative  lobes  of  the  unsteady  pressures. 

The  data  for  shock-induced  separation  are  more  difficult  to  analyze.  These  data  are  shown  in  Figs.  6 
and  7.  Figure  6  shows  the  large  effect  of  Reynolds  number  for  the  NACA  64A010  at  u  *  4“,  M  =  C.8  (condi¬ 
tion  4  in  Table  1).  The  mean  flow  differs  not  so  much  in  the  shock  position  as  in  the  extent  of  separated 
flow  downstream  of  the  shock.  This  separated  flow  has  a  marked  effect  on  the  in-phase  unsteady  pressure  at 
the  shock  wave  and  beyond.  The  out-of-phase  pressures  are  not  very  much  different  at  the  two  Reynolds  num¬ 
bers  shown.  The  mechanisms  whereby  the  in-phase  pressures  are  more  sensitive  than  the  out-of-phase  pres¬ 
sures  have  yet  to  be  explained.  Figure  7  shows  similar  data  for  the  supercritical  airfoil  at  a  Mach  number 

beyond  its  design  point  (condition  5  in  Table  1).  The  mean  flow  differs  from  the  previous  case  in  the 

absence  of  any  discernible  training-edge  pressure  recovery  downstream  of  the  shock  wave.  This  indicates 
a  more  severe  flow  separation.  The  data  for  the  unsteady  components  of  the  pressure  distribution  also  show 
a  significant  sensitivity  to  Reynolds  number.  For  the  in-phase  component,  especially,  variations  in  the 
negative  contribution  to  the  load  change  rapidly  with  Reynolds  number.  This  larye  variation  gives  rise  to 
the  confusing  trends  in  the  unsteady  loads  shown  in  Table  3.  Again,  it  should  be  noted  that  the  in-phase 
components  appear  to  be  more  sensitive  to  Reynolds  number  than  the  out-of-phase  components. 

It  is  clear  from  the  preceding  discussion  that  a  more  fundamental  data  set  needs  to  be  examined  to 
clarity  the  underlying  physical  mechanisms  behind  the  scale  effect.  The  final  sequence  of  data  will  sno“ 

now  the  Reynolds  number  effects  the  instantaneous  unsteady-pressure  time  histories. 

!  1  I nstantaneous  Pressure  Data 

The  measured  unsteady-pressure  coefficients  Cp(x,t)  are  presented  in  Figs.  8  to  12  for  the  five  flow 
indit'i  ns  listed  in  Table  1.  At  each  chordwise  station  (identified  by  a  numerical  key),  data,  are  shown  at 
two  Reynolds  numbers.  The  mean  portion  of  the  instantaneous  pressure  coefficient  was  suppressed  for  clarity 
’he  reference  line  for  each  trace  is  the  corresponding  tic  mark  on  the  airfoil  contour.)  As  explained  in 
Ref  20,  the  dynamic  data  have  been  processed  to  eliminate  all  asynchronous  signals.  Thus,  all  of  the  dips 
and  bulges  shown  in  the  data  are  truly  periodic.  Whether  they  can  be  traced  to  a  particular  fluid- 
ne,  hanir.al  event  at  that  instant  is  argumentative,  but  they  are  included  here  for  completeness.  The  input 
motion  is  the  same  for  both  Reynolds  numbers  and  can  be  used  as  the  phase  reference  (u,t  *  0  when  ,  =  ■«  x ) 

For  the  most  part,  data  are  shown  at  the  low,  reduced  frequency  k  -  0.05. 

’he  subsonic  flow  (condition  1)  is  presented  in  Fig.  8,  and,  as  expected,  scale  effect  is  minimal. 

’he  jsual  trend  of  decreasing  amplitude  with  increasing  chordwise  location  is  obvious.  The  distorted  sig- 
’M '  if  Re  -  2 .5  ■  10’  in  traces  9  and  10  is  apparently  caused  by  the  transitional  boundary  layer.  The 
muse  on  fraies  15  and  16  at  low  Reynolds  number  has  no  discernible  fluid-mechanical  origin. 

’he  effe>  f  of  increasing  the  Mach  number  to  0.80  is  shown  in  Fig.  9.  The  presence  of  the  shock  wave 
apparent  by  its  distortion  of  the  pressure  signal  of  both  Reynolds  numbers,  causing  a  severe  local  scale 
ef*e. i  However,  both  upstream  and  downstream  of  the  shock  wave,  the  Reynolds  number  does  not  have  a  sig- 

•  i  ant  effect  The  global  ramifications  of  these  local  effects  were  tabulated  in  Table  2. 

ufa  from  the  s >pert r i t i t al  airfoil  at  its  shock-free  desiqn  condition  are  shown  in  Fiqs.  10a  and  10b. 

ata  am  presented  at  two  frequencies  to  show  the  complicated  cross-coupling  between  frequency  and  scale 

i  that  was  not  present  in  the  previous  cases.  In  Fig.  10a  data  at  the  low  reduced  frequency  of 

•  ■  >-  show  vf-ry  significant  Scalp  effects  in  the  supercritical  flow  region.  At  Re  r  12.6  ■  10'  there 
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is  a  higher  amplitude,  more  distortion,  and  significant  phase  shifting.  Whether  these  effects  can  be 
explained  by  simple  boundary- layer  displacement  corrections  remains  to  be  answered.  In  Fig.  10b  there  is 
a  surprising  trend  toward  reduced  harmonic  distortions  at  higher  Reynolds  numbers  (traces  5-9),  although 
there  are  still  significant  phase  shifts  attributable  to  scale  effect.  At  the  "shock  wave"  (which  appears 

during  the  cycle),  the  effect  of  Reynolds  number  is  apparent.  Consistent  with  the  previous  attached  flow 

data,  there  is  minimal  response  near  the  trailing  edge  at  both  frequencies. 

Data  pertaining  to  the  second  flow  regime  (e.g.,  shock-induced  separation),  are  presented  in  Figs.  11 
and  12.  In  Fig.  11  the  scale  effect  is  most  prominent  at  the  shock-wave  location  (traces  8  and  9).  The 
fundamental  frequency  data  shown  in  Fig.  6  indicate  that  the  in-phase  component  is  most  severely  affected 
by  the  Reynolds  number.  The  large  change  in  the  unsteady  pressure  is  apparent.  Upstream,  there  is  a  sig¬ 
nificant  increased  phase  lag  with  increasing  Reynolds  number.  This  phase  lag  persists  into  the  separated- 

flow  region  aft  of  the  shock.  Unfortunately,  no  data  are  available  at  k  =  0.05. 

In  Fig.  12  the  wel 1 -separated  flow  over  the  supercritical  airfoil  does  not  induce  large  unsteady  dis¬ 
turbances  downstream  of  the  shock.  This  seems  to  ameliorate  the  scale  effect  in  the  leading-edge  region, 
but  not  at  the  shock  itself.  Data  at  k  =  0.05  show  similar  trends. 

This  cursory  examination  of  the  unsteady-pressure  traces  indicates  the  sensitivity  of  the  flow  patterns 
to  geometry,  frequency,  mean-flow  conditions,  and  Reynolds  number.  It  is  clear  that  predictive  schemes  must 
include,  as  a  minimum,  physical  models  of  all  of  these  parameters. 

4.  CONCLUDING  REMARKS 

Examination  of  some  of  the  data  from  a  series  of  tests  on  oscillating  airfoils  in  the  Ames  11-  by  11- 
Foot  Transonic  Wind  Tunnel  showed  that  scale  effects  could  be  a  very  important  factor  in  the  unsteady  aero¬ 
dynamic  behavior  of  the  airfoils.  Configurations  with  mean  flows  that  support  fully  attached  boundary 
layers  and  weak  shock  waves  have  unsteady  response  characteristics  that  are  mild  functions  of  Reynolds 
number.  These  configurations  can  probably  be  modeled  with  currently  available  computational  tools.  An 
exception,  perhaps,  is  airfoils  that  possess  mean  flows  with  extensive  regions  of  supercritical  flow.  The 
detailed  pressure  distributions  contain  substantial  scale  effects,  but  the  overall  loads  may  not  be  so 
severely  affected. 

Configurations  with  mean  flows  having  detached  boundary  layers  are  enigmatic.  As  reported  in  Refs.  18 
and  19,  the  contribution  to  the  unsteady  load  may  be  caused  by  a  delicate  balancing  of  positive  and  nega¬ 
tive  lobes  in  the  unsteady  pressures  (see  Fig.  7).  For  these  conditions,  shape  changes  caused  by  scale 
effects  may  have  severe  ramifications.  The  erratic  behavior  of  the  unsteady  loads  shown  in  Table  3  is 
illustrative  of  this  effect.  The  major  technological  application  of  unsteady  aerodynamics  is  to  aeroelastic 
analysis  and  design.  The  sensitivity  of  flutter  boundaries  and  stability  margins  to  scale  effects  must  be 
considered  in  those  situations. 

In  the  mathematical  modeling  of  unsteady  transonic  aerodynamics,  it  is  clear  that  the  Reynolds  number 
needs  to  be  included  as  a  primary  parameter.  Progress  in  computational  research  during  the  past  decade  was 
characterized  by  the  inclusion  of  nonlinear  thickness  effects,  and  it  is  hoped  that  this  and  other  experi¬ 
mental  data,  along  with  new  computational  efforts,  will  advance  our  knowledge  well  beyond  the  inviscid 
approximation. 
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TABLE  1.-  RANGE  OF  FLOW  CONDITIONS  CONSIDERED 


Flow  condition 

Airfoi 1 

M 

am 

Motion 

1 

NACA  64A010 

0.500 

0 

Pitching 

±1°  at  0.25  c 

2 

NACA  64A010 

0.796 

0 

Pitching 

±1°  at  0.25  c 

3 

NLR  7301 

0.752 

0.37 

Pitching 

±0.5°  at  0.40  c 

4 

NACA  64A010 

0.789 

4.0 

Pitching 

±1°  at  0.25  c 

5 

NLR  7301 

0.807 

0.38 

Pi tching 

±0.5°  at  0.40  c 

TABLE  2.-  MAGNITUDE  OF  UNSTEADY  LOADING  ATTRIBUTED  TO  UPPER  SURFACE  -  ATTACHED  FLOW 


Ma9  Io,a 

Re  x  10-6  — - 


k  =  0 

k  =  0.025 

k  =  0.05  k 

=  0.10 

k  =  0.15 

k  =  0.20 

k  =  0.25 

k  =  0.30 

Flow  condition  1  (M  = 

0.500) 

2.5 

3.7 

3.67 

3.59 

3.27 

2.97 

2.83 

- 

- 

5 

3.8 

- 

- 

- 

- 

2.45 

- 

- 

10 

- 

- 

3.43 

3.19 

2.91 

2.74 

2.58 

- 

Inviscid  theory 

3.64 

3.42 

3.22 

2.91 

2.69 

2.52 

2.44 

2.38 

Flow  condition  2  (M  = 

0.796) 

3.3 

5.5 

_ 

4.87 

_ 

3.19 

2.84 

2.24 

- 

6.7 

5.7 

- 

- 

- 

- 

2.67 

- 

- 

12.6 

■ 

4.62 

4.41 

3.80 

2.90 

2.68 

2.16 

2.16 

Inviscid 

theory 

5.25 

4.61 

4.12 

3.46 

3.07 

2.84 

2.71 

2.63 

Flow  condition  3  (M  = 

0.752) 

3.3 

_ 

_ 

6.46 

- 

2.98 

- 

- 

6.2 

- 

6.56 

6.19 

4.80 

- 

3.67 

- 

2.01 

11.5 

- 

6.05 

5.62 

4.63 

3.65 

3.12 

- 

1.94 

Inviscid 

theory 

4.76 

4.23 

3.88 

3.22 

2.97 

2.75 

2.62 

2.54 

TABLE  3.-  MAGNITUDE  OF  UNSTEADY  LOADING  ATTRIBUTED  TO  UPPER  SURFACE  -  SEPARATED  FLOW 


Re  «  IQ"5 


Ma9  I o,o 


k  =  0.05  k  =  0.20 


Flow  condition 

4  (M  =  0.789) 

6.2 

4.48 

11.9 

1.67  5.57 

Inviscid  theory 

4.12  2.84 

Flow  condition 

5  (M  x  0.807) 

3.3 

2.39  1.53 

6.3 

0.44  0.69 

11.7 

1.08  0.88 

Inviscid  theory 

4.13  2.82 

40  DYNAMIC  PRESSURE 
SFNSORS  OUTPUT! 


40  STATIC  PRESSURE 
SENSORS  OUTPUT 


(INPUT! 


Fig.  1.  Oscillating  airfoil  test  apparatus  installed 
in  the  11-  by  11-Foot  (3-4  by  3.4  m)  Transonic 
Wind  Tunnel  at  Ames  Research  Center. 


CONDITION 

M 

EXPERIMENT  THEORY 

1 

0.500 

o  - 

2 

0.796 

- 

3 

0  752 

□  - 

_o 

£ 


4 


\-  □ 


D 

-~A. 


0  4  8  12 

Re  •  10  6 


Fig.  2.  Variation  of  the  unsteady  loading  attributed 
to  tie  upper  surface  with  Reynolds  number; 
low-frequency  data,  k  -  O.OS. 


Re!-CDa)  MEAN. 


— 

—  Re  =  2.5  X  10° 

-  Re  =  10  X  10® 

k  =006 

k  =  0.10 

k  =  0.15 

k  -  0.20 

Fig.  3.  Unsteady-pressure  distribution  on  oscillating  NACA  64A010  airfoil;  mean  and  first  harmonic 
component,  M  =  0.500,  am  =  0°,  pitching  tl°  at  0.25  c. 


-  Re  =  3.3  X  10° 

- Re  =  6  7  X  106 


- —  Re  =  12.6  X  10° 


Unsteady-pressure  distribution  on  oscillating  NACA  64A010  airfoil;  mean  and  first  harmonic 
component,  M  =  0.796,  am  =  0°,  pitching  tl°  at  0.25  c. 


5.  Unsteady-pressure  distribution  on  oscillating  NLR  7301  airfoil;  mean  and  first  harmonic 
component,  M  =  0.752,  a  -  0.37°,  pitching  ±0.5°  at  0.40  c. 


Im(-Cpct)  Re(-Cpcr)  MEAN. 


Re  «  6.2  X  10® 
Re  *  11.9  X  108 


k  =  0.20 


x/c 


-  Re  -  3.3  X  106 

- Re  =  6.3  X  10® 

-  -  Re  =  11.7  X  10® 


k  =  0.05 


k  =  0.20 


Unsteady-pressure  distribution  on  oscillat-  Fig. 
ing  NACA  64A010  airfoil;  mean  and  first 
harmonic  component,  M  =  0.789,  a  =  4°, 
pitching  ±1°  at  0.25  c. 


7.  Unsteady-pressure  distribution  on  oscillat 
ing  NLR  7301  airfoil;  mean  and  first 
harmonic  component,  M  =  0.807,  a  -  0.38”, 
pitching  ±0.5°  at  0.40  c.  :T: 


PHASE,  deg 


TRACE 

NO. 

1 

2 

3 

4 

5 

6 

7 

8 
9 

10 

11 

12 

13 

14 

15 

16 
17 


STATION 

x/c 

0.033 

0.052 

0.091 

0.140 

0.209 

0.243 

0.402 

0.440 

0.488 

0.538 

0.584 

0.633 

0.733 

0.781 

0.829 

0.872 

0.941 


Re  =  2.5  X  10® 
Re  =  10  x  10® 


Fig.  8.  Complete  time  histories  of  unsteady-pressure  data;  M  =  0.500, 
a  -  0”,  pitching  ±1”  at  0.25  c,  k  =  0.05. 


300 


100  200 

PHASE,  deg 


400 


9.  Complete  time  histories  of  unsteady-pressure  data;  M 
a  =  0°,  pitching  ±1"  at  0.25  c,  k  =  0.05. 


=  0.796, 


PHASE,  deg 
k  -  0.05 


TRACE 

STATION 

18 

~A  N0 

x/c 

17- 

7\  i 

0.016 

16- 

0.067 

15- 

0.117 

14  — 

f  \  4 

0.142 

13- 

\  5 

0.191 

12- 

\  6 

0.245 

11  — 

? 

0.294 

10- 

8 

0.319 

1  9 

0.343 

9- 

|  10 

0.393 

8- 

11 

0.470 

7“ 

6“ 

5- 

12 

0.547 

i  13 

0.618 

4  J 

14 

0.697 

3  — 

\  /  15 

0.746 

2- 

X  J  16 

0.796 

1 

17 

0.841 

-  Re  *  3.3  X  106 

- Re  =  12  X  106 


TRACE 

NO. 

1 

2 

3 

4 

5 

6 

7 

8 
9 

10 

11 

12 

13 

14 

15 

16 
17 


STATION 
x/c 
0.016 
0.067 
0  117 
0.142 
0.191 
0.245 
0.294 
0.319 
0.343 
0.424 
0.470 
0.555 
0.647 
0.697 
0.746 
0.756 
0.841 


Fig.  10.  Complete  time  histories  of  unsteady-pressure  data;  M 
a  »  0.37”,  pitching  i0.5°  at  0.40  c. 


PHASE,  de# 
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SOM  I  RFMARKS  ON  Tllfc  UNSTFADY  AIRLOADS  ON  OSCILLATING 
CONTROL  SURFACLS  IN  SUBSONIC'  FLOW 

fay 

H.  Fbrsching 
DFVLR  -  AVA  Gottingen 
Institut  for  Aeroelostik 
Bunsenstr.  10,  3400  Gottingen,  Germony 

Summary 

Parameters  which  are  neglected  within  the  framework  of  linearized  potential  flow  theory,  but  which  are  highly  influential  in 
the  development  of  unsteady  airloads  on  oscillating  oontrol  surfaces  in  subsonic  flow  ore  discussed.  Based  on  theoretical  and 
experimental  results  the  effects  of  gap  width  and  slot  geometry,  finite  thickness,  flow  viscosity,  and  incidence  of  both  wing 
and  control  surface  are  explained.  Some  topics  for  farther  research  work  with  regard  to  active  control  applicdtions  are  in¬ 
dicated. 


Nomenclature 

x<  y,  z 

L 

M a 
M 

or 


"V  "b 


t 

a 

a 

o 

11 

a 

o 

c 

p 

T 

U 


Cartesian  coordinates 
Lift  per  unit  span 
Mach  number 

Wing  moment  per  unit  span 

Control  moment  per  unit  span,  about  hinge  axis 

Flow  velocity 

Wing  semi-span 

Wing  half-chord 

Chord  of  control  surface 

Unsteady  pressure  coefficient  =  (p  -  p  )  /  q 

ao 

Amplitude  of  bending  deflection 

Static  pressure  of  undisturbed  flow 

2 

Dynamic  pressure  =  1/2  p  V 

Pressure  difference  between  upper  and  lower  surface 
Frequency  of  oscillation 
Reduced  frequency  =  uc  /  V 

Unsteady  aerodynamic  lift  coefficients  due  to  L  and  M 
Unsteady  aerodynamic  moment  coefficients  due  to  L  and  M 
Unsteady  aerodynamic  moment  coefficient  due  to  Mg 
Time 

Amplitude  of  pitch  oscillation 
Steady  mean  incidence  of  wing 
Amplitude  of  control  surface  rotation 
Steady  mean  incidence  of  control  surface 
Gap  parameter  (gap  width  /  wing  chord  ) 

Air  density 

Control  surface  chord  parameter  =  2c/  Cg 
Circular  frequency  =  2nf 


M 


i 


1 .  Introduction 


The  knowledge  of  the  unsteady  aerodynamic  loading  on  oscillating  wings  with  control  surfaces  is  of  special  concern  in  aero- 
elastic  investigations  and  in  determining  power  requirements  in  active  control  systems  for  load  alleviation  and  flutter  si^jpres- 
sion.  In  view  of  the  long-recognized  inadequacy  of  linearized  methods  for  the  prediction  of  unsteady  airloods  on  oscillating 
frailjnq-edge  control  surfaces,  questions  can  be  raised  about  the  possibilities  of  further  theoretical  improvements.  One  ten¬ 
tative  response  would  point  to  the  attendent  possibility  of  introducing  into  the  theory  such  effects  as  boundary  layer,  tran¬ 
sonic  shocks  near  the  wing  surface,  or  local  variations  of  flow  properties  due  to  thickness  and  slot  geometry.  Indeed,  from 
experimental  studies  it  is  known  that  these  effects,  which  are  neglected  within  the  framework  of  linearized  potential  theory. 
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are  highly  influential  in  the  development  of  unsteady  airloads  on  oscillating  controls. 

This  paper  elucidates  the  situation  of  our  present  knowledge  of  the  unsteady  airloads  on  oscillating  controls,  and  indicates 
some  topics  for  further  research  work,  particularly  with  regard  to  active  control  application,  and  to  investigation  of  the 
flutter  stability  of  high-performance  aircraft  during  operation  at  large  angles  of  attack.  Based  on  theoretical  and  experi¬ 
mental  results  it  is  indicated  how  profile  thickness,  gap  width  and  slot  geometry,  incidence  of  both  wing  and  control  and, 
finally,  flow  viscosity  affect  the  unsteady  airloads  on  oscillating  wing-control  systems. 

2.  Parameters  influencing  the  development  of  unsteady  airloads  on  oscillating  control  surfaces 

2. 1  General  remarks 

If  an  aerodynamically  unbalanced  control  is  deflected  so  as  to  produce  a  discontinuity  in  mean  surface  slope  along  its  lead¬ 
ing  and  side  edges,  linearized  lifting  surface  potential  theory  shows  that  the  lifting  pressure  difference  is  logarithmically 
singular  along  any  subsonic  leading  edge,  and  that  the  spanwise  lift  distribution  has  a  logarithmically  infinite  derivative  at 
the  sides.  In  analytical  predictions  based  on  linearized  lifting  surface  theory,  this  peculiar  behavior  of  pressure  distribution 
around  oscillating  controls  is  taken  into  account  by  choosing  corresponding  pressure  functions  in  applying  kernel  function 
collocation  methods,  and  by  providing  an  accumulation  of  panels  around  the  leading  and  side  edges  when  panel  procedures 
are  applied.  As  long  as  the  wing  is  at  zero  angle  of  attack  and  the  control  surface  oscillates  around  this  steady  position,  and 
when  the  gap  between  the  wing  and  control  is  closed,  experiments  have  shown  that  the  measured  unsteady  airloads  are  in 
reasonable  agreement  with  theoretical  results.  But  we  also  know  from  experiments  that  the  type  of  pressure  distribution  in 
the  vicinity  of  the  leading  edge  of  an  oscillating  control,  and  thus  the  related  overall  unsteady  aerodynamic  hinge  moment 
coefficients,  are  extremely  sensitive  to  even  small  changes  in  geometric  shape.  Whereas  satisfactory  correlation  has  gener¬ 
ally  been  found  between  linearized  “flat  plate"  theory  and  experiment  for  the  unsteady  two-dimensional  aerodynamic  coef¬ 
ficients  of  oscillating  wings  (at  zero  incidence)  in  subsonic  flow,  this  is  not  the  case  for  the  relating  coefficients  of  oscillat¬ 
ing  control  surfaces,  as  shown  in  Fig.  1  .  It  is  seen  that  there  is  a  discrepancy  between  linearized  "flat  plate"  theory  and 
experiment  by  roughly  100$  ,  and  that  the  theoretical  values  are  too  large. 

For  this  unsatisfactory  situation  several  parameters  are  known  to  be  of  primary  influence.  As  previously  mentioned,  the  geo¬ 
metry  of  the  slot  between  the  main  surface  and  the  control,  and  with  it  the  definition  of  the  effective  location  of  the  hinge 
axis  in  context  with  an  aerodynamically  unbalanced  control  surface,  is  of  considerable  importance.  Other  important  geo¬ 
metric  effects  may  be  seen  in  the  gap  width,  in  the  finite  thickness,  and  in  the  static  incidence  of  both  the  main  surface  and 
the  control  itself.  Furthermore,  the  influence  of  flow  viscosity  expressed  in  boundary  layer  effects  or  Reynolds  number  ef¬ 
fects,  etc. ,  may  be  of  importance.  Although  our  knowledge  about  these  effects  upon  the  development  of  unsteady  airloads 
on  oscillating  wing-flap  systems  is  still  rather  poor,  some  general  statements  con  be  made  from  what  we  have  learned  so  far 
mainly  from  wind  tunnel  measurements. 

2.2  Effects  of  gap  width  and  slot  geometry 

Concerning  the  effects  of  the  slot  geometry  between  wing  and  flap,  the  leading  edge  radius,  the  eccentricity  and  chordwise 
location  of  the  hinge,  the  slot  extension  and  the  gap  width  are  of  decisive  importance.  In  practical  calculations,  as  shown 
in  Fig.  2  ,  the  question  whether  the  translatory  part  of  the  control  surface  motion  should  be  treated  as  a  closed  or  open  slot 
poses  considerable  difficulties.  Whereas  in  the  real  part  an  open  slot  yields  no  pressure  singularity  at  all,  a  closed  slot  in¬ 
duces  a  pressure  singularity  of  the  order  l/(x  -  x(,jnge  )  .  It  can  be  seen  that  the  character  of  both  pressure  distributions  is 
completely  different. 

A  strong  p  essure  sensitivity  can  also  be  observed  in  connection  with  the  gap  width  between  the  main  surface  and  the  control. 
This  was  shown  for  steady  flow  by  M.Landah!  (1 1  many  years  ago,  and  is  illustrated  in  Fig. 3  .  Starting  with  o  logarithmic 
singularity  at  the  hinge  line,  the  pressure  very  quickly  changes  there  to  a  zero  pressure  difference  at  the  trailing  edge  of  the 
fixed  wing  and  a  square  root  singularity  at  the  flap  leading  edge.  It  is  seen  from  Fig. 3  that  this  change  of  pressure  singu¬ 
larity  appears  even  for  gap  parameters  f  which  are  only  0.1  to  1$  Evidently  this  is  also  the  case  for  an  oscillating  flop 
with  an  open  gap,  as  can  clearly  be  seen  in  Fig  .4  .  The  typical  change  of  the  pressure  singularity  and  the  increase  of  pres¬ 
sure  on  the  flap  indicated  in  Fig. 3  is  also  shown  in  Fig. 4  ,  yielding  a  corresponding  increase  of  the  unsteady  hinge  mo¬ 
ment.  This  has  in  fact  been  observed  in  wind  tunnel  measurements,  when  the  gap  width  has  been  systematically  increased, 
see  Ref.  (3 j  . 

Therefore  it  becomes  obvious  that,  in  treating  the  unsteady  aerodynamic  problem  of  the  oscillating  wing  with  control,  we 
have  to  deal  basically  with  an  aerodynamic  interference  problem  of  two  lifting  systems  when  the  gap  is  unsealed,  as  is  the 
case  with  real  aircraft  wings.  The  same  condition  of  course  holds  true  also  for  a  wing  with  a  leading  edge  flap. 

On  the  other  hand,  in  wind  tunnel  model  measurements,  the  slot  geometry  between  wing  and  control  surface  is  usually  made 
up  of  two  concentric  circles,  i.e.  there  is  no  eccentricity  and  practical ly  no  aerodynamic  balance .  Thus,  the  gap  parameter 
c  is  usually  smaller  than  0.3$  .  In  reality  aircraft  wings  with  control  surfaces  exhibit  rather  asymmetric  slot  geometries 
which  may  considerably  affect  both  the  steady  and  unsteady  airloads  on  the  lifting  system.  In  particular  this  is  the  cose  when 
the  wing  and/or  the  control  surface  have  a  steady  mean  incidence,  as  will  be  shown  later. 

There  is  a  need  for  more  detailed  theoretical  and  experimental  investigations  of  these  effects  of  slot  geometry  and  gap  width. 
With  the  possibilities  given  by  the  application  of  panel  procedures  it  may  be  expected  that  at  least  potential- type  theoretical 
solutions  of  the  two-dimensional  problem  will  be  elaborated  in  the  near  future,  as  already  pointed  out  by  Dr.  Geissler  in  his 
paper. 

2.3  Effects  of  finite  thickness  and  steady  incidence 

If  the  control  surface  is  not  coplanar  with  the  fixed  wing  but  is  rather  oscillating  about  a  steady  mean  incidence,  drastic  ef¬ 
fects  on  the  development  of  the  unsteady  pressure  distributions  have  also  been  observed.  Apart  from  on  increase  in  the  load 
distribution  with  increasing  mean  flap  incidence  I30  ,  the  type  of  pressure  singularity  is  also  changing.  In  particular,  the 
imaginary  part  of  the  pressure  distribution,  which  is  non-singular  if  the  wing  ond  the  flap  are  coplanar,  has  been  found  to 


become  discontinuous  Or  even  singular  at  the  hinge  point  location  at  nor  zer  -  ••  «Of  Mai-  >  *  .Oe'  tev  »ne  gap 

see  Ref.  [2 1  . 
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On  the  other  hand,  it  is  well  known  from  theoretical  invesfigaf iorn  on  a  series  of  a»r»o  l>  ^;th  t i r . ,  re  rh.c  t-r  ess  rt-e  -e 
velopment  of  the  unsteady  flow  on  oscillating  airfoils  may  be  changed  ren<jrkably  by  thickness  effects  ,ee  We»  4 
fact  Is  obvious  in  Fig. 5  ,  where  the  unsteady  two-dimensionol  aerodynamic  litt  ana  -.on-e'  *  c oet*»t  ie»-t ■.  t  j  Jt...,* ,  - ws»  ,  ; 
file  pitching  about  its  mean  chord  in  incompressible  flow  are  illustrated  for  »*ings  yt  moderate  thickness  spoiler  the 
10  O  and  in  the  reduced  frequency  range  of  interest  0  !  ‘  k  «  2  the  thickness  effect  m  fig  j  is  'ela»i>*»l*  small.  * 
of  the  order  of  only  a  small  percentage 

It  is  not  adequately  known  to  what  extent  finite  thickness  affects  the  development  of  jnsteady  airloads  on  oscillating  contra 
surfaces,  and  hence  the  related  two-dimensional  unsteady  aerodynamic  coefficients  widely  used  in  strip  analyses  The  san  e 
holds  true  for  the  influence  of  the  steady  angle  of  attack  which  is  also  neglected  in  the  process  of  linear i zatioo  o»  the  potet 
tial  equation  within  the  framework  of  small -perturbation  theory  In  fact,  inviscid  linearized  smal  I -perturtxjtior  lifting  sur¬ 
face  theory  has  served  the  aeroelastician  well  in  a  majority  of  the  aircraft  design  applications,  ond  it  has  been  carried  now 
to  a  high  level  of  mathematical  and  numerical  development.  For  oscillating  wings  without  controls  in  subsonic  flow  the  ef¬ 
fects  of  thickness  and  steady  angle  of  attack  on  the  unsteady  airloads  seem  to  be  of  only  minor  importance  However,  there 
is  evidence  that  the  effect  of  these  parameters  is  indeed  important,  in  conjunction  with  the  slot  geometry  and  the  open  gap 
on  the  unsteady  airloads  of  oscillating  control  surfaces.  This  conclusion  hos  been  drown  from  wind  tunnel  measurements  on 
an  oscillating  wing-flap  system  in  two-dimensional  incompressible  flow,  which  hove  been  performed  recently  at  DFVLR  in 
Gdttingen  (4|  ,  some  results  of  which  are  shown  in  the  following  figures. 

Fig. 6  illustrates  the  profile  geometry  of  the  investigated  airfoil  with  flap.  The  airfoil  has  a  NACA  0012-profile,  the  flap 
has  a  chord  ratio  of  30^  ,  and  the  control  hinge  is  at  7  5^  of  the  wing  chord.  The  slot  geometry  is  asymmetric  and  hence 
typical  for  a  slot  usually  found  in  real  aircraft.  Fig. 6  also  snows  a  comparison  between  the  calculated  and  measured  chord- 
wise  unsteady  pressure  distribution  for  the  case  that  the  airfoil  with  flap  is  at  zero  incidence  (  =  0  and  -  0  ) ,  the 

wing  is  at  rest  ond  the  flap  is  undergoing  harmonic  oscillations  about  its  hinge  axis,  and  the  gop  is  Hosed.  As  can  be  seen, 
there  is  a  reasonably  good  correlation  between  linearized  "flat  plate"  theory  and  experiment,  although  a  small  slot  effect 
becomes  obvious  even  when  the  gap  is  closed. 

However,  when  the  flap  oscillates  about  steady  mean  incidences  I30  *  0  ond  the  gop  is  not  closed,  drastic  changes  in  the 
unsteady  pressure  distributions  occur,  as  illustrated  in  Fig. 7  .  The  same  condition  has  been  observed  when  the  angle  of  at¬ 
tack  a0  *  0  ,  as  illustrated  in  Fig. 8  .  Finally,  Fig. 9  shows  the  effects  of  steady  mean  incidence  of  both  the  wing  U>0) 
and  the  flap  (flQ)  upon  the  unsteady  aerodynamic  pressure  distribution,  together  with  the  effect  of  the  open  and  closed  gap. 

It  is  clear  that  the  closed  gap  yields  a  completely  different  pressure  distribution  and  even  a  flow  separation  at  the  trailing 
edge  of  the  flap.  There  is  practically  no  agreement  with  linearized  "flat  plate"  predictions  here,  particularly  on  the  fixed 
wing  and  surprisingly  even  when  the  gap  is  closed. 

A  striking  feature  of  all  these  pressure  distributions  near  the  flap  leading  edge  is  that  two  rather  pronounced  pressure  peaks 
always  appear  when  the  gap  is  open,  thus  indicating  that  the  aerodynamic  wing-flap  problem  in  this  case  is  in  fact  an  aero¬ 
dynamic  interference  problem. 

Perhaps  the  most  important  practical  consequences  of  these  incidence  and  slot  geometry  effects  with  regard  to  active  control 
applications  are  manifested  in  the  related  control  hinge  moments,  as  illustrated  in  Fig.  10  .  It  can  be  seen  that  the  unsteady 
hinge  moment  coefficients  nc  are  changing  completely  when  the  gap  is  closed.  Linearized  "flat  plate"  theory  yields  rather 
unrealistic  results  and  the  relatively  good  agreement  in  the  imaginary  part  at  small  reduced  frequencies  must  be  considered  a 
mere  coincidence. 

2.4  Effect  of  flow  viscosity 

It  is  often  argued  that  thickness  effects  are  roughly  compensated  for  by  boundary  layer  effects,  explaining  the  good  agreement 
frequently  found  when  comparing  experimental  aerodynamic  results  with  the  theoretical  ones  which  neglect  wing  thickness 
and  fluid  viscosity.  To  what  extent  this  argument  is  really  true  is  not  definitely  clear,  and  as  long  as  no  results  are  available 
from  systematic  wind  tunnej  measurements  in  a  wide  range  of  Reynolds  numbers,  this  reasoning  should  be  applied  with  care. 

In  fact,  there  is  some  evidence  that  the  boundary  layer  or  the  Reynolds  number  effect  is  of  minor  importance  in  treating  un¬ 
steady  aerodynamic  problems  of  oscillating  wings  without  controls  at  least  in  subsonic  flow  at  small  incidences.  Application 
of  transition  strips  is  a  common  practice  to  simulate  a  turbulent  boundary  layer  and  a  tronscritical  Reynolds  number  in  wind 
tunnel  model  tests.  However,  from  the  very  few  test  results  available  for  oscillating  control  surfaces  at  various  Reynolds  num¬ 
bers,  we  know  (see  Ref.  15]  )  that  hinge  moments  of  oscillating  flaps  are  decisively  dependent  upon  the  Reynolds  number. 

Test  results  at  moderate  Mach  numbers  show  deviations  from  potential  theory  calculations  up  to  100^  ,  even  in  the  case  of 
zero  mean  angle  of  attack  (see  also  Fig.  1  )  .  It  is  difficult  to  say  to  what  extent  these  discrepancies  may  be  attributed  to 
flow  viscosity  effects.  For  oscillating  control  surfaces,  we  must  keep  in  mind  that  effects  of  gap  geometry  and  incidence  are 
ot  least  of  the  some  order  of  magnitude,  as  shown  in  the  previous  discussion.  On  the  other  hand,  it  must  be  assumed  that  an 
interaction  takes  place  between  the  boundary  loyer  and  the  very  complicated  flow  processes  at  the  flap  leading  edge  for 
those  (open  )  gap  geometries  as  they  indeed  exist  on  slotted  aircraft  wings,  in  particular  when  the  wing-flap  lifting  system  is 
operating  at  non-zero  incidences.  All  these  effects  are  widely  unknown  and  there  is  an  urgent  need  for  detailed  theoretical 
experimental  investigations. 

As  Dr.  Geissler  has  mentioned  in  his  paper,  there  is  work  underway  at  DFVLR  to  gain  more  insight  into  these  rather  compli¬ 
cated  aerodynamic  problems.  By  applying  a  potential  velocity  panel  procedure,  an  elaboration  of  theoretical  results  for  the 
unsteady  airloads  on  oscillating  control  surfaces  is  attempted,  taking  into  account  the  effects  of  finite  thickness,  gap  geom¬ 
etry  and  incidence.  On  the  other  hand,  systematic  wind  tunnel  measurements  of  two-dimensional  unsteady  aerodynamic 
hinge  derivatives  in  the  Reynolds  number  range  10^  to  10^  are  In  preparation  in  a  new  type  of  compressed-air  wind  tunnel  . 
It  is  hoped  that  these  investigations  will  provide  a  better  understanding  of  the  unsteady  airloads  on  oscillating  controls  in 
context  with  real  aircraft  wing-control  geometries  and  Reynolds  numbers. 
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3.  Conclusion 

From  the  discussions  it  became  apparent  that  those  parameters  neglected  within  the  framework  of  linearized  potential  flow 
theory  may  be  highly  influential  in  the  development  of  unsteady  airloads  on  oscillating  control  surfaces  in  subsonic  flow.  In 
particular,  the  effects  of  slot  geometry  and  gap  width,  finite  thickness,  steady  mean  incidence  of  both  wing  artd  flap,  and 
flow  viscosity  have  been  shown  to  be  of  decisive  importance.  Since  most  of  what  we  know  today  about  these  effects  has  been 
learned  from  wind  tunnel  studies,  efforts  should  be  made  to  elaborate  at  least  potential-type  theoretical  solutions.  Applica¬ 
tion  of  panel  procedures  may  serve  in  this  intention  well. 

Almost  nothing  is  known  about  the  influence  of  flow  viscosity,  and  there  is  an  urgent  need  for  systematic  wind  tunnel  investi¬ 
gations  on  this  subject  with  a  wide  range  of  Reynolds  numbers.  Since  the  development  of  unsteody  airloads  on  oscillating 
control  surfaces  in  all  its  detail  is  still  not  thoroughly  understood,  much  research  work  on  this  practical  important  topic  of 
unsteady  aerodynamics  is  necessary  in  the  future,  especially  with  regard  to  active  control  applications. 


4 .  References 

|1 1  White,  R.8. 
Landahl,  M. 

12)  Laschka,  B. 

(3 1  Bergh,  H. 

|4|  KUssner,  H.G. 

(5)  Kiertappel,  K. 
Round,  D. 

(6|  Gray,  R. 

Davies,  D.E. 


Effect  of  Gaps  on  the  Loading  Distribution  of  Planar  Lifting  Surfaces. 

AIAA  Journal,  Vol.6,  No. 4,  1968,  pp. 626-631 

Unsteody  Aerodynamic  Prediction  Methods  Applied  in  Aeroelasticity . 

AGARD  Rep.  No. 45,  1975,  pp.1-7  to  1-31 

Experimental  Determination  of  the  Aerodynamic  Forces  on  an  Oscillating  Wing  with  Control  Surface 
in  Incompressible  Two-Dimensional  Flow. 

NLL-Report  F.175,  1955 

Non-Stationary  Theory  of  Airfoils  of  Finite  Thickness  in  Incompressible  Flow. 

AGARD  Manual  on  Aeroelasticity,  Part  II,  Chapter  8 

Analysis  of  Unsteady  Pressure  Measurement  on  an  Airfoil  Section  with  an  Harmonically  Oscillating 
Slotted  Flap. 

To  be  published  shortly  as  DLR-FB  80-22 

Comparison  of  Experimentally  and  Theoretically  Determined  Values  of  Oscillatory  Aerodynamic 
Control  Surface  Hinge  Moment  Coefficients. 

RAE  Techn.  Report  72023,  March  1972 


Figure  1: 


Comparison  of  theoretically  predicted  and  measured  unsteody  aerodynamic  hinge  moment  coefficients  of  an 
oscillating  flap. 


dimensional  lift  distribution 


Measured  and  calculated  unsteady  aerodynamic  pressure  distributions  at  two  specified  spanwise  sections  on  a 
fixed,  constant-chord,  swept  half-wing  with  a  NACA  0012-profile,  and  with  two  controls  oscillating  harmon 
ically  with  equal  amplitude  in  antiphase,  in  incompressible  flow. 


Influence  _»»  thickness  on  lift  and  moment  coefficients  of  a  Joukowsky- profile  pitching  about  its  mean  chord 
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Profile  and  comparison  between  theory  and  experiment  of  the  investigated  two-dimensional  wing-flap  syste: 
when  the  flap  is  undergoing  harmonic  oscillations  about  its  hinge  axis. 


Unsteady  aerodynamic  pressure  distributions  of  the  wing-flap  system,  when  the  flap  oscillates  harmonically 
about  several  steady  mean  incidences  13^  and  the  gap  is  open. 
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8:  Unsteady  aerodynamic  pressure  distributions  of  the  wing- flap  system  of  different  steady  mean  angles  of  attack 

a0  ,  when  the  flap  oscillates  harmonically  and  the  gap  is  open. 


9:  Effects  of  steady  mean  incidences  aD  and  (30  ,  and  sealing  of  the  gap  upon  the  unsteady  aerodynamic  pressure 

distributions  of  the  wing-flap  system,  when  the  flop  oscillates  harmonically  about  its  hinge  axis. 
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TO:  Influence  of  slot  geometry  on  the  unsteady  hinge  moment  coefficient  n  ,  when  the  flop  oscillates  harmonically 

about  its  hinge  axis. 


OSCILLATORY  FLOWS  FROM  SHOCK-INDUCED  SEPARATIONS  ON  BICONVEX  AEROFOILS 
OF  VARYING  THICKNESS  IN  VENTILATED  WIND  TUNNELS 


D.  G.  Mabev 

Structures  Department,  Royal  Aircraft  Est abl i shmen t ,  Bedford,  UK 


SUMMARY 

Previous  tests  of  biconvex  aerofoils  at  zero  incidence  at  transonic  speeds  have 
sometimes  shown  a  narrow  Mach  number  range  within  which  the  flow  is  periodic.  Within  this 
range  large  surface  pressure  fluctuations  are  developed  at  a  discrete  frequency,  . c/U 
of  order  I,  which  would  strongly  influence  the  buffeting  of  any  aerodynamic  component 
with  this  section.  Similar  instabilities  at  transonic  speeds  have  also  been  observed  on 
other  aerofoils  for  thickness/chord  ratios  greater  than  about  10%. 

Recently  the  flow  instability  boundaries  on  a  series  of  biconvex  aerofoiis  with 
thickness/chord  ratios  varying  from  10  to  20%,  set  at  zero  incidence,  were  measured  in  a 
small  transonic  tunnel.  The  region  of  flow  instability  with  laminar  boundary  layer/shock 
wave  interactions  was  a  little  wider  than  the  corresponding  region  with  turbulent 
boundary  layer/shock  wave  interactions.  A  criterion  for  the  occurrence  of  the  instability 
was  developed  from  the  measurements. 

Some  interesting  examples  of  dynamic  wall-interference  effects  were  observed  in  the 
slotted  working  sections  with  hard  slats,  which  were  greatly  reduced  in  the  alternative 
slotted  working  sections  with  slats  made  from  sound-absorbing  laminate.  Interesting 
examples  of  dynamic  interference  were  also  observed  in  special  comparative  tests  in  closed 
working  sections  formed  by  hard  or  laminate  walls. 
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LIST  OF  SYMBOLS 

empirical  expression  for  u£/ U 
lift  coefficient 
aerofoil  chord 

aerodynamic  and  elastic  hinge  stiffnesses  (eqn  4) 
total  plenum  chamber  depth/tunnel  height 
frequency  of  instability  (Hz) 
tunnel  height 
flap  inertia 

transonic  similarity  parameter  (eqn  1) 
equivalent  transonic  similarity  parameter 
distance  from  terminal  shock  wave  to  trailing  edge 
free  stream  Mach  number 
critical  Mach  number 

equivalent  Mach  number  associated  with  Kg 

Mach  number  just  upstream  of  terminal  shock 

rms  pressure  fluctuation 

free  stream  kinetic  pressure 

Reynolds  number  based  on  c 

aerofoil  thickness 

t  ime 

free  stream  velocity 
coordinates  (Fig  2) 
angle  of  incidence  (degrees) 
ratio  of  specific  heats 

circular  frequency,  2nf  (radians/second) 


1  INTRODUCTION 

Recently  there  has  been  renewed  interest  in  the  use  of  thick  wing  sections  (with 
thickness/chord  ratios,  t/c  ,  greater  than  say  10%)  for  civil  aircraft  operating  at  high 
subsonic  speeds  (say  from  M  =  0.75  to  0.85).  Thus  a  winq  section  15.1%  thick  will  be 
used  at  the  root  of  the  A310B  aircraft.  These  thick  sections  allow  reduced  wine;  struc¬ 
tural  weight  or  increased  aspect  ratio,  and  may  also  be  conveniently  combined  with 
advanced  sections  which  Incorporate  some  degree  of  supercritical  flow. 
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One  possible  difficulty  with  such  thick  sections  at  transonic  speeds  and  low  angles 
of  incidence  is  the  occurrence  of  periodic  pressure  fluctuations  at  frequency  parameters, 
uc/U  ,  of  order  1.  Some  time  ago  Lambourne  1  collected  limited  evidence  for  such  rela¬ 
tively  low  excitation  frequencies  at  transonic  speeds  on  a  number  c  _  conventional  aerofoil 
sections  with  thickness/chord  ratios  higher  than  10%.  Recently  Roos  and  Riddle2  found  a 
low  level  of  discrete  excitation  at  a  frequency  parameter  of  about  0.4  on  a  supercritical 
wing  of  thickness/chord  ratio  11%.  At  the  design  lift  coefficient  (of  about  Cl  =  0.5)  the 
discrete  excitation  persisted  over  the  wide  Mach  number  range  from  M  =  0.60  to  M  =  0.87 
( see  Ref  2 ,  Fig  22 ) . 

Thick  biconvex  aerofoils  set  at  zero  incidence  are  interesting  because  these  produce 
discrete  excitation  over  a  narrow  range  of  Mach  numbers  at  transonic  speeds.  Thus  McDevitt 
et  al 3  found  a  narrow  region  of  oscillatory  flow  in  an  18%  thick  biconvex  aerofoil  (see 
Fig  1),  which  persisted  over  a  wide  range  of  Reynolds  number.  The  region  of  oscillatory 
flow  was  wider  when  the  Mach  number  was  decreased  (dM/dT  <  0)  because  of  flow  hysteresis. 
This  oscillatory  flow  is  generated  by  the  upstream  and  downstream  movement  of  the  terminal 
shock  and  oscillatory  vortex  shedding  in  the  wake.  The  phenomenon  has  subsequently  been 
predicted^’5,  from  a  numerical  solution  of  the  full  Navier-Stokes  equations  with  an  appro¬ 
priate  turbulence  model.  However  no  simple  prediction  method  or  adequate  physical  explan¬ 
ation  for  the  self-excited  shock  wave  oscillation  is  yet  available. 

The  present  note  provides  the  measured  instability  boundaries  for  biconvex  aerofoils 
with  thickness/chord  ratios  varying  from  10  to  20%.  Analysis  of  the  measurements  suggests 
features  of  the  pressure  fields  which  might  produce  flow  instability  on  conventional  aero¬ 
foil  sections.  The  measurements  may  also  stimulate  further  theoretical  studies. 

2  EXPERIMENTAL  DETAILS 

The  slotted  transonic  working  section  of  the  RAE  4  in  x  4  in  tunnel  (H  =  101  mm) 
was  used  for  these  tests  (Fig  2) .  Tests  were  made  with  both  hard  and  laminate  (sound¬ 
absorbing)  liners”’7.  Most  of  the  tests  were  made  with  a  total  dimensionless  plenum 
chamber  depth,  d  =  0.67,  as  illustrated  in  Fig  2,  but  a  few  comparative  tests  were  made 
with  a  total  plenum  chamber  depth  of  d  =  4.0.  A  few  special  tests  were  made  with  hard 
and  laminate  closed  working  sections. 

The  biconvex  aerofoils  were  made  of  wood  and  spanned  the  tunnel  centrally.  For  the 
aerofoils  with  thickness/chord  ratios  of  10,  12,  14,  16  and  18%  the  chords  selected  were 
f  =  32  mm  and  50  mm.  For  the  aerofoils  with  thickness/chord  ratio  20%  the  chords  were 
reduced  to  25  mm  and  41  mm  to  reduce  the  blockage.  For  brevity  this  reduction  in  chord  is 
ignored  in  figures  where  measurements  for  thickness/chord  ratios  of  20%  are  included. 

For  simplicity  no  pressure  transducers  were  generally  installed  in  a  model.  Instead, 
six  pressure  transducers  used  in  previous  tests6’7  were  mounted  on  one  sidewall  close  to 
the  model  and  ahead  of  it  (Fig  2).  Five  transducers  distant  0.5H  upstream  of  the  model 
were  used  to  check  the  wave  form  of  the  tunnel  resonance  excited  by  the  unstable  flow  on 
the  model.  Note  that  one  transducer  was  in  the  top  plenum  chamber.  A  single  transducer 
adjacent  to  the  model  centre  line,  but  displaced  0.25H  below  it,  was  used  initially  to 
detect  the  onset  of  flow  instability.  Later  this  transducer  was  supplemented  by  another 
closer  to  the  model  (y/H  =  -  0.05),  and  by  another  actually  flush  mounted  on  the  18%  thick 
aerofoil  with  c  =  50  mm  at  78%  chord  (y/H  =  0) . 

The  tunnel  total  pressure  and  total  temperature  cannot  be  independently  controlled. 
The  tunnel  total  pressure  is  always  a  little  lower  than  ambient  static  pressure  and  the 
tunnel  total  temperature  lies  in  the  range  from  lO°Ctol5°C.  For  the  small  aerofoils  used 
in  the  present  tests  (c  =  32  mm  and  50  mm)  this  only  qives  Reynolds  numbers  of  about 
0.4  x  106  an(j  o.6  «  io6  respectively.  These  low  Reynolds  numbers  ensured  that  laminar 
boundary  layer/shock  wave  interactions  were  achieved  on  the  smaller  aerofoils.  Turbulent 
boundary  layer/shock  wave  interactions  were  ensured  by  fixing  transition  2.5  mm  downstream 
of  the  leading  edge  with  a  narrow  band  of  ballotini  (small  glass  spheres)  of  dia.  0.25  mm. 

3  RESULTS 

3.1  Determination  o,.  w  instability  boundaries  and  resonances 

Fig  3  shows  some  initial  test  results  with  free  transition  and  a  laminar  boundary 
layer/shock  wave  interaction  for  the  18%  thick  aerofoil  with  a  chord  of  32  mm.  Fig  3a 
shows  that  the  Mach  number  rancte  for  flow  instability  is  easily  measured  on  the  sidewall 
below  the  model  (at  y/H  =  -  0.25),  although  the  pressure  transducer  is  located  a  signific¬ 
ant  distance  (0.78c)  below  the  aerofoil.  The  lower  Mach  number  limit  to  the  range  of  flow 
instability  is  rather  ill-defined  because  of  flow  hysteresis  similar  to  that  observed  by 
McDevitt  (Fig  1).  The  curve  for  the  laminate  slats  is  about  0.02  lower  in  nominal  Mach 
number  compared  to  the  hard  slats.  This  displacement  is  probably  caused  by  the  increased 
boundary  layer  growth  on  the  relatively  rough  surface  of  the  laminate  slats  compared  to 
the  smooth,  hard  slats,  for  the  increased  boundary  layer  growth  should  increase  the  local 
free  stream  Mach  number  for  a  fixed  nominal  Mach  number. 

The  pressure  fluctuation  measurements  upstream  of  the  model  given  in  Fig  3b  show 
that  the  flow  instability  on  this  aerofoil  at  a  Mach  number  of  0.78  excites  a  stronger 
resonance  in  the  working  section  with  hard  slats.  This  is  because  the  discrete  frequency 
of  the  excitation  has  been  made  to  coincide  with  the  fundamental  transverse  resonance 
frequency  of  the  working  section  by  the  deliberate  choice  of  a  chord  length  of  32  mm.  The 
resonance  frequency  (1100  Hz)  had  been  excited  previously  by  a  loud  speaker  mounted  in 
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the  plenum  chamber  and  predicted  according  to  a  new  theory7.  This  resonance  condition  is 
particularly  interesting,  because  although  Fig  3a  shows  that  the  strength  of  the  excita¬ 
tion  is  virtually  unaltered  by  the  change  from  hard  slats  to  laminate  slats.  Fig  3b  shows 
that  the  strength  of  the  resonance  is  significantly  reduced.  Fig  3b  thus  provides  an 
example  of  the  superiority  of  sound-absorbing  slats  for  dynamic  tests  of  aircraft  models 
at  transonic  speeds. 

Fig  3b  also  illustrates  an  interesting  feature  of  the  sound-absorbing  slats.  The 
resonance  frequency  (1070  Hz)  is  a  little  lower  than  with  hard  slats  (1100  Hz).  The  lower 
resonance  frequency  is  attributed  to  a  small  increase  in  the  effective  acoustic  height  of 
the  working  section,  due  to  the  movement  of  air  into  the  laminate.  Lower  resonance  fre¬ 
quencies  with  laminate  liners  were  observed  previously  both  with  these  liners  in  the 
4  in  «  4  in  tunnel7  and  with  comparative  'mock-up'  liners  in  the  RAE  3  ft  tunnel8. 

Fig  4  shows  some  typical  results  for  the  same  aerofoil  with  fixed  transition.  Fig  4a 
shows  that  the  Mach  number  range  for  flow  instability  is  still  well  defined,  although  the 
level  of  pressure  fluctuations  is  only  about  20%  of  that  measured  previously  with  free 
transition  (of  the  change  of  scale  between  Fig  4a  and  Fig  3a) .  Fig  4b  shows  that  at  this 
reduced  level  of  excitation,  no  resonance  mode  can  be  detected,  even  in  the  working 
section  with  hard  slats. 

Fig  5  illustrates  an  interesting  oscillation  observed  with  free  transition  on  the 
10%  thick  aerofoil  with  a  chord  of  32  mm  at  a  higher  Mach  number,  about  M  =  0.90.  Fig  fa 
indicates  that  the  range  of  Mach  number  for  flow  instability  (0.88  <  M  <  0.91)  is  much 
the  same  with  hard  slats  as  with  laminate  slats. 

However  the  oscillation  frequency  changes  radically  between  the  hard  and  laminate 
slats.  With  the  hard  slats  the  frequency  observed  (1000  Hz)  coincides  with  the  fundamen¬ 
tal  transverse  resonance  frequencies  previously  measured7  with  acoustic  excitation.  How¬ 
ever,  this  gives  too  low  a  frequency  parameter  (0.77)  compared  with  previous  measurements 
on  a  nominally  identical  model  with  free  transition  in  a  much  larger  slotted  tunnel". 

When  the  hard  slats  are  replaced  by  laminate  slats  the  frequency  observed  is  much  higher 
(1370  Hz),  and  the  higher  frequency  parameter  (1.05)  is  in  better  agreement  with  the 
previous  measurements  9  (see  Fig  7).  We  may  infer  that  with  the  hard  slats  the  shock 
oscillation  is  locked  to  the  tunnel  resonance  frequency  and  is  therefore  best  regarded  as 
a  forced  oscillation.  This  hypothesis  is  supported  by  the  relatively  high  pressure 
fluctuations  measured  upstream  of  the  model  with  the  hard  slats  in  comparison  with  the 
low  pressure  fluctuations  measured  with  laminate  slats  (Fig  5b) .  The  measurements  in 
Fig  5  thus  represent  a  severe,  though  admittedly  rather  unusual,  example  of  dynamic 
interference . 

Similar  but  smaller  increases  in  the  oscillation  frequency  were  also  noticed  for  the 
12%  aerofoils  with  chord  50  mm  (with  both  transition  free  and  fixed)  and  these  have  been 
indicated  later  (Fig  7).  For  the  thicker  aerofoils  (t/c  >  14%),  alteration  of  the  slats 
did  not  change  the  oscillation  frequency.  Hence  most  of  the  measurements  are  probably 
free  of  dynamic  interference,  except  when  the  oscillation  frequency  actually  coincides 
with  a  tunnel  resonance  frequency,  as  previously  discussed  (eg  Fig  3) . 

3.2  Boundaries  for  flow  instability 

Fig  6  shows  the  flow  instability  boundaries  measured  on  biconvex  aerofoils  of  both 
groups. 

For  the  short  chord  aerofoils  with  free  transition  the  boundary  layer/shock  wave 
interaction  is  laminar  at  these  low  Reynolds  numbers  and  there  is  a  range  of  Mach  number 
of  about  0.04  over  which  the  flow  is  unstable.  For  the  thinnest  aerofoil,  with  t/c  =  10%, 
the  measured  range  of  instability  is  in  excellent  agreement  with  that  observed  with  free 
transition  by  Karashima9.  With  fixed  transition  the  flow  is  stable  for  t/c  =  10%  (just  as 
in  Karashima's  tests)  and  is  also  stable  for  t/c  =  12%.  For  t/c  S*  14%  the  flow  is 
unstable  over  a  smaller  range  of  Mach  number  of  about  0.02. 

For  the  long  chord  aerofoils,  giving  the  higher  Reynolds  numbers,  the  boundaries  for 
flow  instability  with  transition  free  and  transition  fixed  are  quite  similar.  No  insta¬ 
bility  was  observed  for  t/c  =  10%.  However,  with  t/c  =  12%  there  was  a  well  marked 
instability  with  free  transition  and  a  weak  instability  with  fixed  transition;  oil  flow 
tests  established  that  with  free  transition  there  was  a  shock  induced  separation  at  about 
=  0.7c,  which  was  eliminated  with  fixed  transition. 

When  due  allowance  is  made  for  the  scatter  in  the  measurements,  inevitable  because 
of  flow  hysteresis,  the  results  for  both  groups  of  aerofoils  are  in  good  agreement  for 
thickness/chord  ratios  above  12%.  However  for  the  lowest  thickness/chord  ratio  (10%)  the 
instability  is  only  found  for  the  short  chord  aerofoil  with  a  laminar  boundary  layer/shock 
wave  interaction.  Hence  wall  interference  on  these  flow  instability  boundaries  is 
probably  fairly  small,  despite  the  large  blockage  ratios  of  the  models. 

In  addition  the  present  instability  range  for  the  long  chord  aerofoil  with  t/c  =  18% 
and  fixed  transition  are  in  ex-client  agreement  with  the  instability  observed  at  the  same 
1 ow  Reynl  !r  number  in  a  ■  b  so  rking  section  with  carefully  contoured  liners10.  In 
contrast,  t*  ->sent  ir.st  d  i  1  t  •  tana,  for  t/c  =  20%  does  inot  agree  with  the  instability 

observed  previously*  at  tn  if,  .  cited  Mach  number  of  0.71. 


11-4 


3.3  Frequency  parameters  for  instability  and  dynamic  interference 

Fig  7  shows  the  frequency  parameters,  uc/U,  measured  on  both  groups  of  models  with 
transition  free  and  transition  fixed.  These  measurements  were  made  in  the  slotted  work¬ 
ing  section  with  hard  slats,  except  where  there  is  tunnel  resonance  and  the  results  for 
laminate  slats  are  preferred  as  having  less  wall  interference  (section  3.1). 

For  the  short  chord  aerofoils  (Fig  7a)  with  free  transition  the  frequency  parameters 
lie  in  the  range  from  about  0.72  to  1.04.  The  two  frequency  parameters  observed  for 
t/c  =  10%  with  the  hard  and  the  laminate  slats  correspond  with  the  measurements  presented 
in  Fig  5.  With  the  laminate  slats  the  frequency  parameter  is  in  better  agreement  with 
Karashima's  measurements’.  With  transition  fixed  the  frequency  parameters  are  a  little 
lower  than  with  transition  free,  but  no  oscillation  is  observed  for  t/c  =  10%  and  12%. 

For  the  long  chord  aerofoils  (Fig  7b)  the  frequency  parameters  lie  in  the  range  from 
0.85  to  1.15,  significantly  higher  than  for  the  short  chord  aerofoils.  If  we  tentatively 
assume  that  the  frequency  parameter  is  controlled  primarily  by  the  shock  position,  the 
lower  frequency  parameter  at  the  lower  Reynolds  number  suggests  that  with  thicker  boundary 
layers  the  mean  shock  position  is  further  upstream.  This  hypothesis  is  consistent  with 
the  observation  that  with  fixed  transition,  and  excessively  thick  turbulent  boundary 
layers,  the  frequency  parameters  are  again  a  little  lower  than  with  free  transition. 

The  measurements  made  with  transition  free  on  the  long  chord  aerofoil  make  an 
interesting  comparison  with  other  measurements  made  on  thick  biconvex  aerofoils.  Thus  for 
t/c  =  18%,  the  frequency  parameter  in  the  present  tests  is  about  1.07,  compared  to  the 
somewhat  lower  value  of  0.98  observed  over  a  wide  range  of  Reynolds  number  by  McDevitt  . 
McDevitt's  measurements  may  be  subject  to  some  dynamic  interference  from  the  hard  walls  of 
the  closed  working  section  which  lowers  the  frequency  of  the  instability,  even  in  the 
absence  of  a  tunnel  resonance. 

Special  tests  with  the  present  18%  thick  aerofoils  in  alternative  closed  working 
sections  made  with  hard  and  laminate  top  and  bottom  walls  were  made  to  confirm  this 
hypothesis.  These  walls  were  uncontoured  (in  contrast  with  McDevitt's  experiment)  so  that 
the  flow  choked  at  comparatively  low  Mach  numbers.  However,  just  before  chokin'  a  range 
of  flow  instability  was  observed,  as  in  the  slotted  working  sections  at  higher  ,  :h 
numbers.  For  the  aerofoil  with  c  =  50  mm,  the  flow  choked  at  about  M  =  0.71  ir  th 
closed  working  sections,  and  the  range  of  instability  was  about 

0.68  <  M  <  0.70  , 

(of  0.76  <  M  <  0.79  for  the  hard  slotted  working  section).  However,  with  the  hard  wails 
the  frequency  of  the  instability  (830  Hz)  was  appreciably  lower  than  with  laminate  walls 
(1000  Hz),  although  the  level  of  fluctuation  was  almost  unaltered.  With  ■'-nese  closed 
laminate  walls  the  frequency  (1000  Hz)  was  thus  a  little  higher  than  the  frequency 
(890  Hz)  in  the  unchoked  slotted  working  section  at  much  higher  speeds.  Th-'  ,-hange  in 
frequency  thus  illustrates  an  interesting  consequence  of  the  approach  to  chox  ng  in 
closed  working  section. 

Similarly,  for  the  18%  thick  aerofoil  with  c  =  32  mm  the  flow  choked  ir  tne  closed 
working  sections  at  about  M  =  0.77,  and  the  range  of  instabilicy  was  from  about 

0.73  <  M  <:  0.74  , 

(of  0.78  <  M  <  0.81  in  the  hard  slotted  working  section).  However  with  the  hard  closed 
walls  the  frequency  (1030  Hz)  was  appreciably  lower  than  with  the  laminate  walls 
(1130  Hz).  Again  with  the  closed  laminate  walls  the  frequency  was  almost  the  same  as  in 
the  hard  slotted  working  section  (1100  Hz)  at  much  higher  speeds. 

Now  in  McDevitt's  experiments  the  ratio,  H/c,  of  the  tunnel  height  to  the  aerofoil 
chord,  was  1.9,  compared  to  2.0  and  3.1  in  the  present  tests  for  the  aerofoils  with 
c  =  50  mm  and  32  mm.  Hence  the  frequency  observed  with  the  hard  contoured  walls  is 
probably  about  10  to  20%  lower  than  would  be  obtained  in  an  unconstrained  flow,  or  with 
contoured  walls  made  of  sound-absorbing  laminate. 

An  investigation  of  the  instability  on  the  12%  thick  aerofoil  with  c  =  50  mm  and 
free  transition  gave  similar  results.  The  range  of  instability  from  both  closed  working 
sections  was  from 


0.75  <  M  <  0.76  , 

(of  0.85  <  M  <  0.86  in  the  hard  slotted  section),  but  the  frequency  was  only  690  Hz  with 
the  closed  hard  walls  compared  to  870  Hz  with  the  closed  laminate  walls.  The  correspond¬ 
ing  frequency  in  the  hard  slotted  section  was  820  Hz.  Even  with  slotted  walls  we  have 
seen  in  section  3.1  that  the  frequency  parameter  on  this  aerofoil  increased  significantly 
when  the  hard  slats  were  replaced  by  sound-absorbing  slats. 

Of  course,  if  closed  walls  are  used  much  further  away  from  the  models  dynamic 
interference  can  be  reduced.  Thus  Finke11  measured  a  frequency  parameter  of  1.13  for  an 
aerofoil  with  t/c  =  20%  in  a  closed  section  with  hard  walls  and  H/c  =  8,  in  good  agree¬ 
ment  with  the  present  measurements  for  H/c  =  2.4  in  the  slotted  working  sections. 
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3.4  Level  of  excitation 

The  small  size  of  these  models  prevented  the  general  installation  of  pressure 
transducers  to  measure  the  excitation  directly.  However,  the  rms  pressure  fluctuations, 
p  ,  on  the  sidewall  adjacent  to  the  centre  line  of  the  models  (at  x/H  =  2.5  in  Fig  2)  were 
used  initially  to  indicate  the  variation  of  the  excitation  of  the  model  with  thickness/ 
chord  ratio  and  boundary  layer  thickness. 

Fig  8  shows  as  functions  of  the  thickness/chord  ratio  three  typical  sets  of  measure¬ 
ments  of  the  maximum  sidewall  pressure  fluctuations  over  the  range  of  Mach  number.  This 
maximum  generally  occurs  close  to  the  middle,  or  just  below  the  middle,  of  the  unstable 
flow  regions  shown  in  Fig  6.  Fig  8a  shows  that  for  the  short  chord  aerofoils  the  maximum 
pressure  fluctuations  are  significantly  higher  with  free  transition  than  with  fixed 
transition.  Now  a  laminar  boundary  layer/shock  wave  interaction  would  generally  be  of 
much  greater  extent  than  a  turbulent  interaction.  Hence  in  an  unsteady  flow  wider  shock 
excursions,  giving  larger  pressure  fluctuations,  would  be  expected  with  a  laminar  boundary 
layer  than  with  a  turbulent  boundary  layer.  A  similar  difference  between  the  surface 
pressure  fluctuations  observed  with  laminar  and  turbulent  boundary  layer/shock  wave  inter¬ 
actions  was  previously  noticed  for  nominally  steady,  attached  flow  on  a  swept  wing  at 
M  =  0.90.  (See  discussion  on  Fig  lib  in  Ref  12.)  The  dotted  curves  in  Fig  8a  indicate 
the  approximate  level  of  pressure  fluctuations  which  might  have  been  expected  for 
t/c  =  18%  and  10%  in  the  absence  of  the  resonances  discussed  in  Figs  3  and  5. 

The  measurements  shown  in  Fig  8a  relate  to  hard  slats.  With  laminate  slats  (Fig  8b) 
the  maximum  pressure  fluctuations  on  the  sidewall  are  a  little  lower,  but  the  general 
character  is  unaltered.  Upstream  of  the  model  (at  x/H  =  2.0)  the  pressure  fluctuations 
are  appreciably  lower  with  the  laminate  slats  than  with  the  hard  slats.  This  is  because 
the  laminate  slats  weaken  the  forward  propagation  of  the  pressure  fluctuations,  rather 
than  alter  the  excitation  at  source. 

Fig  8c  shows  corresponding  measurements  for  the  longer  chord  aerofoils  tested  with 
hard  slats.  Again  the  pressure  fluctuations  are  significantly  higher  for  the  thin 
boundary  layer  obtained  transition  free  than  for  the  thick  turbulent  boundary  layer 
obtained  transition  fixed,  and  may  give  the  better  indication  of  the  level  of  pressure 
fluctuations  at  high  Reynolds  numbers.  These  sidewall  pressure  fluctuation  measurements 
with  transition  free  and  fixed  are  both  a  little  lower  than  the  corresponding  measurements 
on  the  shorter  chord  aerofoils  shown  in  Fig  8a.  At  first  sight  this  is  an  anomalous 
result,  because  for  the  longer  chord  model  the  sidewall  static  pressure  fluctuation 
measurements  (at  the  fixed  point  x  =  2. OH,  y  =  -  0.25H)  are  relatively  closer  to  the  aero¬ 
foil  (y/c  =  -  0.50  for  c  =  50  mm  compared  to  y/c  =  -  0.78  for  c  =  32  mm).  However, 
because  of  the  form  of  the  unsteady  boundary  layer/shock  wave  interaction  (see  the  shadow¬ 
graph  in  Fig  14  of  Ref  10),  the  sidewall  pressure  fluctuations  probably  do  not  decay  uni¬ 
formly  with  distance  from  the  aerofoil.  In  the  attached  flow  at  y/c  =  -  0.50  the  terminal 
shock  is  oblique  and  weak,  so  that  the  flow  downstream  is  still  supersonic.  Thus  the 
pressure  change  across  the  shock  would  be  comparatively  small,  giving  relatively  small 
pressure  fluctuations  in  the  unsteady  flow.  Further  away  from  the  aerofoil  at  y/c = -  0.78 
the  shock  wave  becomes  normal  and  the  downstream  flow  is  subsonic.  Hence  the  pressure 
change  across  the  shock  is  comparatively  larqe,  giving  relatively  large  pressure  fluctua¬ 
tions  in  the  unsteady  flow.  Even  further  away  from  the  aerofoil  the  shock  wave  disappears 
and  the  pressure  is  continuous,  qiving  small  pressure  fluctuations  in  the  unsteady  flow. 

In  an  attempt  to  net  a  better  indication  of  the  level  of  the  excitation  closer  to 
the  aerofoils,  the  pressure  transducer  in  the  sidewall  adjacent  to  the  centre  of  the  aero¬ 
foils  was  moved  from  x  =  2. 511,  y  =  -  0.25H  to  x  -  2. 0411,  y  =  -  0.05H  (Fig  2).  Thus  for 
the  aerofoils  with  c  =  50  mm,  this  transducer  was  located  at  78%  of  the  local  chord,  and 
at  y/c  =  -  0.10.  Comparing  Fig  9a  with  Fig  8c,  we  see  that  the  pressure  fluctuations  are 
significantly  higher  closer  to  the  model,  as  we  wo'ti  expect,  hut  they  may  be  influenced 
by  local  flow  separations  in  the  aorofni 1  'sid_wal 1  junction. 

We  have  seen  that  the  sidewall  pressure  fluctuation  measurements  Increase  as  the 
boundary  layer  thickness  decreases  (Fin  8).  In  McDevitt's  experiments  on  she  18%  thick 
aerofoil  (Ref  10,  Fig  13)  the  rms  surf. ice  pressure  fluctuations  are  at  the  remarkably  high 
level  of  p/q  =  40%  and  Increase  monot on ica 1 1 y  as  the  Reynolds  number  increases  from 
R  =  1  •  1 0 ^  to  R  -  7  *  10h  (Fig  9b).  McDevitt  is  confident  that  tunnel  resonance  did  not 
occur  (see  discussion  of  Fig  11  in  Ref  i).  Similarly,  no  strong  resonances  were  excited 
in  the  low  Reynolds  number  (0.7  -  10ft)  tests  in  the  closed  working  sections  briefly 

described  in  section  3.3  above. 

In  order  to  bridge  the  gap  between  the  present  sidewall  pressure  fluctuation  measure¬ 
ments  at  low  Reynolds  number  and  the  surface  pressure  fluctuation  measurements  of  Ref  10, 
two  special  tests  were  made.  The  results  of  these  special  tests  are  included  in  Fig  9b. 

For  the  first  test  a  pressure  transducer  was  mounted  on  the  top  surface  of  the  18*  thick 
aerofoil  with  c  =  50  mm,  giving  pressure  fluctuations  at  78’'  chord  (y  =  01  in  the  central 
plane.  The  back  of  the  transducer  projected  from  the  bottom  surface  of  the  aerofoil,  but 
was  covered  by  a  small  fairing.  The  surface  pressure  fluctuations  with  both  free  and 
fixed  transition  were  about  p  g  -  10*  tnd  approx lmat ei y  twice  the  corresponding  sidewall 

measurements.  For  the  second  test  an  18*  thick  biconvex  wire  with  a  chord  of  200  mm  and 
an  aspect  ratio  of  2  was  briefly  tested  in  the  top  and  bottom  slotted  (II  -  040  nm)  Winking 
section  of  the  RAF  3  ft  tunnel.  With  free  transition  the  pressure  fluctuations  at  nud- 
semtspan  (where  an  ni I  flow  photograph  indioited  that  the  local  flow  was  almost  two- 
dimensional)  increased  steadily  from  p  g  -  )<•*  at  R  0.4  ■  10fl  to  p,  g  -  2  V*  at 
R  =  0.7  •  10  ‘.  With  fixed  transition  the  levels  were  appreciably  lower  (from  1*  to  *■ »  )  , 
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omitted  from  Fig  9b  for  clarity.  Tests  at  higher  Reynolds  numbers  were  not  possible 
because  of  the  large  amplitude  motion  of  the  model  on  the  sting. 

Surface  pressure  fluctuation  levels  of  p/q  above  10%  would  generally  be  accompanied 
by  severe  buffeting  on  aircraft  components,  even  with  the  usual  broadband  spectrum. 

In  addition  it  is  easy  to  show  that  this  type  of  instability,  with  anti-phase  shock 
oscillations  on  the  upper  and  lower  surfaces,  can  produce  significant  oscillatory  pitching 
moments.  Let  us  assume  that  the  rms  level  of  the  pressure  fluctuations  between  x/c =0.80 
and  1.00  is  about  20%q  (a  conservative  assumption  in  view  of  Fig  9b),  and  that  these 
fluctuations  are  perfectly  correlated  spanwise  and  chordwise.  Then  the  rms  lift  over  this 
area/unit  span  is  (0.40q  »  0.2c)  and  acts  at  x/c  =  0.90.  Hence  the  rms  moment  about 

x/c  =  0.25  is  (0.40q  *  0.20) (0.65c)  so  that  the  rms  moment  coefficient  is  about 

CM  =  0.05 

and  the  amplitude  about  CM  =  0.1  (because  of  the  nearly  triangular  wave  form).  This 
torsion  moment  is  concentrated  at  a  discrete  frequency  in  the  flutter  range.  It  could  be 
potentially  serious  if  it  coincided  with  a  structural  mode  such  as  the  first  wing  torsion 
mode,  which  is  normally  in  the  range  from  uc/U  from  0.5  to  1.0. 

4  ORIGIN  OF  THE  INSTABILITY 

We  have  established  that  over  a  narrow  range  of  transonic  Mach  numbers  there  is  an 
unusual  form  of  periodic  flow  on  thick  biconvex  aerofoils,  but  we  have  not  identified 
what  criteria  control  the  oscillation. 

Finke11  gives  a  comprehensive  review  of  possible  theoretical  models  which  might 
explain  oscillations  of  this  type.  Finke's  suggested  analogy  between  wake  oscillation  and 
Eckhaus1  theory  5  of  transonic  rudder  flutter  is  interesting,  but  invokes  an  inviscid  flow 
model.  The  theory  predicts  a  wide  range  of  frequencies  and  Mach  numbers  over  which  flow 
instability  is  possible  (Ref  11,  Fig  51),  but  manifestly  this  prediction  is  incompatible 
both  with  the  experiments  cited  there  and  with  the  narrow  range  of  frequencies  and  Mach 
numbers  observed  in  the  present  tests.  Finke  showed  that  with  laminar  boundary  layer/ 
shock  wave  interactions  the  theories  of  Karishima9  and  Dvorak19  correctly  predict  the  fre¬ 
quency,  hut  that  the  theories  are  restricted  to  small-ampl itude  shock  oscillations  and  are 
inapplicable  to  turbulent  boundary  layers. 

Recently  McDevitt10  has  clearly  established  that  on  a  biconvex  aerofoil  with 
t/c  =  18%  and  a  turbulent  boundary  layer/shock  wave  interaction,  the  shock  does  not 
generally  oscillate  about  a  mean  position.  Instead,  for  most  of  the  region  of  unsteady 
flow,  successive  shock  waves  move  upstream  from  the  trailing  edge,  alternating  between  the 
top  and  bottom  surfaces.  McDevitt  suggests  that  this  is  a  special  form  of  oscillatory 
flow,  classified  as  a  type  C  motion  by  Tijdeman15.  Within  a  narrow  range  of  Mach  n  imber  a 
shock  wave  motion  of  this  type  has  been  predicted  from  a  numerical  solution  of  the  full 
Navier-Stokes  equations9,5.  However  the  computations  took  7.5  hours  on  a  CDC  7600 
computer  and  even  with  more  powerful  computers  it  is  unlikely  that  this  method  could  be 
applied  for  routine  calculations  on  more  realistic  aerofoil  sections. 

An  alternative  approach  is  to  ask  whether  the  present  measurements  suggest  well- 
defined  conditions  for  the  onset  and  termination  of  the  instability,  which  might  be 
applicable  to  other  aerofoils,  and  also  provide  a  clue  as  to  the  physical  cause  of  the 
oscillation.  This  question  is  prompted  by  the  observation  that  the  narrow  region  of  flow 
instability  shown  in  Fig  6  is  displaced  roughly  0.1  in  Mach  number  above  the  curve  for 
critical  Mach  number  as  a  function  of  thickness/chord  ratio,  derived  from  the  transonic 
similarity  solutions  given  by  Spreiter  "  and  confirmed  by  recent  measurements  (,-.;  Fig  11 
of  Ref  17). 

As  a  first  attempt  to  explain  the  phenomenon,  the  flow  instability  boundaries  given 
in  Fig  6  are  replotted  in  Fig  10  in  terms  of  the  transonic  similarity  parameter: 

K  =  (M2  -  1)/[M4/3(y  +  1 )  2/3  (t/c )  2/3  )  .  11) 

The  critical  Mach  number  now  occurs  along  the  straight  line  K  =  -  1.42,  corresponding  with 

the  curve  of  Mcrn.  in  Fig  6.  Fig  10  shows  that  the  values  of  K  for  the  onset  and  termina¬ 

tion  of  the  instability  vary  appreciably  with  thickness/chord  ratio.  The  instability  is 
unlikely  to  be  inherent  in  the  transonic  inviscid  flow,  for  such  an  instability  would 
always  start  and  stop  at  particular  values  of  the  transonic  similarity  parameter.  Hence 
the  instability  probably  results  from  a  critical  phenomenon  in  the  viscous  transonic  flow. 
This  conclusion  is  supported  by  numerical  solutions  of  the  full  Navier-Stokes  equations 
already  available  for  t/c  =  12%  (Ref  17)  and  for  t/c  =  18%  (Refs  4  and  5).  The  steady 
solutions  (marked  by  triangles  in  Fig  10  and  joined  by  dotted  lines)  roughly  enclose  the 
unstable  flow  region  found  with  fixed  transition,  and  thus  indicate  that  there  are 
unlikely  to  be  fixed  values  of  K  controlling  the  instability.  In  addition,  the  oscilla¬ 
tory  solution  found  for  t/c  =  18%  disappeared  when  the  viscosity  was  eliminated. 

A  simple  explanation  of  the  phenomenon  might  be  that  the  boundaries  of  Fig  6  corres¬ 
pond  to  local  Mach  numbers  for  the  start  and  stop  of  the  instability,  which  might  be 
almost  independent  of  the  thickness/chord  ratio.  These  constant  Mach  numbers  would  be 
determined  by  some  as  yet  unidentified  feature  of  the  boundary  layer/shock  wave  inter¬ 
action.  Now  ‘he  local  Mach  numbers  upstream  of  the  shock  wave  could  not  be  easily  meas¬ 
ured  on  these  small  models,  but  approximate  Mach  numbers  upstream  of  the  shock  can  be 
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obtained  from  the  measu-ed  shock  position  and  Ref  16,  as  we  shall  indicate.  This  approach 
is  rea-.onable ,  because  the  shock  position  must  be  a  crucial  factor  in  determining  the 
instability,  and  we  have  already  suggested  in  section  3.3  that  the  shock  position  controls 
the  oscillation  frequency. 

Fig  1  La  shows  the  s  eady  shock  position  previously  measured9 ’ 1 8 ’ 1 9  in  different  wind 
tunnels  on  a  number  of  thin  biconvex  aerofoils  with  attached  flow,  plotted  against  the 
transonic  similarity  parameter.  Even  for  these  thin  aerofoils  the  shock  position  is  up¬ 
stream  of  that  according  to  Spreiter's  theory  for  a  given  value  of  K.  This  discrepancy 
must  be  attributed  to  the  fact  that  Spreiter  had  to  use  the  inviscid  shock  jump  relation¬ 
ship,  whereas  in  the  real  viscous  flow  the  local  thickening  of  the  boundary  layer  at  the 
foot  of  the  shock  produces  an  appreciably  smaller  increase  in  pressure.  Oil  flow  studies 
on  the  present,  generally  thicker,  models  show  in  Fig  lib  that  both  close  to  the  onset  and 
completion  of  the  instability  the  shock  positions  straddle  the  mean  line  for  the  thin 
aerofoils  taken  from  Fig  11a. 

The  method  devised  to  predict  the  approximate  local  Mach  number  immediately  upstream 
of  the  shock  utilizes  the  mean  line  of  Fig  11.  For  a  particular  aerofoil  at  transonic 
speeds  the  pair  of  free  stream  Mach  numbers  for  the  onset  and  completion  of  the  instabil¬ 
ity  define  a  pair  of  values  of  K,  and  hence  particular  values  of  xs/c  from  the  mean  line. 
For  the  same  shock  positions,  Spreiter's  theory  determines  a  pair  of  equivalent  values,  K  , 
and  hence  equivalent  free  stream  Mach  numbers,  Me.  From  these  values  of  Ke,  Me  and  the 
results  of  Spreiter's  theory  in  Table  lc  of  Ref  16,  approximate  local  Mach  numbers 
upstream  of  the  shock  may  be  calculated  for  a  particular  thickness/chord  ratio. 

Concerning  first  the  predictions  for  a  turbulent  boundary  layer/shock  wave  inter¬ 
action,  Fig  12  shows  that  the  local  Mach  number  for  the  onset  of  the  instability  varies 
from  1.24  for  t/c  =  12%  to  1.15  for  t/c  =  20%.  In  contrast,  the  constant  local  Mach 
number  for  the  suppression  of  the  separation  is  1.24.  Karashima’s  measurements  for 
t/c  =  10%  with  a  laminar  boundary  layer  clearly  show  an  instability  for  the  Mach  number 
range  from  M^  =  1.20  to  1.24,  in  fair  agreement  with  the  present  predictions. 

These  approximate  predictions  are  well  supported  by  McDevitt ' s 1 0  recent  measurements 
of  the  flow  instability  on  an  18%  thick  biconvex  aerofoil  at  R  =  11  *  106 .  Thus  Fig  lj 
(after  Ref  10,  Fig  25)  shows  the  regions  of  type  C  flow  instability  J,  and  the  correspond¬ 
ing  frequency  parameter,  as  a  function  of  free  stream  Mach  number  and  angle  of  incidence. 
(In  a  type  C  flow  instability  a  shock  wave  moves  upstream  along  the  aerofoil.  The  shock 
wave  then  leaves  the  aerofoil  at  the  leading  edge  and  propagates  upstream  against  the 
incoming  flow.)  Fig  13  also  includes  values  of  local  Mach  number,  Mj ,  upstream  of  the 
shock  derived  from  Ref  11,  Figs  27  and  28.  When  the  free  stream  Mach  number  increases 
above  the  critical  value  (M  =  0.71),  Mj  increases  until  at  about  M  =  0.75,  with  M,  =  1.20, 
separation  starts,  together  with  the  oscillatory  flow.  The  mean  shock  position  then  moves 
forward  until  at  a  free  stream  Mach  number  of  0.76,  Mj  falls  to  about  1.14  on  the  top  sur¬ 
face  (Fig  13a)  and  1.10  on  the  lower  surface  (Fig  13b).  With  further  increase  in  free 
stream  Mach  number,  the  mean  shock  moves  downstream  again,  until  when  M  =  0.78  steady  flew 
is  re-established  with  M(  a  little  greater  than  1.22  on  the  upper  surface.  A  'steady' 
separated  flow  then  extends  from  the  shock  to  the  trailing  edge.  This  region  of  steady 
separated  flow  is  preceded  by  a  small  region  of  type  A  flow  instability  3.  (In  a  type  A 
flow  instability  a  shock  wave  performs  small  oscillations  about  a  mean  position  on  an 
aerofoil.)  Thus  in  this  high  Reynolds  number  experiments,  with  a  natural  turbulent 
boundary  layer,  the  aerofoil  provides  the  condition 

1.13  ■  K,  -  1.24  , 

over  the  observed  regime  of  instability.  This  condition  is  consistent  with  that  inferred 
in  Fig  12  from  the  present  tests  at  low  Reynolds  numbers.  The  onset  ol  t  tie  unsteady  flow 
corresponds  to  the  sudden  forward  movemenr  of  the  mean  shock  position,  which  would  tradi¬ 
tionally  be  associated  with  severe  flow  separations.  (Set'  the  discussion  by  Pearoey  of 
Figs  32  and  38  in  Ref  20.)  Tentatively  we  may  conclude  that  with  a  turbulent  boundary 
layer  a  necessary  (but  certainly  not  a  sufficient)  condition  for  tin*  instability  to 
develop  on  biconvex  aerofoils  is  that  tne  local  Mach  number  just  upstream  of  the  shock 
lies  within  the  range  from  about 

1.14  *  Mj  1.24  < 2 } 

This  unstable  range  corresponds  rough i ,  with  the  range*  for  the  onset  <  f  significant 
separation  on  a  wide  range  of  aerofoils  (Ref  20,  section  1.2.1).  Howevet  Figs  2<-  and  2 ^ 
of  Ref  10  give  values  of  Mj  of  1.23  and  !.  14  respectively,  just  below  and  just  above  tho 
unsteady  flow  region.  Hence  the  values  of  Mj  Hr  the  very  unsteady  flows  i  cpi  c.scnt  od  it. 

Figs  27  and  28  of  Ref  10  (and  used  in  Fig  1  1)  could  be  a  little  misleading.  ke  cut  unpub- 

l  i  shod  measurements'*  >  >n  a  largo  14  hio«.nvox  wing  pi '-vide  tin  condition: 

1.21  '  M 1  *  1.14 

The  frequency  of  the  shook  oscillation  is  probably  relate  1  t>  the  time  taken  fit 
disturbances  to  travel  upstream  over  a  length.,  •  ,  from  the  trailing  edge  to  t  lie  mean  si.  ek 
position  which  will  generally  In*  in  a  region  of  fully  .separated  flow.  Fig  ]  4 .  j  shows  that 
the  frequency  measurement  s  for  tin*  different  t/c  ratios  with  fixed  transition  ai  e  r  'uul.iv 
correlated  by  this  lenqth  and  the  free  stream  velocity,  in  terms  ri  the  transonic  sir  i j.u 
ity  parameter,  K.  Tho  present  measurements  are  in  fair  agreement  with  previous  ru*e  - 
merits  covering  t/r  ratios  from  Hi  to  and  is  inferred  from  those  tests. 

Many  years  ago  Erickson  and  f:  t  eplu-r.s- -n  •  suggested  a  simple  empirical  f  >  a  n  u  1  i  f  t 
the  aerodynamic  frequency  parameter,  inversely  proportional  to  the  time  taken  f<  r 
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disturbances  to  travel  from  the  trailing  edge  to  the  shock  position: 

ut/U  =  A  =  * (1  -  M)/2M  . 

Fig  14b  shows  that  the  measured  frequency  parameters  are  only  about  70%  of  those  predicted 
according  to  equation  (3).  However,  despite  the  scatter,  referencing  these  measurements 
to  the  predictions  of  equation  (3)  does  reduce  the  wide  variation  which  occurs  with  the 
transonic  similarity  parameter  in  Fig  13a.  Hence  the  mechanism  of  the  shock  oscillation 
must  be  related  with  the  wake  oscillation,  which  starts  at  the  trailing  edge. 

This  hypothesis  was  confirmed  by  a  special  test  made  with  the  14%  thick  aerofoil 
(with  c  =  50  mm)  modified  to  incorporate  a  small  trailing-edge  flap,  which  could  be  freely 
hinged  at  75%  chord  (Fig  15).  A  pair  of  heavy  and  light  flaps  of  the  same  external 
geometry  were  provided  to  briefly  investigate  possible  effects  of  the  inertia  of  the  flap. 
With  the  flap  locked  the  instability  was  much  the  same  as  that  measured  previously, 
despite  the  rather  severe  three-dimensional  disturbances  provided  by  the  flap  'stops'. 

With  the  flap  unlocked  there  was  a  small  mean  flap  deflection  (determined  by  the  aero¬ 
dynamic  hinge  moment  and  the  static  moment  of  the  flap)  and  small  flap  oscillations  were 
allowed.  These  oscillations  were  not  measured,  but  they  must  have  significantly  altered 
the  boundary  condition  on  the  wake  at  the  trailing  edge,  because  the  excitation  in  the 
Mach  number  range  from  M  =  0.82  to  0.84  was  severely  reduced,  with  either  flap.  At  some¬ 
what  higher  Mach  numbers,  transonic  'buzz'  was  observed,  with  either  flap  oscillating,  as 
indicated  in  the  following  table: 


Flap 

Ranqe  of 

instability 

Amplitude 

of  buzz 

(M) 

(°) 

Heavy 

0.88 

to  0.90 

at  least  *10 

(to  stops) 

Light 

0.89 

to  0.90 

roughly  *5 

The  larger  amplitude  motion  of  the  heavy  flap  during  buzz  may  be  readily  explained. 
According  to  Lambourne2-*  the  buzz  frequency  at  constant  Mach  number  is  given  by: 

w  =  /(CA  +  CH)/I  ,  (4) 

where  =  aerodynamic  hinge  stiffness  (identical  for  both  flaps), 

CH  =  elastic  hinge  stiffness  (in  this  test  =  0), 
and  I  =  moment  of  inertia  of  flap. 

Hence  the  buzz  frequency  must  be  lower  for  the  heavy  flap.  Now,  in  general,  changes  which 
lower  the  buzz  frequency  would  be  expected  to  increase  the  buzz. amplitude,  as  in  the 
present  tests.  This  has  been  confirmed  by  experiments  of  Saito2  . 

In  contrast  to  the  strong  influence  of  the  trailing-edge  boundary  condition  on  the 
aerodynamic  instability,  the  leading-edge  geometry  has  a  comparatively  weak  influence. 

This  was  demonstrated  with  a  1 0  mm  Iona  *  100  mm  wide  piece  of  30  grade  carborundum  paper 
was  wrapped  round  the  leading  edge  of  the  18%  thick  aerofoil  with  c  =  50  mm.  The  Mach 
number  range  for  the  instability  and  the  frequency  were  essentially  the  same  as  with 
transition  fixed  with  ballotini.  However,  the  amplitude  of  the  pressure  fluctuations  was 
reduced,  consistent  with  an  excessively  thick  turbulent  boundary  layer.  Finke  has  also 
demonstrated  that  the  shock  oscillation  is  relatively  insensitive  to  changes  in  the 
leading  edge  geometry. 

Finally  it  should  be  emphasised  again  that  the  instability  boundaries  (Fig  6)  are 
not  significantly  influenced  by  tunnel  Interference,  despite  the  high  blockage  ratio  of 
the  models  (9%  maximum  for  t/c  =  18%,  c  =  50  mm).  However,  the  frequency  parameter 
measurements  (Fig  7)  may  be  subject  to  some  interference,  as  discussed  in  section  3.3. 
Tunnel  resonance  frequencies  were  measured  with  the  aerodynamic  excitation  provided  by 
biconvex  aerofoils  over  the  Mach  number  range  from  M  =  0.78  to  0.90  (Fig  16).  These 
measurements  at  the  first  resonance  mode  are  in  good  agreement  with  theoretical  predic¬ 
tions  and  previous  tests  made  with  acoustic  excitation.  In  particular,  for  this  ranqe  of 
Mach  number  the  resonance  frequencies  measured  were  unaffected  by  an  increase  in  the 
depth  of  the  plenum  chamber  from  d  =  0.67  to  d  =  4.00,  as  required  by  the  theory  for  Mach 
numbers  greater  than  about  0.6. 

5  POSSIBLE  INSTABILITIES  ON  SUPERCRITICAL  AEROFOILS 

Additional  tests  are  needed  to  establish  if  instabilities  in  the  structural  fre¬ 
quency  range  occur  on  supercritical  aerofoils  within  the  flight  envelopes  of  interest. 

The  narrow  ranqe  of  Mach  number  given  by  equation  (2)  is  al^o  associated  with 
excitation  on  the  11%  thick  supercritical  aerofoil  tested  by  Ross'  at  CL  =  0.55, 

R  =  2  «  106,  over  a  wide  ranqe  of  free  stream  Mach  number.  Hence  the  local  Mach  number 
criterion  given  by  equation  (2)  may  be  also  valid  on  supercritical  aerofoils,  although 
this  single  result  Is  certainly  not  conclusive.  For  this  aerofoil  the  mean  pressure 
distributions  and  schlleren  photographs  suggest  that  any  separations  must  be  small.  This 
is  consistent  with  the  low  amplitude  of  the  excitation  and  the  monotonic  downstream  shift 
of  the  terminal  shock  wave  as  Mach  number  Increases.  The  frequency  parameter,  wf/U, 
varies  from  about  0.32  at  M  -  0.75  to  0.10  at  M  =  0.87.  This  is  only  about  50%  of  that 
predicted  according  to  equation  (3).  However,  the  pressure  distribution  on  this  aerofoil 
is  completely  different  from  that  on  the  conventional  aerofoils  used  to  derive  equation 
(3),  or  on  the  biconvex  aerofoils. 
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CONCLUSIONS 


Tests  on  a  series  of  small  biconvex  aerofoil  models  suggest  six  main  conclusions: 

(1)  A  flow  instability  can  develop  at  zero  incidence  at  transonic  speeds  for  thickness/ 
chord  ratios  varying  from  12  to  20%  with  both  laminar  and  turbulent  boundary  layers.  For 
a  given  aerofoil,  the  region  of  flow  instability  is  restricted  to  a  narrow  ranqe  of  Mach 
number  (Fig  6)  and  is  influenced  by  the  state  of  the  boundary  layer. 

(2)  The  origin  of  the  flow  instability  is  not  yet  fully  explained.  However,  it  is 

essentially  a  viscous  phenomenon  (Fig  10).  A  necessary  (but  not  sufficient)  condition  for 
the  onset  of  the  instability  is  a  local  Mach  number,  ,  just  upstream  of  the  terminal 
shock  in  the  range  from  about:  1 

1.14  <  Mj  <  1.24  . 

(3)  The  frequency  parameter  of  the  instability  is  displayed  in  Fig  7  and  is  probably 
determined  primarily  by  the  time  taken  for  wake  disturbances  to  pass  upstream  from  the 
trailing  edge  to  the  shock  (Fig  13). 

(4)  The  unusual  and  sharply-defined  (Figs  6  and  7)  nature  of  this  instability  makes  it  a 
useful  test  for  the  methods  of  predicting  unsteady  viscous  transonic  flows  now  beinq 
developed,  with  particular  reference  to  the  Navier-Stokes  equations. 

(5)  For  instabilities  at  frequencies  close  to  tunnel  resonance  the  tunnel  walls  signifi¬ 
cantly  alter  the  instabilities.  This  dynamic  interference  may  be  reduced  by  replacing  the 
hard  walls  of  the  conventional  working  section  with  sound-absorbing  walls  (Figs  3  and  5). 

(6)  Tunnel  resonance  frequencies  measured  with  the  aerodynamic  excitation  provided  by 
the  flow  instability  are  in  good  agreement  with  previous  tests  made  with  acoustic 
excitation,  and  also  with  theoretical  predictions  (Fig  16). 
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Fig  1  Flow  domains  for  an  18*  thick 
biconvex  aerofoil  (after  Ref  3) 
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F i q  1  Typical  results  -  transition  free 


Fig  4  Typical  results  -  transition  fixed 
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Fig  10  Instability  boundaries  for  biconvex  aerofoils  -  K  against  t/c 
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Fig  II  Shock  position  us  transonic  similarity  parameter 
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Fig  13  Boundaries  for  instability 
(after  Ref  10,  Fig  25) 
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Fig  15  Aerofoil  with  trai 1 ing-edge  flap 

t/c  I4/.) 

10 

14 

18 


f 

(kHz) 

I 


AERODYNAMIC  EXCITATION 
BICONVEX  AEROFOILS.  c>  52  mm  ® 


ACOUSTIC  EXCITATION 

.it 

- - -  or 


_ — 1 1  -i  vi  mm 

IjtMOOE'- THEORY  (REF  7)  <*0-67 

J- 

0  2  0-4  0  6  0-8  m  10 


Fig  16  Resonance  frequencies  Mach  number 
for  slotted  walls 


Fig  14  Frequency  parameters  based  on  distance 
from  shock  t.o  trailing  edge 


Experiments  on  a  Turbulent  Unsteady  Boundary  Layer  with  Separation. 

Sergio  l)e  Pome.  Arturo  Baron 

Politecnico  di  Milano  1st ituto  di  Ingegneria  Aerospa/iale 
Via  (lolgi  40 
>0133  Milano.  Italy 

Abstract 

Turbulent  separation  is  an  unsteady  phenomenon  in  itself , oven  ir.  steady  external 
conditions.  In  tiiis  experiment  a  cyclic  variation  is  produced  in.  the  utstroum"  of  a 


typical  boundary  layer  wind  tunnel  with  variable  pressure  gradient .  to  this  cyclic 
variation,  the  point  of  separation  in  quasi-steady  conditions  is  shifts 'I  in  the  stream- 
wise  direction  approximately  one  third  of  the  hove,  ’or"  layer  le  :th, 

A  hot-wire  analysis  of  the  velocity  profiles,  made  ’  ••  a  x.npli. .  ■  t-'ch:.i  p.io ,  shows 
no  significant  change  in  profile  behaviour,  except  a  la  '  in  separation.  reattachemer.t 
This  result  seems  to  be  important  in  explaining  some  features  o:  dvr.or.ic  -tall. 

The  experimental  conditions  (  reduced  frequency  and  Re”j.i. V'vid.er)  are  close, ir. 

order  of  magnitude,  both  to  blade  stall  and  stall  flutter,  •  the  frequency  is  a;  out  4 

Hz,  the  streamwise  length  is  1.5  tn  and  th.e  outstre am  vdttlr  t. • . •  •  ’.  :i».i..n-  of  the 

.  .  '  —  7 

decoloration  is  about  40  ms 

The  observed  time  lag  in  separat  e';  ai.d  r<.  :tt  •.  :  s  -;t  l/li'  the  ■-■■cle, 

which,  a  greeds  with  some  oscillatin'  airfoil  •. 


Symbols 

Cg  press urn  coefficient 

i7  phase  angle  (  degrees) 

X  streamwise  coordinate  (nm) 

Y  normal  to  wall  coordinate  (r;i) 

V  velocity  (m/s) 


1)  Introduction 

C"clic  separation  of  a  laminar  or  turbulent  lay  l  '."'  ";’  "  i<  vernir. :  rrn 

dy  aerodynnaic  phenomena,  such  as  stall  r  1  ■ : b t  -r ,  rotati:  :  stall  of  compressors , rotor  Mr. 
do  ota.ll.Th.it  hind  of  phenomena,  n.v  ••asurr  a.t  v-r  '  It w  dr*' --..oneies ,  whore  neither  ;v  t-n.- 
tia.l  flew  ur.steadynoss  nor  ususl  bounder"  layer  stead-moss  are  o:noetc<! .  It  means  that 
out-of  phase  forces  and  moments  are  possible  and  may  excite  vibrations. 

The  experiment  hero  described,  which  is  not  vet  completed,  is  a.:,  attempt  to  inves¬ 
tigate  on  a  separating  boundary  layer,  perturbed  in  a  cyclic  wav  and  in  which  the  att  i- 
chcd  part  shows  no  significant  unsteady  effect,  while  the  separating  part  has  a.  lar-o 
time  lag  with  respect  to  the  corresponding  stead"  condition. 

The  experiment  started  with  some  preliminary  tests  in.  order  to  define  the  froguonc" 
range  in  vhicli  a  consistent  time  lag  could  be  observed.  It  proceeded  with  an.  attempt  to 
define  what  had  to  be  measured  to  obtai  •  si  :xi  fice.nt  data.  This  stage  of  the  research 
is  the  scope  of  the  present  neper. 

Of  course,  the  usual  unsteadvness  of  turbulent  separation  was  found  upon  the  colic 
separation  which  was  introduced  in  the  flow.  in.  the  present  experimental  conditions, 
this  perturbation  was  not  too  largo  but  r  "(sea  the  data  go  ,ttor  a.ppcarii;  :  in.  the  results 
It  should  bo  noticed;  that  this  so  g  i  ••  '  •  -r  t..-  t  r  a  .1  1  Lf  a  a.  d  is  •.<  V. 

only  due  to  the  ineccrrao”  o.'  ..he  r:  ■.  t  . 


2)  Experimental  Facility 

The  experimental  facility  is  ■■  van  ■  1-  =rc  :ra  .:•*!. t  •  ha- •  lever  wind.  tvnv.’l 

Its  tost  section  is  show.;  in  fi  ;.  1 


Fig.  1  5!  etch  of  the  toot  section  of  the  wind  tunnel. 


The  inlet  cross-section  is  .1  x  .3  m  and  the  useful  length  is  1.3  m.  T'  e  upper  sidy  of 
tlie  tunnel  is  the  test  '.vail,  while  the  lower  side  is  a  porous  v--»ll  made  by  29  adjustable 
vanes.  Below  this  wall  there  is  the  suction  duct,  leading  to  a  centrifugal  blower  (33  by). 
Four  boundary  layer  suction  slots  are  provided  on  each  of  the  side  walls,  in  order  t<  ob¬ 
tain  accurate  two-dimensional  conditions.  In  the  present  experiment  side  wall  boa.  br 

Four  of  the  ad  distal  In  t.:/s 
(number  12:13:28  and  2°) are  con¬ 
nected  by  a  rod  ovstom  to  a  me¬ 
chanism  driven  l.v  an  electric 
motor,  to  produce  a  cyclic  pres¬ 
sure  gradient  variation.  The  ran¬ 
ge  of  pressures  obtainable  in 
the  present  experiment  is  shown 
in  fig,  2.  The  pressure  is  con¬ 
stant  up  to  a  certain  point, who¬ 
re  a  weal:  or  strong  deceleration 
begins,  causing  eventuall”  sepa¬ 
ration. The  four  vanes  are  moved 
in  pairs  in  opposite  directions 
and  their  lever  arms  are  ad  justed 
to  obtain  rather  steady  inlet 
flow  condi tions ( 1 ) . 

For  simplicity  of  use,  the 
tost  wall  is  divided  into  throe 
sections  (  .  3  ::  .3  m.)and  tori  of 
those  sections  are  available, 
each  one  equipped  with  different  instrumentation.1  r.  the  present  experiment  three  types  oT 
sections  were  used, one  with  stream-., 'iso  .res'-  ire  taps, one  wit!,  pressure  taps  normal  to  the 
flow  direction  (for  two-diner.sionulit--  chochs)  uid  one  with  a  tra.asvorsir.  ;  mechanism  .'or 
displacement  of  probes: 63  min  was  the  maximum  displacement. Tufts  were  provided  on  the  who¬ 
le  test  wall  in  preliminary  tests,  in  order  to  observe  separation. 

Although  the  centrifugal  blower  is  driver,  by  a  constant  speed  motor,  the  tunnel  flow 
could  be  regulated  bt  choking  the  blower  outlet. This  regulation  was  not  used  in.  the  pre¬ 
sent  experiment  as  it  was  not  necessary  and  to  have  a  better  repeatibility  of  tests. 


layer  control  was  not  yet  used. 


Fig.  2  Range  of  tested  pressure  coefficients. 


3)  Instrumentation 

The  instrumentation  may  be  divided  in  two  sections:  the  set  for  pressure  measurement 
and  the  one  for  velocity  profiles  determination.  Doth  are  monitored  by  i  data  acquisition, 
system. 

The  basic  data  acquisition  system,  originally  intended  only  for  strain-gauge  measure¬ 
ments  t  is  composed  by  a  digital  computer  (HP  2114  B),  its  peripheral  dovices(Tolet  -pc, tape 

reader  and  puncher),  a  six  di¬ 
git  voltmetor(  integratin’) , a 
reed  scanner  and  «  reed  rel  y 
card,  the  latter  boinc  the  on¬ 
ly  availab' e  output  device  for 
data  acquisition. The  voltmeter 
can  be  used  also  as  frequence 
meter  on  a  tine  base  of  1  se¬ 
cond.  The  instrv.men  ta  t ion  is 
shown  in  fig.  3. 

The  basic  instruments  are 
a  pressure  transducer  and.  a 
constant  temperature  hot-wire 
anemometer.  For  pressure  mea¬ 
surement  the  in.  ter  face  is  a 
Scani valve  with  its  control  de¬ 
vice.  It  allows  also  a  choc! 
that  the  Be univalve  is  in.  the 
right  position  it  the  end  of 
a  sequence, tlv’  computer  enab¬ 
lin'!  the  data  onlv  if  the  choc; 
is  positive. 

The  hot-wire  anemometer  signal  has  to  be  sampled  at  the  proper  phase  and  also  in  t--u 
dy  state  measurement  the  same  measuring  chain  is  used,  in  order  to  have  the  r.ajao  calibra¬ 
tions  and  response.  The  hot-wire  signal  is  sent  to  a  s.u.ipl  —a..  1— iv  1  d  m;>l  i  !’i.>r  j.d  h 
the  scanner  and  dig ;  tel  voltmeter.  The  sampling  pulse,  pro.  -rl"  Lie.-d  and  square  i  1  /  a 
multivibrator,  is  supplied  by  a  photoeloctrical  device  placed  .  ear  the  prlle"  of  the  vai  e 


Fig.  3  ins  trumen t a  t i on 


control  mechanists.  the  pulley  is  painted  Mac'..  i  the  pro yep  phase  j  n  ir-tort^l  bv  tlv- 
photoelectric  device  by  moans  of  a  strip  of  reflect  it;  ?  t  ape,.--]  t:;1  it  is  row  M  -nr-- 
to  rso  a  counter  and  a  fixed  ori  j  i  a. For  this  pirpousa,  ui  d  to  iv'.’vt"  fre -a  vc-- ,  second 
photoelectric  device  is  placed  in  front:  of  tho  teeth  of  the  pen  -  .  a-:.--  the  short  lino 
base  of  tile  Cre-ptenc'-  no  ter  (  1  seen-.:.!) ,  tho  --.-■st-on  r>-s  1  r  ;  1  -v;  ••  >•  r  -  ...  r,  . .  t 

of  the  pulley  revol-ti.o::  '>••  th  aid  of  a  stop  / y  r  :  •  :  :  .  i .  • 

trolled  %•'  t’.'.a  relay  card  sad  on-  p  ;  -..’ill:  >  n.;-o  t  i  : .  ■:  a  --  ■  -it  i 

A  two— truce  osc ;  llosco’io  -.-  -  -ct,-d  -  .  r  -.Hot  to  -  st  •  , 

usual  1”  to  road  tho  ori-rial  '  s.-mlod  hot-vir- •  si  a  !  rr  -  th  -  a  i ■ 

pulse.  Some  t  U.nv'  also  original  s-  ncro- i-.-.atio.--.  si.-al  ;  its  s  - - - -,y 
This  allowed  to  monitor  tho  whole  t-st,  ir  particular  rrr  the  ->.-ssi'  ]•--  r  si:,r.-  ,  -,ro 

ho  wire,  and  to  Chech  the  flow.  '  r  this  ser.se  it  ..-as  v--r  -  usef-.-l  i  tho  a->;  .*v.: ;o(-  of 
tho  end  of  the  intermittent  part  of  the  i  t.  a,  -.t  tho  outer  c  f  t.'.e  ’  5  v<»r. 

^Preliminary  Tests 

Preliminary  tests  wore  -n:n !■■  i:  order  to  evaluate  -..'inure  unsteady  effects  were  si  p.ifi 
a-.:.i.  for  this  purpouso,  tho  hot-wire  probe  was  placed  close  to  the  wall,  while  a  second 
probe  was  placed  in  the  same  station  ,  i  ut  ir.  the  outstreom .As  first,  the  si  rr.al  was  ob¬ 
served  on  an  oscilloscope,  in  order  to  detect  bissa-ous  f  i- sires  .Turbulence  was  widely 
disturbing  this  detection  and  low-pass  filterin'  c. ;used  some  problem,  duo  to  the  low  fra 
quonci.es,  A  wood  solution  was  to  replace  both  oscilloscope  and  filters  by  an  ::-Y  plotter. 
1 1  was  possible  to  observe  in  this  way  that  ti  e  desired  flow  repine,  in  which  only  sepa¬ 
ration  was  strong ly  unsteady,  could  be  in  the  rairo  from  2  to  i  Ur.  for  the  tunnel  hcyr.old 
lumbers. In  the  present  paper  results  at  3.66  Hz,  corresponding  to  320  rpn,  are  river . 

Ir.  order  to  have  a  lar  -o  ouou  <h  cyclic  sb.ift  for  separation  point .compared  to  the 
random  fluctuation  due  to  tuvl-uler.ee,  the  v-bvr*.  Maced  :  <•  tween  tho  t - .-< ■  oscillat in  pairs 
•..•ere  ad  justed  to  obtain  a  rather  str or.  r  pressure  rr.vlionts,  close  to  the  max LmvA  possible 
for  an  attached  flow,  observir  •  tufts  on  the  test  wall  and  pressures  or.  a  multi-tube  ma¬ 
nometer.  Tr.  unsteady  conditions,  of  course,  only  tufts  were  observed.  In  this  way  it  was 
possible  to  define  a  limited  number  of  stroamwiso  stations  in  which  tho  overall  behaviour 
of  the  flow  could  be  observed,  a  larger  number  of  stations  being  the  scope  of  further  de¬ 
velopments  of  the  research. 


5)  Experimental  Procedure 

For  pressure  measurements,  only  in  steady  conditions,  a  measuring  wall,  equipped 
with  pressure  taps  each  20  mm  was  placed  in  air-  of  tho  tiircc  possible  positions  and  the 
pulley  controlling  the  oscillatinq  vanes  was  set  by  hand  at  the  required  angle.  Pressures 
wore  red  by  tho  pressure  transducer,  via  the  Scar.ivaive.  At  each  position  tho  average  va¬ 
lue,  tho  root  mean  square  error  on  20  samples  were  calculated,  printed  and  punched.  Aav 
data  reduction  was  (  or  will  be  )  unde  by  successive  programs. 

For  velocity  profile  measurements,  both  the  number  of  samples  at  each  measurin';  poin 
and  the  steps  in  the  Y  (  normal  to  tho  wall)  direction  could  ho  changed  at  any  time  durin 
the  tests,  in  order  try  the  correct  way  of  performing  the  experiments.  At  the  first  two 
measuring  stations,  for  example,  it  was  possible  to  extend  measurements  up  to  the  end  of 
intermittent  turbulence  for  a  good  definition  of  tho  boundary  layer  edge.  Furthermore 
steps  were  adjusted  to  the  local  boundary  layer  thichnoss  and  it  was  possible  to  have  elo 
sor  measurements,  ear  tho  wall.  For  each  measuring  point  the  Y  coordinate,  the  average 
hot-wire  signal  and  the  root  mean  square  error  v  re  printed  and  punched . I. i near iza 1 5 or  of 
tile  signal  was  made  by  further  programs,  in  this  vu"  the  average  process  is  mu  lo  on  th-- 
hot-wire  signal  and  not  on  th-  true  velocity  value. This  -'iv-as  u  s-.ull  <-vn  r  close  to  ' 
wall,  -./here  the  response  curve  has  its  maximum  curve  tor-;  ar.-i  th.  I  ■  — ' '  -  a .  •  -.,«  is  jar 

As  th-->  hot-wire  s  L  g-.al  •:  impled  at  a  :Lv-u  a'-.-,--.  in  th>-  in.  sL  o  -s--  tit. «  -,v  -  - 

go  process  gives  tin-  true  -.cubic  iv.-ru-ro. 

Ii.  tile  steal”  condi  t  Lour,  the  pul  lev  is  placed  1<--  hand  in  the  rl-'ht  position  and  ;  - 

syv.cronizat  i  on  s--  stem  euin.ot  ■  i  ve  the  sampl- n  pulse,  which,  is  supnl  i<<  b-  ar.  enter!  i 

osci.11  ilor.  in  order  to  avoid  to  rea-l  twice  the  son**  s.tnple,the  comput  er  o-.-ubied  the  v-h 

meter  to  measure  it  a  fr->  iienc--  a  l  it  lower  than  the  sanpl  i  na  rre<nt«*nrv. 

6)  Analysis  Of  Results 

If  wo  loo:  at  the  shape  of  the  ye!  or  i  I  --rofiles  upstream  of  the  ne-iarat  i<  -r  -v-ii-l  , 

Tor  exrmnle  in  station  2  ( fi<--  g )  we  notice  that  tin-re  is  r.o  difference  between  steady  a  .  ! 
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unsteady  velocity  profiles , even 
in  the  conditions  of  maximum 
flow  changes, as  at  the  phase 
F=270°.Also  the  velocity  at  the 
outer  edge  of  the  boundary  la¬ 
yer  is  the  same.  It  means  that 
the  boundary  layer  itself  and 
the  external  potential  flow  do 
not  contain  unsteady  effects. 
Integral  quantities  will  there 
fore  coincide.  Only  the  wall 
shear  stress  is  not  determined, 
as  the  boundary  layer  thickness 
is  small  and  the  dimensions  of 
the  wire,  even  when  in  contact 
to  t'10  wall, do  not  allow  to  no 
into  the  laminar  sublayer.  Ap¬ 
proaching  the  wall,  no  signify 
cant  reduction  ir.  turbulence 
was  noticed  on  the  oscillosco¬ 
pe. 

'./hen  both  f lows ,  steady 
and  unsteady,  are  attached,  it 
is  possible  again  to  observe 
similar  agreement  between  stea 
dy  and  unsteady  velocity  profi^ 
les,  also  in  the  region  of 
clic  separation,  as  in  station 
5,  confirming  that  unsteadyness 
is  not  in  the  boundary  layer 
behaviour  (Fig.  5). 

Before  discussing  separated 
flow  results, we  should  observe 
thatwhen  a  turbulent  fluctuation 
has  a  negative  value,  the  avei- 
rage  value  of  hot-wire  signal 
is  no  more  equal  to  the  moan 
velocity, duo  to  the  non  linear 
response  of  the  instrument  (e- 
ven  when  the  signal  is  linoari 
zed  by  analogical  or  numerical 
means) . 

At  the  zero  velocity  value,  for  example,  at  the  outer  edge  of  the  reversed  flow,  the  av£ 
rage  hot-wire  signal  is  equal  to  the  sum  of  its  zero  velocity  value  plus  the  root  mean 
square  error. This  is  a  way  to  detect  the  upper  edge  of  the  reversed  flow  with  hot-wires. 

In  reversed  flow  the  data  presented  are  affected  by  this  error  and  should  be  interpreted 
in  this  way. 

The  observation  of  the  behaviour  of  the  velocity  profile  at  station  5  approaching  se¬ 
paration,  in  the  range  between  27&°  and  330°,  gives  an  example  of  what  happens  in  the  flow. 
At  270° (  attached  flow)  and  330° (  separated  flow)  both  profiles  <ire  close  together  despi¬ 
te  of  the  largo  data  scatter.  At  300°,  on  contrary, the  flow  is  separated  in  steady  condi 
tions,  while  it  is  attached  in  the  unsteady  condition.  The  outer  parts  of  the  velocity 
profile,  up  to  external  flow,  seem  to  coincide  (  Fig.  6) 

The  some  happens  in  reattaching  conditions,  for  example  between  60°  and  130°,  at  the 
same  station  (Fig  5).  Rcattacliment  retards  with  respect  to  the  steady  flow  even  in  a  lor 
gor  way.  Again,  in  attached  (150°)  and  separated  (60°)  conditions,  velocity  profiles  are 
close  together. 
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Fig.  3  Velocity  profile  upstream  separation 
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7)Conclusions 

Separation  and  reattachcment  show  a  time  lag  which  is  much  more  larger  than  the  one 
appearing  in  attached  boundary  layors(2).  The  only  way  to  explain  this  lag  in  separation 
and  re  attachcment,  when  no  other  unsteady  nhenor.iona  .are  present,  is  the  time  required  to 
build  up  and  destroy  the  reversed  flow  region.  As  in  reversed  flows  velocities  are  small, 
compared  to  outstrcom  velocities,  time  scales  are  larger .  Furthermore ,  wale  os  will  be  more 
difficult  to  destroy  than  to  build  up,  due  to  the  different  intensity  of  shearing  stresses. 
This  is  also  confirmed  by  the  fact  that  the  time  lag  seems  to  be  larger  in  rcattachenent 
than  in  separation.  In  this  sense,  this  lag  is  mainly  matter  of  boundary  layer-out stroej.i 


1  )  J.  i.cCrosI:o"  -  Personal  couiaunic.  tior. 

2)  F.  hrci.lbuti  "An.  Iuvoctiyatioi:  Of  a:.  at 

3)  .  J.  :ic  Jroshey  ".i  itro.  '.v.ctio-  to  fasten.-  :.r  _>n 

Transonic  Flo--’  "  A'lVJO  L3 

Ahn.ovloejr.icnt 
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lent  tho  second  hot-wire  nnononeter  for  prel ini nor  • 
This  vorh  -was  partially  supported  by  tho  J  t’liau 


DISCUSSION  SUMMARY 


by 

W.J.Mykytow,  Consulfanl 
Dayton,  Ohio,  US 

The  subject  meeting  consisted  of  three  sessions  and  a  round  table  discussion.  Comments  on  each 
of  the  sessions  were  made  by  a  session  recorder  and  are  repeated  below.  A  resume'  of  the  round  table 
discussions  then  follows.  The  papers  presented  are  listed  in  the  meeting’s  proceedings  report  and  in 
the  following  attachment. 


1 .  SESSION  I.  PREDICTION  METHODS  AND  COMPARISONS  WITH  EXPERIMENT,  PART  1 . 


Recorder:  Mr  D  G  Mabey,  U.K. 

The  paper  presented  by  Prof  Dowell  gave  a  fine  review  of  the  problems  of  predicting  attached, 
separated  and  transonic  two-dimensional  flows.  One  of  his  conclusions  deserves  to  be  quoted  in  full. 

"No  transonic  method  can  be  expected  to  give  useful  information  to  the  aeroelast ic ian  unless  the  mean 
steady  flow  it  predicts  and  uses  is  accurate.  Hence  it  is  highly  desirable  to  be  able  to  input  directly 
the  best  steady  flow  information  which  is  available  including  that  from  experiment.  The  latter  would 
include  implicitly  viscosity  effects  on  the  mean  steady  flow;  in  particular  it  would  place  the  mean 
shock  in  the  correct  position." 

The  paper  presented  by  Dr  Yoshihara  considered  attached,  transonic  two-d imensional  flows,  using  a 
viscous  ramp  method  combined  with  a  transonic  small  perturbation  code. 

The  paper  presented  by  M  Javelle  described  a  method  of  calculating  three-dimensional  time  dependent 
turbulent  boundary  layers.  The  turbulence  model  used  was  similar  to  that  in  use  at  NASA  Ames.  The 
method  looks  promising,  but  needs  to  be  combined  with  inviscid  flow  solutions  tor  the  prediction  of  loads 

Dr  Geissler’s  paper  covered  a  wide  range  of  three-dimensional  unsteady  viscous  flow  problems,  with 
conMdenn-T^^uccess.  However,  all  the  comparisons  relate  to  subsonic  flows. 

(Additional  comments  were  made  by  Mr  Mabey  in  a  letter  to  Dr  J  J  Olsen  as  follows.  "1  think  the 
most  obvious  common  factor  of  the  theoretical  papers  is  that  at  transonic  speeds  the  frequency  parameter 
rapidly  becomes  comparatively  unimportant  (e.g.  phase  angle  vs  frequency  parameter).  Similarly  tin- 
effect  of  non-linearities  is  confined  to  low  frequency  parameters.") 


2.  SESSION  II,  PREDICTION  METHODS  AND  COMPARISONS  WITH  EXPERIMENTS,  PART  2. 

Recorder:  Mr  J  Giesing,  USA 

The  following  comments  are  made  on  Houwink^  paper  on  boundary  layer  effects  on  unsteady  airloads. 

Non  Separated  (Attached)  Flow 

A  combination  of  experiments  and  theoretical  calculations  (NhR-LTRAN2+Boundary  Layer  Analysis)  vi i r 
done  at  NLR,  on  a  NAC.A  64A006  airfoil  with  flap.  The  following  points  are  made  in  the  paper. 

Viscous  boundary  layer  effects  produce  a  "de-camber ing"  ot  the  airtoil  with  Map.  The  displacement 
thickness  on  the  upper  surface  is  greater  than  that  on  the  lower  surface  resulting  in  a  lower  H lu  t  ivr 
flap  deflection.  The  viscous  effects  may  be  thought  of  as  a  sort  of  flap  acting  in  opposition  to  tin- 
physical  flap.  Such  a  correction  to  the  theoretical  calculation  greatly  improves  correlations  will, 
experimental  data. 

The  viscous  corrections  diminish  as  frequency  increases. 

Wind  tunnel  wall  corrections  are  Important  it  accurate  correlations  of  theorv  and  expel  iment  ai»  t* 
be-  obtained. 

Using  sophist  icated  thick  body  transonic  theories  t  an  be  le?;s  accurate  than  thin  body  theories  it 
viscous  effects  are  not  accounted  for.  Viscous  effects  and  thickness  i  1  ints  act  in  opposit  ion  to  *  a>  1. 
other  and  in  many  cases  If  both  are  ignored  errors  will  cancel.  It  just  one  ot  these-  efle»ts  is  ai.ounie 
tor  a  loss  in  correlation  may  result. 

Sep a r at ed  Flow 

Separated  flow  can  completely  change  the  character  and  mechanism  ot  shock  wave  mot  ton.  In  the  «xnt*i  l 
presented  tin*  shock  wave  moved  in  the  opposite  direction  to  that  1  or  attached  tlow  tor  Map  mot  ion*.. 

Resonance  appeared  in  some  data  which  was  not  fully  understood.  lho  >1  1  n  t  seen  could  1*  a  w-itu! 
tunnel  resonance  or  a  Buzz  mechanism. 

The  paper  hv  Messrs  «  ouston,  Angelltrl,  hall  cur  and  <.  i  rod  r«-nx-l.a\  igne  concerned  the  elicits  ot  t  h 
unsteady  howndary"TTv7^^^w«^M7c^rnnrn*^,orn^*^n?nMu^c^r>^^7TC^7ot^l"^n^s  transonic  caKuIat  i.-n  i  *.  -L-m 
modeling  viscous  effects  hv  "Mowing"  at  the  airtoil  surface  instead  oi  ph\‘-ically  adding  tin  boundat n 
laver  displacement  thickness.  ‘-■to  h  a  method  mav  have  irf  roved  .  onv.-rg»  n«  e  .  haia<  t  •  r  IM  i,  •.  ,>v<  t  rlh  r 
m»*  t  hod  s  . 

The  method  includes  a  full  unsteady  Kutta  condition  tor  un  it  id  flow  but  applies  t  h<  condition  at 
the  a  i  r  t  o  i  1  surface  and  wake  line.  ‘I'ntc  higher  order  visions  eltrct.-  on  tin  Kutta  condition  .m  n«-t 
considered  such  as:  r  1  >  applying  the  Kutta  >  end  It  ion  at  the  boundary  laver  edge  and  (  )  m  .  mint  ;  nr  f  m 
a  pressure  differential  across  the  trailing  edge  due  fo  streamline  curvature  effect?..  !l.«  m  higher  ord.r 
effects  r-itjld  explain  flu-  over  estimate  in  tin  lift  obtained. 

litre-  .top  sf/c  governs-  whether  iteration  pro.  .-dm  e  will  converge. 

Including  wake  viscous  ejterts  seem  t<*  reduce  mrelation  with  test  data. 
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Only  nonseparated  flows  have  been  considered  so  far.  Authors  believe  that  the  method  will  converge 
for  separated  flows  due  to  the  special  properties  of  such  flows. 

These  authors  also  concluded  that  wind  tunnel  wall  corrections  are  important  for  accurate  correlation 
of  experiment  and  theory. 

The  paper  by  Carne^^FajmeandBi^iock  describes  an  experimental  and  theoretical  approach  to  the 
understanding  of  transonTcanTTTscou^e^ect  s  on  the  flutter  of  a  conventional  (non-supercri  t  ical )  wing 
in  three-dimensional  flow. 

An  approximate  theory  which  uses  a  two-dimensional  steady  transonic  small  perturbation  method,  with 
and  without  viscous  effects,  along  with  the  linear  three-dimensional  method  of  Davis,  is  presented. 

The  experimental  data  for  the  simple  swept  and  tapered  wing  flutter  model  shows  a  dip  in  flutter 
speed  below  that  predicted  by  linear  theory  at  M  *  .865  and  a  subsequent  rise  above  it  at  M  =  .88.  The 
dip  in  flutter  speed  is  caused  by  an  increase  in  lift  curve  slope  due  to  transonic  effects.  The  sub¬ 
sequent  rise  in  flutter  speed  above  that  predicted  by  linear  methods  is  caused  by  an  ait  shift  in  center 
of  pressure  due  to  transonic  effects. 

Viscous  effects  on  flutter  tended  to  reduce  the  transonic  Increase  in  lift  curve  slope  and  reduce 
the  aft  shift  in  center  of  pressure.  Viscous  effects,  then,  oil  set  the  transonic  effects  of  thickness. 

The  paper  showed  that  as  the  mean  incident  is  increased,  the  flutter  speed  is  increased. 

Finally,  wind  tunnel  wall  effects  were  considered  important  in  accurate  correlation  of  theory  and 
experiment . 

In  the  paper  by  £5j|ynix>tlwinc^^)^nng  the  general  Navier-Stokes  equations  are  solved.  The  total 
temperature  is  held  constant  for  two-dimensional  unsteady  separated  flow.  The  method  also  considers 
compressible  flow  and  has  a  turbulance  flow  model.  Contoured  coordinates  are  used  for  a  noniterative, 
coupled,  stable  and  consistently  split  method  of  computation. 

The  method  is  efficient  requiring  15  seconds  per  time  step  on  the  CDC  7600  (using  5000  grid  points). 
The  author  says  this  time  will  be  cut  in  half  in  the  future.  The  method  requires  60-150  time  steps  tor 
moderate  incidence  and  about  250  time  steps  for  high  incidence. 

The  method  was  applied  to  airfoils  with  starting,  time  dependent,  leading  edge  vortices.  Good 
qualitative  correlation  with  experimental  data  was  observed  at  high  angles  of  attack  and  at  low  Mach 
numbers.  Major  features  were  clearly  shown  such  as  starting  vortex  and  secondary  leading  edge  vortex 
and  secondary  leading  edge  vortex  of  negative  sign. 

In  the  future  transonic  calculations,  including  shock  wave  calculation,  will  be  undertaken. 

General  Consensus 


The  following  consensus  seems  to  emerge  from  the  papers  of  this  Session  11. 

Thickness  (and  incidence)  effects  in  transonic  flow  can  not  he  considered  without  including  viscous 
effects.  Results  of  including  only  one  effect  may  be  more  in  error  than  including  neither  ettect. 

Wind  tunnel  wall  effects  are  very  important  in  transonic  tests  and  calculat ions. 

<)uasi  steady  boundary  layer  effects  are  adequate  for  attached  J  Jm.*  hut  not  for  separated  flow. 

General  Comments 

1. inear  theory  along  with  "correction  factors"  will  continue  to  be  the  backbone  of  the  prodix  t  f on 
methods  In  Industry  for  some  t ime  to  come.  Correction  factors  are  usual lv  based  on  steady  wind  tunnel 
experiments  or  steady  flow  calculations  using  finite  element  transonic  theory*  Therefore,  eJ forts  in 
the  areas  of  steady  three-dimensional  transonic  flow  calculation  with  viscous  effects  are  n*  filed  to 
develop  accurate  correction  factors.  Also  efforts  should  be  extended  to  find  out  t  fie  effects  of  frequei  -  v 
on  these  coi feet  ten  factors. 


1 .  SKSS ION  III.  hXl’KK I MI.NTAl.  S TIM) I KS 

Recorder:  Ir  K  I  7'wnan,  Netherlands 

All  papers  in  this  Session  III  reflected  elearly  the  findings  of  a  careful  examination  of  e>.pe  i  i  net:  l  ,i  i 
results.  Ihi  papers  (ontributed  to  the  understanding  of  various  real  flow  el  Jetts  and  nn  lu.b-d  impulse1- 
to  reliable  flow  modeling. 

Day  t  s  discuss*  1  Reynolds  number  effects  in  unsteady  transonic  flow  which  have  been  dealt  w:t!  ratr.ii 
poorly  till  now.  /  1 1  hough  not  surprisingly,  he  concluded  on  the  basis  of  results  for  «on\ent  i«>ual  and 
supercritical  airfoils  with  natural  boundary  layer  transition  that  keynolds  nunb<  i  ellec.  fs  l»  *  ore  (mmc 
in  separated  flow.  I  'Is  contains  the  warning  that  a  strut  Ight  forward  use-  of  wind  funnel  data  mav  !•* 
dangerous  and  empire  *  i  ses  the  need  of  using  properly  chosen  transit  ion  sfr  ips.  I  In  extensive  and  ■-!  ec’-at  i> 
data  base  will  he  made-  available  lor  long  and  will  provide-  tine  opportunities  to  i-ompar  i  sous  with  other 
data. 

presented  in  his  paper  experimental  pressure  distributions  for  an  oscillating  wing-flap 
system  at  low  speeds,  which  showed  almost  unexplained  large  dilN-tetues  with  flat  plat*-  th'-ov  i  iuigi 
mean  flap  angles  and  wing  angles  of  attack.  He  discussed  the  role  of  the  gap  and  the  slot  geometry. 

In  the  light  of  future  active  controls  applications  Korsching's  data  possli.lv  mark  the  beginning  of  mote- 
extensive  studies  covering  theoretical  work  and  higher  speeds  as  well. 

Jlabey  presented  a  very  clear  physical  explanation  of  his  work  on  unsteady  separated  flow  11  .out 
biconvex  airfoils,  concluded  bv  a  fasc  inating  movie.  He  pointed  tec  characteristics  in  f'  oscillating 
shock- Induced  separations  IMaeh  number  upstream  of  the  shock,  frequency  parameter),  which  should  also 
emerge  fn  anv  model ing  of  the  flow.  The  oscillations  seem  most  pronounced  in  symmetric  mean  flow  condi¬ 
tions.  It  would  be  worth  investigating  how  the  instability  develops  for  practical  airfoils.  Possibly 
t  be  fat  a  of  Davis  are  able  r<i  provide  furrier  understanding. 


[)} 


cU^J\)nte  described  an  exj  erimental  study,  the  development  of  a  boundary  layer  under  a  cyclically 
varying  pressure  gradient,  of  which  the  results  show  a  remarkable  lag  in  separation  and  reattachment. 

Also  these  results  appear  suitable  as  test  data  for  theoretical  verification  and  may  be  very  useful  in 
helicopter  blade  flow  studies.  Continuation  of  de  Ponte's  work  deserves  to  be  pursued  with  great  interest. 

4  .  ROUND  TABLF.  DISCUSSION 

Chairman:  Dr  J  J  Olsen,  USA 

The  following  paragraphs  prepared  by  Mr  W  J  Mvkytow  attempt  10  reconstruct  and  assemble  some  of  the 
comments  made  during  the  round  table  discussion. 

Airload  Predictions 

Very  good  progress  lias  been  made  in  the  prediction  of  transonic  unsteady  airloads  tor  unseparated 
t lows  and  weaker  shocks  (some  alrtoils  with  extensive  regions  of  supercritical  flow  are  excepted)  because 
ot  possible  Reynolds  number  effects. 

1 nv i sc  id  Flow 


transonic  small  disturbance  theory  overpredicts  airloads  since  shock  movements  are  too  large.  The 
range  ot  aerodynamic  parameter  linearity  versus  angle  of  attack  increases  with  higher  reduced  frequency 
However,  flutter  is  critical  at  lower  reduced  frequencies.  Invlscld  three-dimensional  methods  should 
soon  be  available.  Transonic  small  disturbance  theory  is  likely  to  yield  in  time  to  the  lull  potential 
met  hod . 

Viscous  F 1 ow 


Viscous  effects  reduce  airloads  and  are  opposite  to  those  from  airfoil  thickness.  These  effects 
decrease  with  increasing  reduced  frequency. 

Predictions  oi  the  correct  locations  and  strengths  of  the  shock  in  tht ot— dimensional  flow  are  an 
essential  prerequisite  for  accurate  transonic  unsteady  airload  estimates. 

Calculations  for  two-dimensional  flow  with  strong  coupling  between  the  outer  invlscld  1  low  and  the 
inner  viscous  flow  show  that  the  shock  strength  and  shock  movements  are  reduced.  These  results  produce 
better  accord  with  experimental  data.  The  viscous  analyses  for  2D  require  four  times  tin*  computer  effort 
tor  inviscid  methods.  The  procedures  appear  to  he  extendable  to  3D  flow. 

Several  comments  were  made  concerning  strong  shock-wave  and  boundary  layer  interactions,  angle  of 
attack  effects  and  separated  flow.  The  practical  applicability  of  available  mathemat ical -phys ical  models 
was  questioned  as  well  as  their  likely  high  costs. 

The  general  conclusion  seemed  to  he  that  no  reliable  methods  exist  and,  therefore,  need  to  be  developed 
based  on  fundamental  theoretical  and  experimental  research.  This  research  is  required  since  cruise 
speeds  of  future  aircraft  may  he  closer  *o  separat  icn  iouniaries.  Also,  transit.  :c  maneuver  ir  g  for 
fighter  aircraft  will  require  operations  at  higher  fixed  and  movable  surface  angles  of  attack. 

Fxper imental  data  show  that  severe  shock-boundary  layer  interactions  produce  shock  motions  opposite 
to  those  expected  (i.o.  forward  shock  motions  for  further  increases  in  incidence  at  lower  frequencies). 
Davis'  paper  discusses  the  balance  between  chordwise  positive  and  negative  pressure  "lobes"  tor  detached 
boundary  layers  and  warns  of  the  potential  effect  of  Reynolds  number  on  this  balance  of  unsteady  airloads. 

Determination  and  simulation  of  the  time  dependent  transition  point  are  important  factors. 

Keattachment  time  scales  since  back  flow  velocities  are  lower. 

Ways  of  adding  viscous  effects  to  F!uler  equation  approaches  should  be  investigated  and  could  prove 
t in i 1 1  ul . 

both  finite  difference  and  integral  methods  for  including  boundary  layer  effects  slum  Id  be  further 
invest  i gated . 

Nav ier-Stokes  approaches  will  be  useful  but  costly.  They  will  not  be  employed  for  flutter  calrula- 
t  ions  in  the  foreseeable  future.  Some  broad  qualltive  agreements  were  shown  for  applications  to  high 
angle,  lower  speed  separated  flow.  Other  comments  made  about  the  utility  of  N-S  approaches  include: 

a.  Fvaiuate  more  economic  methods. 

b.  Identity  physical  phenomena, 

c.  Understand  factors  affecting  separation  under  adverse  pressure  gradients. 

d .  Identify  methods  to  minimize  shock  induced  separations  and  dynamic  instabilities. 

e.  Define  and  guide  experiments  and  equipment  developments. 

Control  Surfaces 


Design  ot  transonic  maneuvering  fighters  and  active  controls  requires  accurate  methods  lor  ptedict  ing 
unsteady  aerodynamic  airloads  on  I.K  and  TF.  controls  at  high  angles  of  attack  or  with  gaps,  slots,  special 
devices,  etc.  These  are  lacking  and  require  development.  experimental  data  at  higher  Reynolds  numbers 
and  Mach  numbers  is  also  a  high  priority  research  task. 

An  evaluation  of  sophisticated  methods  (including  Reynolds  number  averaging  in  Nav 1 er-St ok es  equation 
approaches)  would  be  valuable  to  define  potential  prediction  methods  ami  to  delineate  app 1  i  i al>  i 1  i  l y  of 
less  sophisticated  methods. 

Research  is  required  for  higher  reduced  frequencies  where  phenomena  may  not  be  quas 1  - st rad y . 

Jj^i^^nent^^^ieasrnjjTien^* 

Transonic  unsteady  measurements  have  provided  an  extremely  vnluabl*  foundation  lor  analytical 
invest  igations  and  have  revealed  several  important  pehnomeno 1 og I  cal  behaviors  Including  buzz- l  ike  conditions. 

Resonant  wind  tunnel  id  in  ts  v«  i  «•  noticed  during  (unsteady)  aet  oitvuam  l«  measurements  <»n  a  rigid  model 
and  were  reduced  with  acoustic  linings. 

Reference  was  mad#’  to  calculations  whi«b  show  that  the  presence  ot  viscous  i  l  1  e«  t  s  is  necessary  for 
the  incurrence  ot  severe  oscillating  slunk -wake  i  nt et ai  t  1 nns .  (  See  «  ornment  s  bv  Mr  /vnatt  on  Mabev's 
paper  above). 


LM 


Wall  effects  at  transonic  speeds  are  not  well  known  even  for  transonic  steady  flow.  Even  more 
severe  difficulties  exist  in  defining  wall  conditions  and  impedances  for  transonic  unsteady  flow.  'Jests, 
if  practical,  under  conditions  where  wall  effects  are  measurable,  calculable,  or  minimized  could  be 
useful . 

Additional  experimental  information  is  required  for: 

a.  Higher  Reynolds  numbers. 

b.  Control  surfaces. 

c.  Strong  shock- boundary  layer  interactions  and  detached  flows. 

d.  Practical  3D  planforms. 

e.  Plunge  motions. 

f.  Fundamental  measurements  via  laser  techniques  on  unsteady  boundary  layers,  transition  points, 
wakes,  etc. 

General 


Further  aircraft  flutter  applications  are  required  to  define  the  full  stability  boundary  versus  Mach 
number.  Methods  should  be  extended  to  cover  the  supersonic  side  ol  the  boundary  (including  subsonic 
edges) . 

Design  time  limitations  and  costs  of  parameter  variations  will  require  development  ot  dependable  bur 
economic  transonic  unsteady  airload  prediction  methods  for  industrial  use  by  the  flutter  engineer. 

Simpler  phenomenological  modeling  of  the  viscous  flow  such  as  decamber irg  and  moving  wedge-nosed  ramps, 
etc  should  be  valuable.  Guideline  recommendations  from  unsteady  aerodynamic  research  scientists  an* 
welcome. 

More  extensive  applications  of  unsteady  aerodynamic  methods  in  transonic  flutter  safety  evaluations 
would  also  be  most  welcome.  Results  showing  the  effects  from  parameter  variations  which  tans*  m<t  i>  <-<i!h 
nonlinearities  would  provide  useful  guidance.  Garner's  paper  was  well  received  and  shows  a  small  e!t«,t 
from  Reynolds  number  but  a  large  effect  from  angle  of  attack  variations. 

Comparison  of  calculated  results  with  measured  model  data  (and/or  flight  data)  art-  rate  in  cat*  and 
much  more  are  needed.  Such  comparisons  should  include  frequencies,  amplitude  ratios  and  phases  as  v«  11 
as  velocity  (Mach  number,  dynamic  pressure).  Discussion  of  causes  of  discrepancies  would  be  useful. 

Measurement  of  oscillating  pressures  on  flutter  models  was  recommended  several  times. 

Pending  accomplishment  of  some  of  the  above  developments,  it  was  thought  that  Mutter  engineers 
would  use  the  simplest  analysis  model  (such  as  transonic  small  disturbance  theory  with  simple  houndai \ 
layer  corrections,  strip  methods  modified  by  2D  or  3D  theory  and  measured  data)  in  immediate  intuit 
applications.  Again,  good  definition  of  the  steady  flow  field  and  shock  characteristics  was 
reemphasized . 


5.  SUMMARY  COMMENTS 

The  AG ARP  SMI  standard  configurations  should  be  employed  in  experimental  a no  analytical  investigations 
in  so  far  as  is  practical.  This  will  provide  a  valuable  exchange  ot  information  and  will  accelerate  t  In- 
state-of-the-art  . 

The  subject  matter  presented  at  this  Specialist’s  meeting  at  first  glance  seems  quite  varied  and 
even  diverse.  However,  further  evaluations  will  reveal  many  common  threads  and  concerns,  as  well  as 
different  approaches  and  limitations. 

The  ensemble  of  papers  certainly  demonstrates  the  tremendous  progress  in  the  last  lew  years  made 
possible  by  more  powerful  computers,  numerical  analysis  methods,  special  algorithms,  individual  inter¬ 
pretations  of  physical  phenomena  and  the  computer  graphics  display  of  physical  flow  characteristics. 

Transonic  unsteady  pressure  measurements  in  free  flight  may  be  economically  feasible  as  pick-a-back 
measurements  during  extensive  steady  flow  measurements  on  aircraft.  Valuable  information  on  Reynolds 
number  and  (lack  of)  wall  effects  could  be  revealed. 

A  brief  resume  or  updated  listing  of  wind  tunnel  and  flight  observed  bending,  torsional,  control 
surface,  and  aerodynamic  (rigid  airfoil)  buzz  could  be  \  useful  scienlilic  and  industrial  reference. 

Flutter  characteristics  must  be  predicted  withii  all  traction  ot  spec i t icat ion  flight  safety 

margins.  The  challenge  fo»  '.evelopment  of  an  econor  J  rapid  met'od  foi  accurate  prediction  ot 

transonic  unsteady  airloads  in  industrial  app1  ■  it  *.  relore  st  i  . 1  exists.  However,  much  progress 
has  been  accomplished  In  the  last  tew  years.  . jll>.  Is  objective  will  be  achieved  in  the  near 
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1 4.  Abstract 


The  Meeting  presented  a  survey  of  recent  progress  in  the  theoretical  and  experimental 
analysis  of  unsteady  behaviour  of  the  boundary  layer.  These  improvements  were  presented 
as  possible  future  tools  for  the  introduction  of  viscous  effects  in  classical  aeroelaslk 
applications.  Some  papers  also  dealt  with  actual  means  for  coupling  inviscid  and  viscous 
How,  and  for  deriving  relatively  simple  models. 
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